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FOREWORD 

This  is  the  final  report  of  a Phase  A Study  of  Alternate  Space  Shuttle 
Concepts  Toy  the  Lockheed  Missiles  Ss  Space  Company  (LJ©C)  for  the  National 
Aeronautics  and  Space  Administration  George  C.  Marshall  Space  Flight  Center 
(MSFC).  The  eleven-month  study,  which  began  on  30  is  "to  examine 

the  stage-and- one-half  and  other  Space  Shuttle  configurations  and  to  establish 
feasibility,  performance,  cost,  and  schedules  for  the  selected  concepts* 

This  final  report  consists  of  four  volumes  as  follows;  • 

Volvime  I — Executive  Summary 

Volume  II  — Concept  Analysis  and  Definition 

Volume  III  “ Program  Planning  Data 

Volume  IV  - Cost  Data 
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Section  1 

INTRODUCTION  AND  SUMMAEI 


1 .1  BACKGROUND 

This  is  Volume  II  of  the  final  report  on  Lockheed’s  Phase  A Study  of  Alternate 
Space  Shuttle  Concepts.  The  eleven-month  study,  which  began  on  30  Jtane  1970, 
was  initially  to  study  stage-and-one-half  concepts  and  arrive  at  one  or  more 
preferred  configurations  for  the  low  and  high  crossrange  requirements  ( 200  and 
1500  nautical  miles). 

At  the  fourth  month  of  the  study,  a preferred,  lifting-body  configuration  for 
both  crossrange  requirements  was  selected  by  LMSC  and  approved  by  NASA  for 
further  design  emd  analysis.  Then,  at  the  end  of  the  sixth  month  of  the  study, 
NASA  directed  tlmt  the  remaining  effort  be  allied  to  three  specific  tasks; 

(l)  Droptank  Impact  and  Dispersion,  (2)  Growth  to  Two-Stage,  and  (3)  Con- 
tinuation of  Stage -and -One -Half  System  Analysis.  The  second  of  these  tasks. 
Conversion  to  Two-Stage,  involved  the  study  of  a stage-and-one-half  system 
which  could  subsequently  be  converted  to  a two -stage,  fully  reusable  system. 

Three  different  space  shuttle  systems  have  been  defined  and  analyzed  as  a re- 
sult of  this  strdy.  The  first  is  a stage-and-one-half  system  optimized  to  meet 
program  requirements.  The  se^'ond  is  a two-stage,  fully  reusable  system  also 
designed  to  meet  program  requx.*ements.  The  third  is  a convertible  system 
which  operates  initially  as  a stage-and-one-half  system  and  is  subsequently 
converted  to  a two-stage,  ftilly  reusable  system  by  reconfiguration  of  the 
orbitor  vehicle  and  development  of  a booster  vehicle.  The  design  and  perform- 
ance of  this  third  system  must  necessarily  be  compromised  somewhat  to  facilitate 
the  conversion.  The  body  of  this  report  treats  each  of  these  three  ^sterns  in 
order.  For  each  ajra tern,  the  applicable  req;ilrements,  groundrules  and  assumptions 
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are  defined.  Then  the  characteristics  of  that  system  are  listed  and  a detailed 
description  and  analysis  of  the  system  is  presented.  Finally,  a cost  analysis 
for  the  system  is,  shown.  At  the  back  of  this  volume  and  in  each  of  the  other 

jf 

volumes  of  this  report  is  a foldout  Design  Evolution  Diagram  which  de|)icts  the 
various  configurations  evolved  during  the  study  and  their  differences  and 
relationships  to  the  study.  It  is  suggested  that  the  reader  unfold  this  chart 
for  easy  reference  while  studying  the  report. 

During  the  seventh  month  of  the  study,  NASA  made  significant  changes  In  some  of 
the  Level  1 Space  Shuttle  requirements  which  forced  a redesign  of  the  systems. 
The  most  important  of  these  changes  Include : ( 1 } the  change  from  the  41 5K  lb 
to  the  550K  lb  thrust  main  engine,  (2)  the  change  from  the  high  and  low  cross- 
range requirement  to  a single,  1100  nm  crossrange  reqidrement,  (3)  the  addi- 
tion of  a due  east  launch,  65K  payload  mission  and  a south  polar  launch,  40K 
payload  mission,  and  (4)  the  use  of  JP-4.  instead  of  LH2  fuel  for  tl:^  air- 
breathing  engines.  Each  of  the  three  systems  presented  In  this  report  meets 
the  new  Lex's!  1 requiirements.  In  the  stag«s-and-one-half  system  section,  an 
additional  configuration,  the  LS  200-5,  Is  presented  which  meets  the  Space 
Shuttle  requirements  as  defined  at  the  beginning  of  the  study. 

Late  in  the  ninth  month  of  the  study,  another  task  was  added  which  extended  the 
contract  period  for  one  more  month  to  the  end  of  June  1971.  This  additional 
task  is  for  the  study  of  external  liquid  hydrogen  tanks  for  a two-stage  space 
shuttle  orbiter.  Since  this  new  task  is  quite  independent  of  the  other  por- 
tions of  the  study,  it  will  be  covered  in  a separate,  addendum  report  to  be 
delivered  at  the  end  of  the  study  and  will  not  be  treatedln  this  report. 

1.2  STUDY  RESULTS 

A comprehensive  summary  of  the  results  of  the  study  is  included  in  Volume  I, 
Executive  Summary,  of  the  report.  That  document  also  presents  the  Lockheed 
conclusions  and  recommendations  resulting  from  the  study.  A brief  summary  of 
the  study  results,  shoxflng  the  system  conflgiumtions  and  comparing  their 
performance  and  costs  is  presented  here. 
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D\jring  the  first  three  months  of  the  study,  a comprehensive  analysis  and  trade- 
off stidy  was  performed  to  derive  the  best  stage-and-one-half  system  in  terms 
of  performance  and  cost.  This  study  examined  straight  wing,  delta  wing,  and 
delta  body  configurations  for  both  the  low  and  high  crossrange  application. 

The  study  showed  that  the  delta  body  configuration  was  svqperior  to  all  others 
examined  from  the  standpoint  of  weight,  aerodynamic  performance,  and  cost. 

It  was  shown  to  be  superior  for  both  the  low  and  the  high  crossrange  application. 

The  lifting  body  configuration  was  further  refined  during  the  ensuing  two 
months  awd  a recommended  configuration,  the  LS  200-5,  was  presented  at  the 
midterm  review  on  1 Dec.  This  configviration  is  shown  in  Fig.  1.2-1.  Fig- 
iire  1.2-2  Is  an  inboard  profile  of  the  LS  200-5  orblter  vehicle.  A summary 
weight  statement  for  this  configuration  (as  of  1 Dec  1970)  is  shown  in 
Table  1.2-1.  Table  1.2-1  shows  a 27,115  lb  payload  capability  to  the 
reference  high  crossrange  mission  (against  a 25,000  lb  requirement)  for 
a gross  liftoff  weight  of  3.52  million  lb.  The  same  vehicle  to  the  low 
crossrange  mission  has  a payload  capability  of 

In  support  of  the  vehicle  system  design  during  the  first  five  months  of  the 
study,  a number  of  trade  studies  and  analyses  were  performed;  These  included 
' the  following: 

1 . A comparison  of  droptank  configurations  showed  the  V-shaped  tank 
configuration  to  be  lowest  in  weight. 

2.  A comparison  of  upward  rotation  vs  downwaii*d  rotation  of  the  droptanks 
for  separation  showed  upward  rotation  to  be  lower  in  system  weight. 

3.  A detailed  study  of  expendable  vs  recoverable  droptanks  showed  the 
expendable  tanks  to  be  more  cost  effective. 

4*  A comparison  of  internal  vs  external  1^2  llii®s  from  the  droptanks  to 
the  vehicle  showed  the  internal  lines  to  be  more  cost  effective. 

5.  A comparison  of  active  vs  passive  TPS  and  metallic  vs  nonmetallic  TPS 
showed  the  passive,  nonmetallic  ^stem  to  be  lower  risk  and  lower 
cost. 
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LS  200-5  ORBITER  INBOARD  PROFILE 
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Table  1.2-1 


MSSS^  ” * ® ” CROSS  r a n g e w e I g h t 

SUMMARY 

(LS  200-5) 

ORBIT  ER 

DROP  TANK 

WEIGHT 

V/EIGHT 

TOTAL 

SUBSYSTEM 

(LB) 

(LB) 

(LB) 

AEROSURFACES  STRUaURE 

17,897 

•'BODY  STRUCTURE 

52,745 

83,198 

THERMAL  PROTEaiON  . 

40,860 

4,058 

LANDING  GEAR 

11,154 

PROPULSION -MAIN  ASCENT 

87,223 

5,729 

PROPULSION -AIRBREATHING 

16,550 

PROPULSION -MAN EUVEIV'ACPS 

7,292 

PRIME  POWER  SOURCES 

1,620 

ELECTRICAL  SYSTEM 

3,704 

HYDRAULICS 

2,073 

SURFACE  CONTROLS 

3,810 

AVIONICS 

3,762 

301 

ENVIRONMENTAL  CONTROL 

1,274 

PERSONNEL  PROVISIONS 

210 

CONTINGENCY  (10  PERCENT  LESS  ICD  ENG) 

19,253 

9,329 

WEIGHT 

269,427 

I02,6I5| 

PERSONNEL  AND  EFFECTS 

725 

(payload 

27,115  1 

RESERVES,  RESIDUALS,  AND  LOSSES 

20,517 

8,612 

PROPELLANT -ASCENT 

191,700 

2,859,637 

PROPELLANT  -AIRBREATING 

3,477 

PROPELLANT  -MANEUVEiV'ACPS 

36,175 

[launch  WEIGHT 

549,136 

2,970,864 

3, 520, 000 1 

♦ INCLUDES  1200  LB  PENALTY  FOR  70K  PAYLOAD  CAPABILITY 
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6.  A comparison  of  alumlntm  vs  cdl-tltanim  fuselags  structure  showed 
that  most  of  the  fuselage  shovild  be  of  alumimoD  for  lowest  system 
weight. 

7.  A comparison  of  helium  vs  autogenous  propellant  tank  pi^ssurlsation 
systems  showed  the  autogenous  system  to  be  more  cost  effective. 

8.  A comparison  of  cascade  vs  parallel  (or  manifolded)  propellant  feed 
systems  showed  that  cascade  feed  of  the  LO2  ^<3'  manifolded  feed  of 
the  LH2  was  lowest  in  weight. 

9.  A couqparison  of  JP  vs  LH2  fuel  for  the  airbreathing  propulsion  system 
showed  LH2  ^ provide  a lower  program  cost. 

10.  A comparison  of  steel,  aluminum,  titanium,  and  beryllium  for  the 
thrust  structure  showed  titemium  to  be  best  from  a weight  and  risk 
standpoint. 

11.  A comparison  of  ACPS  thrusters  use  vs  BL-10  engines  for  orbit 
maneuvers  showed  the  RL-lO's  to  be  lower  in  system  weight. 

12.  Attitude  control  propulsion  system  (ACPS)  stvdles  examined  thruster 
size,  number,  and  locations;  valve  types;  propellant  presstire;  pro- 
pellant storage  and  feed  systems;  and  redundancy  analyses.  The  study 
showed  that  a high-press\ire  gas  system  was  lower  in  system  weight  than 
a low-pressure  system. 

13.  Electrical  power  system  (EPS)  stxdies  examined  fuel  cell,  APU,  and 
alrbxeather  engine-driven  power  sources;  power  conversion  and  power 
inversion  systems;  aluminum  vs  copper  power  distribution  busses;  euid 
redundancy  analyses. 

14.  Primary  engine  gimballing  studies  showed  that  only  five  of  the  eleven 
Tn«^rl  engines  needed  to  be  glmballed  (^  7 deg)  and  the  remaining  six 
could  be  fixed. 

15.  Preliminary  engine  expansion  ratio  studies  showed  that  the  engines  could 
ittlllze  a 53:1  expansion  ratio  fixed  nozzle  for  best  performance  and  for 
preventing  plume  inpingement  on  aft  surfaces.  The  IGD  engine  at  35:1 
expansion  ratio  had  been  optimized  for  booster  performance. 
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16.  Hydraulic  power  system  studies  showed  that  the  iise  of  vehlcle-siq)plled 
hydraulic  power  for  engine  glmballlng  and  for  aerodynamic  control 
surface  acttiatlon  was  lower  In  weight  than  having  hydraiillc  pumps  on 
the  main  engines  for  glmbal  actuation. 

17.  Avionics  system  stiidles  showed  that  a combination  of  centralized  and 
dedicated  data  processing  equipment  provided  the  most  viable  vehicle 
data  management  system. 

18.  A ground  operation  anedysis  was  performed  to  deidve  facility  and 
operations  costs  associated  with  operation  from  KSC,  UTR,  and  from 
a new.  Inland  site.  For  the  445  flight  mission  model,  modification 
of  KSC  facilities  provided  the  lowest  program  cost. 

19<  A comparison  of  costs  associated  with  manufacturing  the  droptanks  at 
the  Mlchoud  facilities  and  shipping  them  by  barge  to  KSC  vs  building 
a facility  to  manufactxire  them  at  KSC,  showed  that  using  the  Mlchoud 
facility  provided  a lovrer  program  cost. 

< 

Most  of  these  trade  studies  as  well  as  many  others  conducted  under  the  study, 
are  documented  In  detail  In  the  monthly  progress  reports  furnished  under  the 
contract  and  will  not  be  detedled  In  this  report.  A total  of  2862  pages  of 
documentation  are  inclvided  In  the  nine  monthly  progress  reports  delivered  to 
date.  In  addition,  approximately  1800  presentation  charts  used  in  the  nine 
monthly  program  reviews  have  been  delivered  to  NASA  MSFC. 

Work  on  the  study  since  the  redirection  in  January,  1971,  has  restilted  in  the 
derivation  of  three  space  shuttle  systems,  all  meeting  the  20  January,  Level  1 
system  requirements.  These  systems  are  a conventional  stage-and-one-half  system 
derived  from  the  LS  200-5,  a conventional  two-stage  system,  and  a stage-and- 
one-half  system  which  can  be  converted  to  a two-stage  system. 

The  stage-and-one-half  system,  designated  LS  200-10,  is  shown  in  Fig.  1.2-3. 

A more  detailed  three-vLev  dravdng  of  the  orblter  Is  shown  in  Fig.  1.2-4, 

Table  1.2-2  summarizes  the  major  weight  and  performance  values  for  the  LS  200-10 
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Table  1.2-2 

LS  200-10  FBRFOEMANCE  SUMMARY 


1 

MISSION 

PARAMETER 

DUE  EAST 
LAUNCH 
100  SM 

SOUTH  POLAR 
UUNCH 
TOO  NM 

55  DEG  INCL. 
270  NM 
ORBIT 

PAYLOAD  - (10^  LB) 

65 

40 

25 

GLOW  - (10^  13’/ 

3.45 

3.59 

3.81 

ORBITER  DRY  WEIGHT  (10^  LB) 

270 

270 

294 

DROPTANKS  DRY  WEIGHT  (10^  LB) 

112 

112 

ORBITER  LAUNCH  WEIGHT  (10^  LB) 

614 

588 

630 

ON-ORBIT  4V  (FT/SBC) 

650 

650 

1500 

STAGING  VELOCITY  (IDEAL)  (FT/SEC) 

22034 

23107 

23107 

AIRBREATHING  SYSTEM  WT  (10^  LB) 

0 

0 

30.1 

LANDING  WEIGHT  W/O  PAYLOAD. 

(10-^  LB) 

274.4 

274.4 

300.4 

Table  1.2-2 
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for  the  new  design  mission  and  for  the  two  reference  missions.  As  shown  In 
the  table,  the  55“  inclined  orbit  mission,  with  the  25,000  lb  payload  and  go- 
arotuad  capability,  sizes  the  system.  It  has  excess  capability  for  the  other 
two  missions,  hence  the  droptanks  are  offloaded  and  the  GIOW  is  correspondingly 
reduced  as  shown  in  the  QJable. 

The  two-stage  system,  designated  LS  400-7A  is  shown  in  Fig.  1.2-5.  It  com- 
prises a delta  body  orbiter  and  a booster  design  based  on  the  McDonnell  Douglas 
booster  as  reported  in  March  1971  documents.  No  booster  design  effort  has  been 
applied  to  the  stvidy.  The  McDonnell  Douglas  booster  was  simply  scaled  to  the 
required  size.  Figure  1.2-6  is  a three-view  of  the  LS  400-7A  orbiter.  Table 
1.2-3  summarizes  the  performance  and  weights  for  the  two-stage > LS  400-7A 
system.  Here  the  system  is  sized  by  the  south  polar  launch,  4QK  payload  mis- 
sion} particularly  by  the  requirement  to  abort  to  orbit  with  one  engine  out. 

It  should  be  noted  that  the  system  shown  here  is  not  fully  optimized.  A true 
optimization  would  involve  scaling  both  the  orbiter  and  the  booster  down  in 
size  to  produce  the  lowest  waight  or  lowest  cost  system. 

The  convertible  stage-and-one-half  orbiter  is  shown  in  Fig.  1.2-7.  As  a stage- 
and-one-half  system,  it  employs  nine  primary  engines  and  for  the  two-stage 
system  the  engines,  propellant  tanks,  and  thrust  structxxre  are  unplaced  as 
shown  in  the  figure.  Table  1.2-4  shows  the  performance  of  the  system  in  both 
the  stage-and-one-half  and  two-stage  configtorations.  The  performance  of  these 
convertible  system  configurations  is  not  directly  comparable  with  the  baseline 
systems  shown  above  because  there  was  an  additloneil  design  iteration  in  the 
baseline  systems,  reflecting  more  refined  requirements,  structures,  and  weights 
analyses.  However,  the  conclusions  drawn  from  the  study  regarding  the  con- 
vertible system  are  still  valid. 

Cost  models  for  the  stage-and-one-half  system,  the  two-stage  system,  and  the 
convertible  system  were  developed  in  the  study  and  applied  to  the  derived  systems. 
The  cost  analyses  are  based  on  the  costing  assumptions  shown  in  Table  1.2-5. 

A comparison  of  costs  for  development  pltis  the  445  flight,  ten-year  operational 
program  for  the  stage-and-one-ha]^  system  and  the  two-stage  system  is  shown  in 
Table  1.2-6.  The  stage-and-one-half  system  totals  $8  billion  and  the  two-stage 
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Table  1.2-3 


LS  400-7A  PERFOBMANCE  SUMMARY 


Mission 

Parameter 

Due  East 
Launch 
100  NM 

South  Polar 
Launch 
lOONM 

55  Deg.  Incl. 
270  NM 
ORBIT 

^^PAYLOAD  (10^  LB) 

79.6  (65) 

40  (40) 

36  (25) 

glow  - (10^  LB) 

4.14 

4.12 

4.13 

ORBITER  DRY  WEIGHT  (10^  LB) 

188 

188 

206 

BOOSTER  UUNCH  WEIGHT 
(103  LB) 

3287 

3292 

3289 

ORBITER.LAUNCH  WEIGHT 
(10^  LB) 

857 

831 

832 

ON-ORBIT  A V (FT/SEC) 

1859 

2114 

1500 

STAGING  VELOOCTY  REL. 
(FT/SEC) 

14649 

15689 

15644 

AIRBREATHING  SYSTEM  WT. 
(103  LB) 

0 

0 

24.6 

LANDING  WEIGHT  W/O 
PAYLOAD  (103  LB) 

194 

193 

212 

* Performance  capabilityj  the  mission  requirement  is  shown  in 
parentheses. 

^ This  Glow  could  be  reduced  by  off  loading  the  booster  propellant 
tcitikit  for  those  missions  where  the  capability  exceeds  the 
requirement. 
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Table  1.2-4 

CONVERTIBLE  SYSTEM  PERFORMANCE  SUMMARY 


Mission 

Due  East 
Launch 
100  NM 

South  P 
Launc] 
100  Nl 

olar 

h 

VI 

55  Deg  : 
270  ] 
ORB 

[ncl. 

[T 

ConilguD^tion 

1^-Stage 

2-Stage 

1-^Stage 

2-Stage 

Ij-Stage 

2-Stage 

Payload  (lO'’  LB) 

84.6 

74.5 

39.0 

42.8 

13.5 

25 

GLOW  (10^  LB) 

3.82 

4.21 

3.82 

4.21 

3.82 

4.21 

Orbiter  Dry  Wt 
(1(^  LB) 

280 

200 

280 

200 

300 

212 

Dr optank/Boo  ster 
Dry  Wt  (103lb) 

122.8 

493.5 

122.8 

493.5 

122.8 

493.5 

Orbiter  Launch  Wt 
(103  LB) 

655 

870 

620 

838 

628 

844 

On-Orbit  AV 
(FT/SEC) 

650 

1000 

650 

1000 

1500 

1500 

Staging  Velocity 
Rel  (FT/SEC) 

17500 

9000 

18000 

9400 

17900 

9380 

Airbreathing  Systen 
Wt  (103  LB) 

i 

0 

0 

0 

0 

33 

24 

Landing  Weight  W/O 
Payload  (103  LB) 

286 

206 

286 

206 

306.5 

218 

Table  1.2-4 
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Table  1.2-5 

KEY  CO  S T i N G AS  S UM  P T 1 0 NS 


I-I/2-B 

2-B 

I-I/2-C 

2-C  1 

DDT&E 

NUMBER  OF  EQUIVALENT  GROUND  TEST  ORBITERS 

2 

2 

2 

1 

NUMBER  OF  EQUIVALENT  GROUND  TEST  BOOSTERS 

- 

2 

- 

2 

NUMBER  OF  FLIGHf  TEST  ORBITERS 

3 

3 

2 

3 

NUMBER  OF  FLIGHT  TEST  BOOSTERS 

- 

3 

* 

3 

NUMBER  OF  SETS  OF  TEST  DROPTANKS 

3 

- 

3 

- 

SPARES  FACTOR  FOR  TEST  HARDWARE 

15% 

15% 

15% 

15% 

NUMBER  OF  OPERATIONAL  FACILITIES 

1 

1 

RECURRING 

FLIGHT  TEST  ORBITERS  USED  FOR  OPERATIONS 

3 

3 

2 

3 

FLIGHT  TEST  BOOSTERS  USED  FOR  OPERATIONS 

- 

3 

3 

NUMBER  OF  OPERATIONAL  FLI GHTS 

445 

445 

♦ 445- 

0-3 

NUMBER  OF  PRODUCTION  ORBITERS 

3 

3 

(oT 

NUMBER  OF  PRODUCTION  BOOSTERS 

- 

1 

- 

1 

NUMBER  OF  ORBITERS  CONVERTED 

— 

[FT 

LEARNING  ON  TURNAROUND  OPERATIONS 

90% 

90% 

90% 

90% 

GENERAL 

COSTS  EXCLUDE  NASA  IN-HOUSE  SUPPORT 
COSTS  EXCLUDE  CONTRACTOR  FEE 

■ 

COSTS  IN  1970  DOLLARS 

^ ' 

, , I I DEPENDENT  UPON  BOOSTER  PHASING 
D02lil6  (1)  ' » 
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Table  1.2-6 

SPACE  SHUTTLE  TOTAL  PROGRAM  COST  COMPARISON 


STAGE-AND-ONE- 
HALF  SYSTEM 

TWO-STAGE 

SYSTEM 

DDT&E 

I4.3SB 

I6.73B 

PRODUCTION 

0.49 

0.56 

OPERATIONS 

1.27 

1.73 

DROPTANKS 

1.89 

- 

TOTAL 

I8.03B 

$9.02B 

PEAK  ANNUAL  FUNDING 

H.16B 

I1.82B 

FIRST  MANNED  ORBITAL  FLIGHT 

4/78 

4/78 

Table  1.2-6 
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system,  $9  billion.  The  peak  annual  funding  for  the  stage-and-one-half 
system  is  $1.16  billion  and  for  the  two-stage  system  It  is  $1.82  billion. 

The  lover  cost  of  the  stage-^and-one— half  system  results  principally  from  the 
lower  RDT&E  cost  associated  with  the  development  of  only  one  complex  vehicle 
rather  than  two.  If  the  traffic  model  is  less  than  445  flights,  the  saving 
afforded  by  the  stage-and-one-half  system  is  even  greater. 

Toted,  program  costs  for  the  convertible  system  depend  upon  the  date  of  the 
conversion.  An  analysis  was  made  to  define  a program  which  gave  a first 
manned  orbital  flight  (IMOF)  date  for  the  stage-and-one-half  system  of  April 
1978,  and  which  reduced  the  peak  annual  funding  to  levels  more  acceptable 
than  those  of  the  pure  two-stage.  The  analysis  showed  that  a delay  of  four 
years  between  5M0F  of  the  stage-and-one-half  system  and  IMOF  of  the  two-stage 
conversion  came  closest  to  meeting  the  requirements.  The  total  program 
cost  for  this  conversion  system  was  shown  to  be  $11.0  B and  the  peak  wtiwuhT 
funding  is  $1.29  B.  The  cumulative  costs  vs  time  for  all  three  systems  are 
shown  in  Fig.  1.2—8  and  the  annual  funding  by  year  for  all  three  systems  is 
Shown  in  Fig.  1.2-9. 

Under  Task  1 , Droptank  Impact  and  Dispersion,  a detailed  analysis  of  droptank 
reentry  dynamics,  heating,  and  dispersions  was  performed.  The  analysis  showed 
that  the  addition  of  about  2,500  lb  of  insulation  to  the  stage-and-one-half 
system  droptanks  wo\iLd  assure  their  intact  reentry.  An  analysis  of  ship  and 
iircraft  traffic  in  the  1980  time  period  showed  that  the  probability  of  the 
droptanks  impacting  a ship  or  aircraft  on  a single  launch  varied  between  one 
chance  in  ten— million  and  one  in  one-hundred— thousand,  depending  upon  the 
launch  site  cuid  launch  azimuth.  The  system  can  assure  open  ocean  impact  of 
the  droptanks  for  essentially  all  launch  azimuths  and  for  all  orbit  inclina- 
tions for  launches  from  KSC,  WTR,  or  from  the  site. 

The  results  of  the  wind  tunnel  tests  on  the  delta  body  orbiter  configuration 
shoved  that  the  vehicle  exhibits  neutral  or  better  longitudinal  and  directional 
stability  sxibsonically  and  fagrpersonlcally  for  all  reqtiired  flight  attitudes. 
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OVERALL  CUMULATIVE  COST  COMPARISON 
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Also,  the  subsonic  and  hypersonic  maximum  lift-to-drag  ratios  are  5.8  and  1.7, 
respectively;  equaling  or  bettering  the  predicted  values.  The  wind  tunnel  data 
were  obtained  on  the  LS  200-5  stage -and -one -half  orbiter  configuration.  The 
data  are  essentially  applicable  to  the  LS  200-10  stage -and -one -half  configuration 
and  the  performance  could  be  improved  somewhat  for  the  LS  400-7A,  two -stage 
orbiter. 

1.3  STUDY  CONCLUSIONS  AND  RECOMMENDATIONS 

The  principal  conclusions  derived  from  the  scxidy  are  as  follows: 

1.  The  best  stage-and-one-half  Space  Shuttle  configuration  comprises 
a lifting  body  orbiter  \d.th  expendable,  V-shaped  droptanks. 

2.  The  stage-and-one-half  system  is  feasible  and,  with  a gross  system 
liftoff  weight  of  3.82  million  lb,  can  meet  all  of  the  space  shuttle 
system  requirements  for  a total  program  cost  of  $8  billion  and  within 
an  anniial  funding  limitation  of  $1.16  billion.  It  provides  a cost 
savings  of  f 1 billion  over  the  two-stage  system  and  saves  even  more 
if  the  traffic  model  is  less  than  445  flights. 

3.  The  risk  of  imp^acting  land,  ships,  or  aircraft  with  the  stage-and- 
one-half  system  droptanks  is  acceptably  low,  the  safety  being  better 
than  that  for  commercial  airlines  on  a per-flight  basis. 

4*  A two-stage  Space  Shuttle  based  on  the  Lockheed  lifting  body  orbiter 
configuration  can  meet  all  system  req^drements  for  a gross  liftoff 
weight  of  4^13  million  lb.  The  total  program  cost  for  this  two-stage 
system  is  $9  billion  and  the  peak  annual  funding  is'  $1.82  billion  for 
a IMOF  date  of  April  1978. 

5.  A convertible  system  which  flies  as  a stage-and-one-half  sys'tem 
s-tarting  in  April  1978  and  as  a two-stage  system  in  July  1982  is 
feasible  at  a ~total  program  cost  of  $11.0  billion.  The  peak 
annual  funding  for  the  convertible  system  is  $1,29  billion. 
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The  principal  Lockheed  reoomnendations  derived  from  the  study  are: 

1.  The  orbiter  for  either  the  two-stage  or  the  stage-and-one-half 
system  shovdd  be  a delta  (lifting)  body  configuration. 

2.  Development  of  the  stage-and-one-half  ^stem  is  recommended  on  the 
basis  of  lover  development  cost,  lover  total  cost,  lover  peak  fuxiding, 
and  better  performance. 

If  the  tvo-stage  system  is  pursued,  the  primary  engine  thrust  level 
should  be  reduced  to  the  400  to  450K  range  so  that  three  engines  can 
be  used  on  the  orbiter  to  ease  the  engine-out,  abort-to-abort  re- 
quirement. The  resulting  added  complexity  of  a few  more  engines  on 
the  booster  is  more  than  offset  by  the  lower  total  system  size. 

4.  For  either  a two-stage  or  a stage-and-one-half  system,  the  airbreath- 
ing engines  should  use  LHg  fuel  because  of  the  resulting  lower  total 
qystem  size  and  lower  cost.  In  the  rare  cases  of  alternate  site 
landings  by  either  the  booster  or  the  orbiter,  LHg  can  easily  be 
trucked  to  the  vehicle  for  refueling  along  with  other  GSE  which  is 
needed  in  any  case.  In  addition,  the  use  of  LH2  fuel  permits  abort 
from  staging  by  either  system,  for  the  orbiter  LHg  can  be  used  by 
the  airbreathing  engines  to  fly  to  a ismiingr  site . 
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Section  2 

THE  STAGE-AND-OKE-HALF  SYSTEM 

A stage -and-one-half  system  consists  of  a reusable  orbit er  vehicle  and  expen- 
dable droptanks . The  orbiter  vehicle  includes  all  of  the  engines  and  subsys- 
tems. The  droptanks  carry  only  a portion  of  the  ascent  propellant  and  are 
staged  during  ascent.  If  the  droptanks  are  designed  to  be  simple  and  effi- 
cient as  propellant  carriers , the  system  can  exhibit  a lower  gross  liftoff 
wei^t  than  a two-stage  system  and  a considerably  lower  total  dry  wei^t,  since 
only  one  vehicle  is  required.  Therefore,  the  development  cost  of  the  stage- 
and-one-half  system  is  considerably  lower  than  that  of  the  two-stage  system. 
Operational  costs  for  the  stage -and-one-half  system  are  higher  than  those  for 
the  two-stage  system  because  of  the  ex5>endable  droptanks . Consequently,  the 
answer  to  which  of  the  systems  provides  the  lowest  total  program  cost  depends 
upon  the  total  nximber  of  launches  in  the  program. 

Lockheed  has  been  studying  space  shuttle  systems  continuously  under  company 
funding  for  more  than  five  years  and  luider  government  contracts  for  more  than 
three  years.  Most  of  this  work  has  been  on  the  stage -and -one-half  system. 

At  the  outset  of  the  ACS  study,  a design  analysis  of  various  orbiter  configu- 
rations was  made  to  derive  the  best  configuration  for  the  stage-and-one-half 
systems.  Configurations  studied  included  high  and  low  straight  wings,  delta 
wings,  swept  wings,  canards , and  lifting  body  configurations . The  analysis, 
documented  in  the  first  three  monthly  reports  of  the  study,  showed  that  the 
lifting  body  orbiter  configuration  was  best  for  both  the  hi^  and  low  cross- 
range  applications.  It  provides  a lower  system  weight,  better  overall  aero- 
dynamic performance*  more  predictable  aerothermodyiiamic  characteristics,  and 
a lower  total  program  cost  than  any  of  the  other  configurations  studied.  The 
principal  reasons  for  the  superiority  of  the  lifting  body  orbiter  are:  (l) 

the  lifting  body  provides  a large  base  area  for  mounting  the  latrge  complement 
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of  primary  engines  required  by  the  stage-and -one-half  orbiter,  (2)  the  lifting 
body  has  the  best  volumetric  efficiency  in  terms  of  usable  volume  per  square 
foot  of  total  wetted  area,  and  (3)  the  lifting  body  provides  a clean,  proven 
aerothermodynamic  shape  for  lifting  reentry  and  for  hypersonic  fli^t. 
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2.1  REQUIREMENTS,  GROUHDRULES,  AND  ASSUMPTIONS 

At  the  oucset  of  the  study,  the  applicable  space  shuttle  requirements  were  de- 
fined in  the  Statement  of  Work  and  comprised  three  parts:  (l)  Appendix  A, 

containing  l4  baseline  system  requirements,  (2)  Appendix  B,  containing  5 mis- 
sion requirements,  and  (3)  Appendix  C,  containing  49  desired  systems  charac- 
teristics. These  requirements  plus  five  additional  requirements  added  to  the 
study  at  the  first  monthly  review  are  doctimented  in  the  first  monthly  report 
and  will  not  be  repeated  here.  These  requirements  were  essentially  the  same 
as  those  applied  to  the  Pliase  B studies  and  were  complied  with  by  Lockheed 
in  this  Phase  A study  during  the  first  six  months . 

On  20  January  1971*  new  Level  1 requirements  were  generated  by  NASA  applicable 
to  all  Phase  A and  Phase  B studies.  These  requirements  are  listed  below  and 
are  followed  by  comments  regarding  their  impact  or  applicability  on  the  study 
and  on  the  stage -and-one -half  system. 

Level  1 - Space  Shuttle  Program  Requirements 

(1)  The  slmttle  shall  be  a reusable  two  (2) -stage  vehicle. 

(2)  The  cargo  bay  shall  be  sized  to  have  clear  volume  of  15  ft  diameter 
by  60  ft'  length.  Payloads  shall  be  equal  to  or  less  than  15  ft  in 
diameter  and  60  ft  in  length  including  handling  rings , attachment 
fittings  for  the  deployment  mechanism  and  docking,  and  cargo  bay 
storage  fittings.  The  standardized  deployment  mechanism(s)  and  tie 
points  shall  be  chargeable  to  the  orbit er  and  shall  not  occupy  the 
clear  volume.  Deplcqrment  clearance  shall  be  provided  by  the  orbiter 

(3)  IOC  baseline  is  the  second  half  of  1977. 

(4)  Deleted 

(5)  The  design  mission  shall  be  a 100  NM  due  east  circular  orbit.  The 
design  mission  insertion  orbit  shall  be  50  x 100  HM  and  for  purposes 
of  performance  comparison  calCTala.tions,  the  vehicle  shall  be  con- 
sidered to  be  launched  from  a latitude  of  28.5  degrees  North;  the 
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reference  mission(s)  of  major  interest  arer  (l)  100  MM  South  Polar 
circular  orbit;  (2)  270  MM  at  55  degrees  inclination. 

(6)  The  orbit er  shall  have  a nominal  hypersonic  aerodynamic  crossrange 
capability  of  1100  MM. 

(7)  Deleted 

(8)  Mission  dviration  (from  liftoff  to  landing)  of  7 days  of  self-sustaining 
lifetime  shall  be  provided.  For  missions  in  excess  of  7 days,  the 
wei^t  of  the  expendables  shall  be  charged  against  the  payload. 

(9)  The  space  shuttle  shall  be  capable  of  operating  within  the  cargo 
range  from  zero  to  maximum  capability. 

(10)  The  orbiter  shall  have  sufficient  propellant  to  provide  1,500  fps 
on-orbit  AV  capability  (in  excess  of  amount  required  to  attain  the 
design  insei'tion  orbit  with  a ro.aximum  payload  for  the  270  at  55 
degrees  inclination  reference  mission) . The  tanks  shall  be  sized 
to  provide  2000  fps  AV  capability. 

(11)  The  booster  and  orbiter  shall  be  baselined  to  have  goaround  capability. 

(12)  The  booster  and  orbiter  crew  and  the  orbiter  passengers  environment 
shall  be  shirtsleeve. 

(13)  The  booster  shall  be  capable  of  returning  to  the  latinch  site. 

(14)  All  vehicle  stages  shall  be  capable  of  ferry  flights  between  airports. 

(15)  Integrated  vehicle  vertical  takeoff  and  individual  vehicle  horizontal 
landing  shall  be  the  vehicle  mode  of  operation. 

(16)  A communication  satellite  system  is  assmed  to  be  available. 

(17)  Launch  rates  will  vary  from  a minimum  of  25  to  a maximum  of  75  per 
year. 

(18)  The  space  shuttle  shall  have  an  all -azimuth  launch  capability. 

(19)  The  shuttle  shall  provide  safe  mission  termination  capability.  This 
includes  rapid  crew  and  passenger  egress  prior  to  liftoff  and  intact 
abort  after  liftoff . Intact  abort  implies  the  capability  of  the 
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booster  and  orbiter  to  separate  and  continue  fli^t  to  a safe 
landing;  the  orbiter  to  land  with  a full  payload. 

(20)  550j000  lb  sea  level  thrust  bell -type  engines  will  be  baselined  in 
both  the  orbiter  and  booster  stages. 

(21)  The  intended  combined  storage  and  operational  service  life  of  this 
system  is  10  years  after  IOC.  A booster/orbiter  life  of  100  mis- 
sions will  be  provided  with  a cost  effective  level  of  refurbish- 
ment and  maintenance. 

(22)  For  the  design  reference  mission,  rescue  operations  (including  per- 
sonnel transfer)  must  be  completed  within  48  hours  after  notifica- 
tion. 


(23)  JF  will  be  baselined  as  fuel  for  all  airbreathing  engines.  The  air- 
breathing  engines  shall  be  capable  of  being  removed  from  the  orbiter 
with  minimum  scar  wei^t.  The  orbiter  shall  be  capable  of  fli^t 
with  or  without  the  airbreathing  engines  installed. 


(24)  All  subsystems  except  primary  struct\ire  and  pressure  vessels  shall 
be  designed  to  fail  operational  after  the  failure  of  the  most  crit- 
ical ccanponent  and  to  fail  safe  for  crew  suarvival  after  the  second 
failaire.  Electronic  systems  shall  be  designed  to  fail  operational 
after  failvire  of  the  two  most  critical  components  and  to  fail  safe 
for  crew  survival  after  the  third  failaire.  The  space  shuttle  main 
engine  shall  be  designed  to  fail  safe  for  crew  sairvival  after  the 

most  critical  component  . The  main  engine  electronic 
system  shall  be  designed  to  fail  operational  after  failure  of  the 
most  critical  component  and  to  fail  safe  for  crew  survival  after 
the  second  failure.  Individual  subsystems  may  be  revised  by  Level 
II  decision  where  improvements  in  cost  and  effectiveness  would  re- 
sult.^ 


(25) 


SuiTrivability  against  hazards  from  radiation  as  specified  in  Joint 
DOD/NASA  Survivability  Charact eristic s document (s)  dated  16  June 

1969. 
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(26)  Total  space  shuttle  t\irnaround  time  from  landing  to  launch  readiness 
should  he  less  than  two  weeks.  The  removal  and  replacement  time 
shall  he  minimized  with  on-hoard  checkout  and  module  accessibility . 

(27)  LaTxnch  trajectory  load  factors  shall  not  exceed  3g  and  entry  tra- 
jectories- shall  not  exceed  3g  for  the  orbit er. 

(28)  The  space  shuttle  crew/passengers  compartment  atmosphere  and  total 
pressiire  shall  he  compatible  with  the  space  station  and  space  base. 

(29)  Vehicle  payload  is  baselined  to  be  65,000  lb  into  the  due  east  100 
NM  circTilar  orbit  with  the  airbreathing  engines  removed  from  the 
orbiter . The  wei^t  of  passengers  and  removable  provisions  for 
passengers  shall  be  charged  to  the  payload.  The  orbiter  shall  have 
the  capability  to  land  40,000  lb  of  payload  with  nominal  wind  and 
load  factors  (airbreathing  engines  removed)  and  larger  payloads  with 
reduced  structural  safety  factors. 

(30)  The  orbiter  shall  be  capable  of  a once -around  trajectory  with  a one- 
engine-out  condition  at  and/or  after  booster  orbiter  separation  for 
the  design  and  reference  missions. 

(31)  Booster  and  orbiter  shall  be  designed  for  maximum  interchangeability 
(common  components  and  spares  to  be  interchangeable). 

Requirement  No.  1 is  not  applicable  to  the  stage -and  ?^one -half  system. 

Regarding  requirement  No.  3,  the  IOC  date,  Lockheed  has  complied  with  NASA 
planning  documents  in  using  a first  manned  orbital  flight  (FMDF)  date  of  April 

1978. 

Regaiding  requirement  No.  5,  the  design  mission,  later  NASA  direction  speci- 
fied that  the  required  payload  is  65,000  lb  to  the  due  east  launch  mission, 
40,000  lb  to  the  south  polar  launch  mission,  and  25,000  lb  to  the  55  deg, 

270  HM  orbit  mission;  the  first  two  are  without  the  Orbiter  airbreathing  pro- 
pulsion system  installed  and  the  last  one  with  the  airbreathers  installed, 
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Regarding  requirement  No.  l8,  all-azimuth  launch,  the  stage -and -one -half  sys- 
tem suffers  a payload  degradation  for  some  launch  azimuths  if  open  ocean  impact 
of  the  droptanks  is  obtained.  However,  for  all  known  or  planned  NASA  and  DoD 
missions,  there  is  no  launch  azimuth  problem  with  the  stage -and-one-half  sys- 
tem. 

Requirement  No.  20  changed  the  primaiy  engine  from  a 415,000  lb  thrust  level 
to  550j000  lb  thrust  level.  This  change  in  itself  does  not  appreciably  impact 
the  stage-and-one-half  system;  however,  the  resulting  engine  ICD  showed  a de- 
gradation in  the  installed-thrust-to-weight  ratio  of  the  engine  which  does 
penalize  all  systems . A minor  deviation  to  the  1CH  engine  is  taken  wherein 
an  expansion  ratio  of  53 si  is  used  rather  than  the  ICD  value  of  35sl» 


Requirement  No,  25  changed  the  airbreathing  propulsion  system  fuel  from  liquid 
hydrogen  to  JP.  This  increases  the  GLOW  for  the  stage-and-one-half  system  by 
about  160,000  lb  and  results  in  a higher  total  program  cost  even  after  allow- 
ing $75  million  for  conversion  of  the  A/B  engine  to  LH^  fuel. 

Costing  groundrules  applicable  to  the  study  are  defined  in  detail  in  Volume  IV 
of  this  report.  The  principal  costing  groundrules  used  here  arer 

(1)  Costs  are  divided  into: 

(a)  Design,  Development,  Test  and  Engineering  Costs 

(b)  Recurring  Production  Costs 
(0)  Operations  Costs 

(d)  Droptank  Production  Costs 

(2)  Costs  are  based  on  constant  1970  dollars 

(3)  Operations  costs  are  based  on  the  NASA,  445-fll^t,  10-year 
mission  model  having  a peak  launch  rate  of  75  la'unches  per 
year. 

(4)  A single  KSC  la\mch  site  is  assumed. 
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(5)  Cost  reporting  is  to  be  in  accordance  with  the  Phase  A portion 
of  MP-030. 

(6)  Costs  include  engine  costs  and  facilities  but  exclude  fees. 

For  purposes  of  program  planning  and  costing,  it  is  asstuned  that  the  Phase  C/D 
Contract  would  start  in  1 April  1972;  first  manned  orbital  flight  would  be 
Ait111978;  and  the  program  would  be  completed  at  the  end  of  1988. 
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2.2  SUMMARY  OP  LS  200-10  SYSTEM  CHARACTERISTICS 

2.2.1  General  Design  Conaiderations , Operation,  and  Performance 

2. 2. 1.1  Sizing  Considerations.  The  stage-and-one-half  system  differs  from 

the  two- stage  system  inasmuch  as  the  installation  of  a large  portion  of  the  ascent 
propulsion  system  weight  becomes  a major  factor  determining  system  perf omiance , 
vehicle  sizing,  and  design.  The  chief  effect  on  sizing  is  that  the  booster 
stage  is  characterized  by  a very  high  X’  (exceeding  0.96)  and  the  injection 
stage  by  a relatively  low  X'  » which  may  drop  to  below  0.48.  This  compares 
with  corresponding  typical  X'  values  of  0.81  for  the  booster  and  of  0.70  for 
the  orbiter  with  the  two— stage  system.  Conseciuently,  the  two— stage  systems 
are  characterized  by  staging  velocities  of  about  10,000  ft/sec,  while  the 
stage— and-cne—h6Q.f  designs  are  bound  to  optirniise  at  much  higher  staging 
velocities;  under  certain  conditions  these  may  approach  the  orbit  injection 
velocity.  However,  the  optimal  condition  is  attained  with  a portion  of  the 
ascent  propellant  still  in  the  orbiter.  Keeping  the  droptanks  to  orbit  injec- 
tion wovild  result  in  a single-stage  system  with  uncompetitive  low  X*  value. 
However,  system  performance  is  relatively  insensitive  to  the  quantity  of 
orbiter  ascent  propellant.  As  a.  result,  the  stage— and— one— half  system  orbiter 
is  sized  primarily  by  the  requirements  to  provide  space  ior  the  payload  bay 
and  the  TOq\iired  base  area  for  installation  of  the  rocket  engines. 

Inclusion  of  the  major  portion  of  the  propulsion  system  weight  in  the  orbiter 
affects  perfonnance  and  vehicle  design  by  the  resulting  increase  in  inert 
weight  and  shift  of  the  center-of -gravity  to  the  rear.  Both  effects  are 
highly  critical  to  performance  and  flight  characteristics.  Inert  ws^lght  in 
the  orbiter  trades  directly  with  payload  capability,  and  balancing  the  vehicle 
eg  with  the  aerodynamic  force  center,  especially  for  the  no-payload  flight 
Condition,  becomes  a determining  design  consideration. 

Conseqtiently,  the  sta^-and-one-half  system  is  more  sensitive  than  the  two- 
stage  system  to  rocket  engine  wei^t  characteristics^  since  engine  thrust-to-^^^^^^ 
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weight  ratio  directly  affects  payload  capability  and  the  critical  eg 
location. 


A liftoff  thrust— to-welght  ratio  of  1.25  was  selected  as  best  representing 
considerations  of  control  authority,  payload  delivery  capability,  and  pro- 
pulsion system  integration.  Consequently,  nine  530,000  lb  sea  level  thrust, 
main  rocket  engines  are  installed  in  the  orbiter.  Their  characteristics 
correspond  to  the  specification  documented  in  the  Space  Shuttle  Main  Engine 
ICD  13M15000B,  except  that  the  expansion  ratio  was  increased  from  35:1  to 
53:1*  The  primary  reason  for  this  deviation  was  to  avoid  exhaust  plume 
impingement  on  the  aft  surfaces  without  moving  the  engines  so  far  back  as  to 
Ijopair  the  eg  balance  of  the  vehicle.  In  addition,  a moderate  performance 
increase  was  obtained,  since  this  change  brings  the  nozzle  expansion  ratio 
close  to  optlmm  value  for  the  stage-and-one-half  system.  Costs  for  this 
modification  were  determined  to  be  relatively  insignificant . With  this 
arrangement,  a nominal  gross  liftoff  weight  (GLOW)  of  3.816  Mlb  is  obtained. 

The  1-i-Stage  Baseline  system  is  sized  and  designed  to  satisfy  the  Space 
Shuttle  Level  I mission  requirements  in  conjunction  with  the  other  reqidre- 
ment  for  providing  for  abort-through  orbit  capability  under  the  one  tniiin 
engine-out  condition  at  staging.  These  requirements  are  summarized  in 
Table  2.2-1. 


Table  2.2-1 


MISSIONS 

Insertion  Orbit,  nm 
Mission  Orbit,  circular,  nm 
Orbit  Inclination,  deg 

A#  • 1 

NASA  DESIGN 
50  X 100 

too 

28.5 

NASA  REF. 

50  X 100 
100 
90 

NASA  REF. 

50  X 100 
270 
55 

Payload,  1000  lb 

65 

40 

25 

Airbreather  System 

Hemoved 

Removed 

In 

Abort  (Engine-Out  From  Staging) 

NA 

:"NA^"- 

NA 

On-Orbit  Velocity,  ft/sec 

650 

650 

1500 

With  design  payload 

650 

650 

1500 

For  sizing  OMP  tanks 

NA 

,NA 

2000 
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Of  these  reqtxLrements,  the  alrhreather  In/out  and  the  abort  reqTdrenients  have 
algniflcantly  different  design  effects  on  the  stage-and-one-half  and  tuo-stage 
reusable  ^sterns.  The  airbreather  system  veight  in  the  stage-and-one-half 
orbiter  is  approximately  40  percent  greater  than  for  the  tvio-stage  orbiter. 
Removal  of  the  cdrbreathsr  system  for  due  east  and  polar  missions,  therefore, 
le:  to  the  advantage  of  the  stage-and«K>ne-half  concept.  Engine-out  from  staging 
is  a consideration  not  applicable  to  the  stage-and-one-half  system,  since  in 
nominal  operation,  two  of  three  available  engines  are  used.  The  on-orbit 
velocity  is  NASA-supplied  for  the  55  deg  mission  and  is  iKSC-establiehed  for 
the  other  two.  Evaluating  these  data  with  regard  to  specific  l^stage  system 
characteristics,  it  appears  that  the  critical  design  condition  is  established 
by  the  55  deg  inclination  mission  dte  to  the  large  airbreather  system  weight 
ax^  the  1500  ft/sec  post-injection  orbit  velocity  increment  requirement.  The 
ascent  tanks  are  sized  for  injection  into  the  insertion  orbit  and  FPR,  and 
the  OMP  tanks  for  satisfying  the  orbit  velocity  xeqxdrements  of  that  mission. 
For  the  other  missions,  the  tank  capacities  and  their  assigned  functions 
determine  payload  capability.  Orbiter  ascent  tanks  are  always  full  regardless 
of  laiselon  ;requirements,  and  either  the  droptank  or  OMP  tank  capacities  deter- 
xbI^  maximum  payload  capacities.  Since  the  270  nm  55  deg  mission  is  the 
critical,  excess  payload  capacity  is  obtained  for  the  due  east  and  south  polar 
missions  with  fully  loaded  droptanks,  and  the  droptanks  are  offloaded,  resid.t- 
ing  in  reduced  GLOW  and  increase  in  liftoff  thrust-to-weight  ratio,  for  obtain- 
ing the  design  payloads  with  these  two  missions. 

2.2. 1.2  Configuration . The  stage-and-one-half  Baseline  vehicle  conflgixration 
selected  by  Lockheed,  Model  LS  200-10,  is  shown  in  Fig.  2.2*-1 . It  consists  of 
a fully  reusable  orbiter  using  a modified  delta  planform  configxjratlon  in 
combination  with  an  expendable,  single,  V-type  droptank  module  composed  of 
two  identical  tank  assemblies  straddling  the  orbiter  in  the  yaw  plane.  The 
droptank  module  is  connected  to  the  orbiter  at  three  attach  points,  one  for- 
ward at  the  orbiter  nose  and  two  aft,  symmetrically  arranged  forward  of  the 
mt^n  engines.  Ml  three  are  located  at  the  upper  orbiter  suirface,  avoiding 
the  neceeaity  of  penetrating  the  heat  shield  in  the  areas  of  very  high  surface 
teaperaturee.  All  rodwt  and  airbreathing  eiigines  and  attitude  control 
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thrueters  are  assembled  in  the  orbiter.  The  droptank  modiile  contains  only 
the  necessary  elements  for  storing  the  propellants  during  ascent,  and  the 
plmbing  and  instrumentation  required  for  propellant  transfer  and  pressiarisRa- 
tion,  and  pressure,  temperattjro , and  fluid  level  control.  Thus,  by  reducing 
the  function  of  the  droptanks  to  that  of  a tank  proper,  and  by  selecting  a 
configuration  permitting  a highly  \reight-effective  design,  a very  high  pro- 
jiellant  fraction  is  obtained.  Consequently,  staging  is  achieved  at  a high 
velocity,  exceeding  18,000  ft/sac,  resiolting  in  negligible  aeroc^amic  loads 
during  separation  and  large  droptank  impact  ranges  compatible  with  multi- 
azimuth launch  requirements. 

2. 2. 1,3  Ascent  and  Droptank  Separation.  The  basic  stage-and-one-half  mission 
profile  is  shown  in  Fig.  2.2-2,  assuming  operations  at  KSC.  Launch  is  accom- 
plished vertically  from  either  a LUT  or  a fixed  launch  pad.  All  engines  are 
ignited  on  the  ground  and  operated  at  NPL  during  a hold-down  period  of  approxi- 
mately 0.5  sec  vintll  the  vehicle  is  released.  The  resulting  design  ascent 
trajectory  characteristics  are  shown  in  Figs.  2.2-3  and  2.2-4.  Dxjring  the 
prestaging  ascent  phase,  the  acceleration  is  maintained  at  3g  level  by 
throttling  and  shutting  down  the  engines  in  a sequence  minimizing  specific 
Impulse  losses.  Propellant  losses  associated  with  the  sequential  engine 
shutdovm  are  greatly  reduced  by  recirculation  into  the  tanks  of  the  LO2  residueds 
in  the  individual  engine  feed  lines.  This  is  done  by  the  application  of  pressurant 
gas  without  the  addition  of  any  moving  components  to  the  system.  Full  attitude 
control,  including  for  the  most  adverse  one-engine-out  failure  mode  is  attained 
by  providing  the  5 center  engines  with  _+  7 degree  gimbal  capability. 

Separation  of  the  droptank  modtile  from  the  orbiter,  shown  in  Fig.  2.2-5,  is 
effected  in  a near  zero-<i  environment , without  requiring  assistance  from  addi- 
tional impulses  by  the  moment  produced  by  main  engine  thrust  and  the  offset 
en5)ty  droptank  center  of  gravity.  It  is  initiated  by  releasing  the  forward 
joint,  which  permits  the  Intact  droptank  assembly  to  rotate  "over  the  shoulder" 
about  the  aft  pivot  attachments.  At  the  appropriate  time,  when  the  droptanks 
have  swung  back  approximately  60  deg,  the  latter  are  released  to  con5)lete 

separation.  Stability  and  control  during  the  staging  maneuver  are  contlnuooaly 
maintained  by  the  orbiter  control  system. 
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After  sufficient  clearance  from  the  orbiter  is  attained,  the  tank  module  is 
disjoined  into  the  two  tank  assemblies  by  breaking  the  intertank  tie  struc- 
ture with  an  explosive  charge.  Controlled  venting  of  the  tank  gases  then 
gently  separates  the  tanks.  This  controlled  separation  of  the  tank  assem- 
blies is  considered  essential  for  assuring  intact  tank  reentry,  a prerequisite 
for  Ttvi Tvi TniTTn  fragmentation  and,  hence,  low  accident  probability.  Nominal  drop- 
tank  impact  is  900  nm  downrange  from  the  latinch  site  into  the  open  ocean. 

After  separation,  one  of  the  three  post-separation  main  engines  is  shutdown 
and  the  other  two  are  operated  at  NPL  until  the  point  is  reached  at  which 
they  are  simultaneously  throttled  down  for  maintaining  the  acceleration  at 
the  3g  limit.  The  nonoperating  engine  remains  fully  operative  during  this 
period.  Since  failiare  to  ignite  is  the  most  probable  engine  failure  mode, 
with  this  approach  an  optiiaum  compromise  between  reliability  and  minimum  per- 
formance loss  from  engine  throttling  is  achieved, 

2.2.1. 4 Orbit  Maneuvers  and  Flight  Control.  Orbital  maneuvering  capability, 
except  for  low  velocity  increment  maneuvers,  and  deorbit  capability,  is  pro- 
vided by  an  orbital  maneuvering  propulsion  system  (OMPS)  consisting  of  two 
RL10  engines  in  combination  with  a separate  propellant  tank  and  feed  system 
designed  for  the  long  storage  time  reqtiirement.  Under  normal  operation,  only 
one  engine  is  used,  the  second  remaining  operative  as  a standby,  providing 
full  fail-operational  capability  for  the  one-engine-out  failure  mode.  Both 
engines  have  gimbal  capability  providing  pitch  and  yaw  control  during  single- 
engine operation.  This  arrangement  trades  a high  degree  of  reliability  and 
safety  for  a moderate  loss  in  performance.  Fail-safe  operation  capability 
could  be  provided  by  either  adding  a third  ELIO  engine  or  by  using  ACPS 
thrusters.  Trade  sttdies  restating  in  the  selection  of  either  approach  have 
not  been  completed. 

An  attitude  control  propulsion  system  (ACPS)  adds  roll  control  capability  for 
single  ELIO  engine  operation  and  provides  on-orbit  full  attitude  control  capa- 
bility and  the  small  three-axis  translatory  impulses  for  docking,  station 
keeping,  and  similar  maneuvers.  It  also  supplies  attitude  control  capability 
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for  the  initial  reentry  phase  prior  to  the  onset  of  sufficient  aerodynamic 
pressure  to  assure  fuQ.1  aerodynamic  control  authority.  ThC37e  Is  no  dependency 
of  the  delta-body  configuration  on  the  ACP  system  beyond  this  time. 

2. 2. 1.5  Entry  After  Deorbiting.  Entry  maneuvers  can  be  performed  for 
either  higJj  or  low  crossraTige  requirements.  Angle -of -attack  and  bank  angle 
histories  are  controlled  automatically  or  manually  for  landing  sites  lying 
within  a 2200  nm  wide  by  2000  nm  long  footprint.  Inherent  \rith  delta-body 
orbiter  design  is  the  capability  to  increase  the  footprint  ^slse,  (up  to 
3600  nm  wide  and  4000  nm  long)  throtigh  increased  TPS  insulation  thickness. 
Minimum  time  and  insulation  weight  maneuvers  were  assumed  for  the  design  of 
the  thermal  protection  system  with  th<3  mayjmal  temperature  at  tlie  orbiter 
nose  constrained  to  2800^F  and  at  the  remaining  lower  surface  y Including 
leading  edges,  to  2300°F. 

2. 2. 1.6  Subsonic  Flight.  An  airbreathing  system  cem  be  installed  for  con- 
trolling the  glide  slope  to  a value  compatible  with  instrument  landing 
requirements  and  for  providing  go-around  capability  within  FAA  engine-out 
climb  gradient  requirements.  The  engines  use  JP-4  fuel  stored  in  a forward 
tank  and  are  installed  inside  the  orbiter  close  to  the  center-of -gravity  to 
permit  their  removal  with  minimum  scar  weight.  Prior  to  landing,  they  are 
deployed  into  the  alrstream  from  the  lower  surface  of  the  orbiter. 

The  landing  approach  begins  at  approximately  100,000  ft  And  is  designed  to 
permit  landing  without  engines  or  with  airbreathing  engine  failures.  If  air- 
breathing  engines  are  onboard,  the  engines  are  started  and  idled  at  approxi- 
mately 40*000  ft  and  are  available  to  flatten  and  extend  the  glide  path  or 
perform  a go-around.  The  performance  of  the  system  with  airbreathing  engines 
permits  maintenance  of  a go-around  climb  gradient  of  2.7  percent  in  the 
approach  configuration  with  engine-out  to  5,000  ft  altitude  or  3.7  percent  in 
the  landing  configuration  to  8,000  ft  altitude.  Landing  speeds  as  low  as 
146  knots  (excluding  ground  effect)  can  be  achieved.  Landing  speed  at  L/^^^ 
would  be  182  knots  at  I4  deg  angle-of -attack.  With  payload-ln,  the  landing 
speed  is  increased  by  13  knots.  (Sround  effect  is  estimated  to  reduce  these 
landing  speeds  by  14  knots. 
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2. 2. 1.7  Ferry  Capability.  A ferry  kit  consisting  of  a JP  propellant  tank 
in  the  payload  bay,  and  possibly  some  aerodynamic  fairings  for  the  TnA^Tl 
rocket  engines  will  provide  approximately  280  nm  range  with  65,000  lb  of 
fuel.  Larger  ranges  can  be  obtained  by  in-flight  refueling.  Cruise 
altitude  is  over  12,000  ft  or  9,000  ft  with  engine— out.  This  performance 
is  related  to  a standard  day  and  take-off  from  a sea-level  airport.  For 
more  stringent  requirements,  an  additional  jet  engine  would  be  required.. 
Installation  on  a pylon  attached  by  an  adapter  to  payload  support  fixtures 
in  the  payload  bay  is  considered  a possible  solution. 


2. 2. 1.8  Ground  Operations.  A baseline  operations  concept  to  support  a 
stage-and-one-half  shuttle  is  conceived  to  utilize,  to  the  largest  extent 
feasible,  existing  Sat\im/Apollo  equipment  and  facilities.  The  Main  Launch 
Base  is  at  KSC  and  includes  xise  of  the  Vertical  Assembly  Building  (VAB), 
Launch  Pad  39,  some  existing  support  areas,  and  a new  airfield,  Droptank 
Mwufacturing  B\iLldlng,  and  Maintenance  Annex.  This  concept  is  shown  pictori- 
ally  in  Fig.  2.2-6. 


After  landing  at  the  new  airfield,  the  heat  stored  in  the  insulation  is  removed 
by  coolant  air-flow  provided  by  ground  equipment  to  prevent  overheating  of 
altiminum  structixres . The  orbiter  then  is  transported  oh  its  own  landing 
gear  to  the  new  Purge  and  Saflng  Area  for  offloading,  purging,  and  safing. 
Scheduled  and  unscheduled  maintenance  as  well  as  payload  installation  are  per- 
formed at  the  new  Maintenance  Annex  to  the  VAB.  The  vehicle  is  delivered  on  its 
own  landing  gear  to  the  VAB,  where  erection  (by  transportable  aisle  crane  and 
hi^i  bay  crane),  lift  and  Installation  onto  a LUT-type  launcher  (same  base 
dimensions  as  existing  LUT)  and  vertical  mating  with  droptank  (manufactured 
in  Tank  !fanufact\ire  Building)  are  accomplished  in  an  existing  VAB  high-bay 
cell.  For  transfer  to  the  pad,  an  existing  Crawler/Transporter,  and  for  the 
installation  at  the  pad,  existing  pedestal  supports  are  used.  After  installation 
of  a new  flame  deflector  in  the  existing  flame  trench,  the  operations  are 
completed  by  hookup  of  propellant  and  other  ground  support  lines,  loading  of 
propellants,  crew  and  passengers,  countdown,  and  launch. 
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Checkout  is  accomplished  during  appropriate  phases  of  the  ground  operations  by 
the  onboard  checkout  capability  of  the  orblter  data  management  system  in  con- 
junction vith  extensive  built-in  test  equipment  and  an  ACE  data  complex. 

The  compatibility  of  tl^  delta-body  orblter  dimensions  vdth  the  VAB  transfer 
aisle  and  of  the  assembled  composite  vehicle  vith  the  VAB  doorvay  is  shovn  by 
Fig.  2.2-7  and  2.2-8.  Total  turnaround  time  is  nineteen  8-hr  shifts  and  re- 
sponse time  is  2 hr  to  launch  when  on  the  pad,  or  24  hr  to  launch  when  in  the 
VAB. 

2. 2. 1.9  Abort.  Intact  abort-to-orbit  is  the  primary  abort  sequence  from 
liftoff  to  normal  injection.  This  capability  is  provided  inherently  without 
design  penalty  by  the  presence  of  all  boost  engines  on  the  orblter.  This 
abort  mode  protects  against  all  mission  emergencies  except  those  resulting 
from  primary  structure  failure,  flight  control  failure,  complete  power  system 
fedlure,  or  loss  of  two  engines  at  liftoff  (up  to  loss  of  eight  engines  at 
injection).  Droptanks  ccm  even  be  carried  to  orbit  for  some  missions,  if 
droptank  separation  or  staging  failure  should  occur. 

2«2.1.10  Di^ntank  Impact  Hazard.  Droptank  Impact  hazard  was  analyzed  for  a 
mission  model  using  8 azimuths  delivered  by  NASA  and  for  a projection  to  the 
1960* s of  open  ocean  traffic  densities.  Traffic  density  estimates  inclioded 
shipping  and  aircraft  traffic.  Densities  range  from  2 to  6 ships  or  planes  per 
10,000  sq  mi.  The  probability  of  Impact  of  a tank  fragment  is  a ftinction  of 
the  number  of  fragments,  the  traffic  density,  and  the  size  of  fragments  and 
ship  or  plane.  Impact  probability  is  reduced  by  assuring  intact  tank  impact 
as  shown  in  Fig.  2.2-9.  The  scale  along  the  top  of  the  diagram  provides 
intuitive  feel  for  the  seriousness  of  the  hazard  probaiblllties  shown  on  the 
lower  abscissa. 

Actual  probability  of  tank  Impact  for  the  assTmmid  mission  model,  and  without 
trajectozy  modification  reducing  payload  capability,  is  shown  in  Fig.  2.2-10 
for  each  launch  azimuth  and  impact  xange.  lUt  probability  is  less  than 

one  chance  in  a million  per  launch  for  6 out  of  the  8 mlseion  launch  azimuths 
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ch  Is  considerably  less  than  currently  considered  acceptable  by  NASA  and  also 
considerably  less  than  one  in  one-hundred-thousand  that  is  currently  DCD 
for  the  impact  of  expendable  stages  at  ETR*  No  impact  area  surveillance  or 
control  is  required  or  recommended, 

2.2.1.11  Aerodynamics  and  Stability.  The  alignment  of  the  center-of -gravity 
of  the  orbiter  and  droptanks  is  shovn  in  Fig.  2.2-11.  The  center-of -gravity 
travels  along  the  thrust  axis  during  fill  and  boost.  This  restjlts  in  a highly 
aerodynamically  stable  configuration  during  boost  and  a stable  configuration 
when  mounted  on  the  pad  in  either  eupty  or  loaded  condition.  The  offset 
droptank-empty  center-of-gravity  provides  the  rotation  moment  to  catise  drop- 
tank  separation  as  was  discussed  earlier. 

Diagrams  showing  the  stability  and  performance  characteristics  for  tiie  two 
extreme  center-of-gravity  locations  and  for  appropriate  trim  conditions  over 
the  entire  speed  regime  are  presented  in  Figs.  2.2-12,  13^  and  14.  They 
demonstrate  that  the  orbiter  is  aerodynamically  stable  and  controllable  under 
all  conditions  of  Operationally  possible  combinations  of  speed,  center-of- 
gravity  location,  and  flight  attitude.  The  data  shown  aie  based  on  the 
Insults  of  extensive  wind  tunnel  tests  performed  at  Lockheed,  Langley,  and 
Amss  on  the  LS200-5  configtiration. 

2.2.1.12  Aerothermodynamics . The  thermal  protection  system  is  designed  on 
the  basis  of  temperature  distributions  obtained  with  entry  trajectories 
constrained  by  heating  bovindaries  consistent  with  temperature  limits  of 
2300°F  for  the  lower  orbiter  surface  eind  fin  leading  edge,  and  2800°F  for 
the  nose  cap.  Tompieratures  are  relatively  uniform  on  the  lower  surface  and 
there  is  no  evidence  of  shock  impingement  or  flow  interaction  effects  on  fins 
or  other  parts  of  the  vehicle.  Heat  shield  materials  are  selected  to  provide 
a 200^  margin  ovef  the  calculated  temperatures  assumed  as  the  design  limits, 
and  insulation  thlokness  is  determined  to  limit  the  tenqpeirature  of  altmiintan 
structiires  to  300^  asii  of  titanium  stimctures  to  600^, 
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2.2.1.  13  Payload  Performance.  The  payload  performance  capability,  including 
related  values  of  GLOW  and  thrust-to-weight  ratio  is  shovm  in  Table  2.2-2  for 
the  two  conditions  of  either  off-loaded  droptanks,  providing  the  design  pay- 
load  for  all  missions,  or  for  fully  loaded  droptanks,  indicating  the  inherent 
growth  potential  of  the  1-|^stage  system  for  the  two  100  nm  missionc.  The  pay- 
load  performance  quoted  is  nominal,  except  that  for  the  main  propulsion  and 
orbit  maneuver  propulsion  systems,  -3  sigma  specif  impiilse  values  are  used. 

The  propellant  reserves  considered  in  the  determination  of  the  system  inert 
weights  are  listed  in  Table  2.2-4.  A growth/uncertainty  factor  of  10  percent 
is  applied  to  all  dry  weights  with  the  exception  of  the  main  rocket  engines. 
Structural  verification  and  nominal  flight  characteristics  are  based  on  the 
assumption  of  maximum  payload  of  40K  for  entry  and  landing. 

The  corresponding  allocation  of  the  OMP  propellant  for  the  orbital  velocity 
increments  is  shown  for  the  three  missions  and  the  system  providing  the  design 
payloads  in  section  '2.2f-4  in  Table  2.2-7. 


Table  2.2-2 

PAYLOAD  performance  CHAEIACTERISTICS 


Mission 

Design 
Mission 
Due  East 

1 

Reference 
Mission 
South  Polar 

Reference 

Mission 

270  nm,  55  deg  Inc. 

Payload  Specified,  klb 

65 

40 

25 

Airbreather  Engine 
System 

Out 

Out 

In 

Droptank  Fully  Loaded 

Payload,  klb 

95.1 

54.6 

25.0 

Liftoff  T/W 

1.245 

1.260 

1.250 

GLOW,  Mlb 

3.832 

3.789 

3.816 

Droptank  Offloaded 

Payload,  klb 

65.0 

40.^ 

Liftoff  T/W 

1.38 

1 : : "1.33  V' 

1.25 

GLOW,  Mlb 

3.450 

3.5S8 

3.816  1 
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2.2.1.  All  Azimuth  Launch  Capability.  All-azimuth  laimch  capability  for 
the  stage-and-one-half  can  be  obtained  by  adjusting  the  tank  staging  condi- 
tions to  cause  the  tanks  to  impact  in  open  ocean  areas.  This  is  accomplished 
at  the  expense  of  payload,  if  the  tank  impact  range  is  increased  much  beyond 
the  normal  impact  distance  of  900  nm.  This  is  illustrated  in  Fig.  2.2-15, 
for  the  case  of  the  airbreather  engine  system  (incliaiing  cruise  propellant) 
installed.  With  that  system  removed,  the  indicated  payload  capability  would 
be  increased  by  about  30,000  lb. 

2,2,1.15  Sensitivities  and  Growth,  Performance  sensitivity  and  growth  of  the 
stage-and-one-half  are  illustrated  in  Table  2,2-3  and  in  Fig,  2,2-16,  Zero 
payload  sensitivity  to  orbiter  and  droptank  weight  growth  diiring  the  first  18 
months  of  development  can  be  obtained  by  permitting  the  tank  size  to  change, 
with  the  restating  reduction  in  thrust-to-weight  ratio  as  shown  in  Fig,  2.2-16, 


2.2.1.  ]_6  System  Payload  and  Operational  Growth  Potential.  After  the  system 
is  developed  and  operational,  the  performance  can  be  increased  further  by 
deleting  airbreathers  (+3^,000  lb  payload),  reducing  droptank  insulation 
( +1300  lb  payload) , retrofitting  advanced  materials  (+18,000  lb  payload) , 
upgrading  main  engine  performance  (+35,000  lb  payload),  inducing  TpS  for  low 
crossrange  (+12,000  lb  payload),  or  reducing  the  thrust-to-treight  ratio  by 
using  excess  droptank  volumes  designed  into  the  system  initially  (+11,000  lb 
payload).  The  total  potential  performance  growth,  if  all  these  actions  were 
taken,  is  up  to  8l  klb  payload  added  to  the  polar  and  east  missions  and  107  klb 
aMed  to  the  55  deg  inclined  mission. 

Addition  of  drop  engines,  kick  stages,  or  strap-on  concepts  can  further  in- 
crease the  payload  to  as  much  as  300,000  lb  and  can  include  canability  for 
large-diameter  payloads.  Reductions  in  rec\rrring  cost  after  the  system  is 
operational  (a  form  of  growth)  can  be  accomplished  by  (l)  introducing  advanced 
low-cost  tank  manufacturing  methods  into  the  tank  production  schedule  or  (2) 
eventually  developing  a booster  and  converting  the  stage-and-one-half  orbiter 
to  a two-stage  orbiter. 


i 
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Fig.  2.2-15 


LAUNCH  AZIMUTH  (DEG) 


REFERENCE 
MISSION 
270  NM  \ 


f PAYLOAD  TO  100  NM 
CIRCULAR  ORBIT''' 1000  LB 


270' 


3000  I 2000  '•K  1 
RANGE  (NM)^,  \) 


DROP  TANK 
IMPAa  ZONE 


90° 


D02186 


Fig.  2.2-15  H Stage  All  Azimuth  Launch  Performance 
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Table  2.2-3 

STAGE-AND-ONE-HALF  SENSITIVITY  PARTIALS 
VARIABLE  DESIGN  DROPTANKS,  CONSTANT  PAYLOAD 


a (glow) 

a (Inert  Weight , Orb iter 
a(GLOW) 

a( Inert  Weight  Droptank 
d(GIDW) 

a(i 

sp 

PAYLOAD  SENSITIVITY 

aPL  - 

a (Inert  Weight  Orbiter ) 

aPL  

a( Inert  Weight  Droptank) 

aPL 


= 25.6* 

= 10.7 

p 

= -39,900  Ibtn  /ibf-sec 


= Zero,  and  -1  or  -3265  Ib/percent 
= Zero,  and  -0.457  -56llb /percent 

p 

= 1890  Ibm  /ibf-sec 


*With  secondary  effects 
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2.2.1.17  Modular  Development,  Production,  Maintenance,  and  Growth  Capability. 
The  general  arremgement  and  design  of  the  l^stage  vehicle  system  was  guided 
by  considerations  for  arriving  at  a system  amenable  to  simple  and  efficient 
development,  production  and  maintenance  procedures  and  operations.  This  is 
achieved,  as  shown  in  Fig.  2.2-17,  by  separating  the  vehicle  system  into  the 
three  major  modules  of  (1)  droptankj  (2)  orbiter  rocket  propulsion,  and 
(3)  orbiter  vehicle. 

This  modtilar  concept  is  adopted  at  a lower  level  in  the  orbiter  vehicle  where 
major  subsystems  and  assemblies  are  concentrated  into  distinct  functional  and 
spatial  submodules,  the  principal  of  which  are  (1)  electronics,  service  and 
crew  systems,  located  in  the  vehicle  nosej  (2)  major  mechanisms  for  stowage 
and  deployment  of  main  landing  gear  and  airbreather  engines  at  the  lower 
fuselage  surface  aft  of  the  payload  bay,  and  (3)  aerodynamic  surfaces  includ- 
ing control  and  deployment  mechanisms  at  the  aft  end  of  the  airframe. 

With  this  arrangement,  the  individual  modules  and  submodules  can  to  a large 
extent  be  designed,  subintegrated,  developed  and  tested  independently,  and 
finally  assembled  into  the  vehicle  system  with  a major  reduction  in  development 
and  production  effort  and  cost.  Later  removal  for  major  maintenance  operations 
or  for  growth  by  exchange  with  advanced  oq’oipment  is  possible  with  minimum 
interference  with  the  remaining  systems. 

The  propulsion  modtile  consists  of  the  thrust  structure,  rocket  engines,  and 
orbiter  propellant  tanks.  This  module  can  be  developed  and  cold-flow  and  hot- 
flow  tested  without  the  vehicle  airframe  system.  Eventually,  the  droptanks  can 
be  added  to  the  propulsion  module  and  the  entire  launch  system  can  be  tested. 
The  staging  operation  for  the  tanks  can  be  duplicated  on  the  ground  using  only 
the  propulsion  and  droptank  modiiles.  The  vehicle  module,  including  the  air- 
frame, aerodynamic  surfaces  and  controls  crew  compartment,  payload  bay  and 
accommodations,  and  subsystems,  could  be  flown  with  only  a dummy  propulsion 
system  installed  for  interface  control . 
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Individual  module  assembly  and  removeiL  are  made  possible  by  providing  .three 
major  assembly  joints  in  the  vehicle  structxare  which  permit  the  separation  of 
the  airframe  into  four  major  assemblies.  Low-coat  production  and  ease  and 
efficiency  of  maintenance  and  refurbishment  operations  are  fvirther  enhanced 
by  the  large  cross-sections  which  are  provided  by  the  delta-body  concept 
throughout  the  entire  airframe.  These  allow  the  installation  of  the  reqioired 
propellant  qiiatitities  in  tanks  of  simple  geometric  configurations  with  ample 
clearance  space  between  the  tanks,  structures,  and  other  subsystem  equipment. 
This  arrangement  also  permits,  to  a certain  extent,  modifications  of  the 
geometiy  of  individual  systems  and  subsystems  without  redesign  of  other 
major  components. 

2.2.1.18  Low  Risk  Potential.  The  l^stage  systems  concepts  inherently  pro- 
vides a low  risk  potential  primarily  dtie  to  the  following  factors; 

1.  Only  a single  complex,  and  manned  vehicle  is  required  per  flight,  as 
against  two  with  the  two-stage  system,  which  basically  reduces  the 
failure  probability  by  a factor  of  two. 

2.  The  separation  maneuver  is  ftilly  mechanically  controlled  and 
accomplished  by  the  inertias  of  the  modules  involved  tinder  the 
action  of  the  thrust  forces  of  the  operating  main  engines  without 
reqtdring  the  addition  of  any  active  system. 

3.  Since  staging  occurs  at  1g  acceleration  end  near  zero-q,  no  advanced 
aerodynamic  parallel  staging  technology  is  required.  The  staging 
maneuver  can  be  simulated  closely  on  the  ground  for  testing  all 
involved  stnictures  and  mechanisms,  including  propellant  line  dis- 
connects under  near  operational  conditions. 

4.  The  possibility  of  flight  testing  the  orbiter  vehicle  alone,  without 
the  assistance  of  a booster,  permits  evaluation  of  the  operation  of 
all  systems  involved  under  most  critical  flight  conditions  with  mini- 
mum risk. 


2.2-33 

LOCKHEED  MISSILES  & SPACE  COMPANY 


LMSC-A989142 
Vol  II 


5.  With  all  engines  ignited  and  operating  at  NPL  prior  to  launch,  main 
engine  in-flight  starts  are  not  required  for  normal  operation.  All 
engines  are  checked  out  by  ground  operations.  In  the  event  of  engine 
failure  to  ignite,  the  mission  can  be  scrubbed  without  abort. 

6.  The  large  number  of  engines  Installed  permits  assigning  three  engines 
for  the  post-separation  phase,  providing  full  fall-operational  capa- 
bility under  the  one-engine-out  condition  without  the  necessity  for 
adding  vjelght  or  reserve  propellant  for  abort  maneuvers. 

7.  The  use  of  fixed  position  nozzles  with  the  main  rocket  engines  reduces 
system  complexity  and  fail\ire  probability. 

8.  The  possibility  of  adjusting  system  performance  within  a large  margin 
by  changing  droptank  propellant  weight  permits  accommodating  changes 
in  orbiter  characteristics  or  requirements  dijring  the  development 
period  without  design  changes  on  a highly  complex  second  vehicle 
module. 

2.2.1.19  System  Design  Characteristics  Summa,ry.  The  system  design  character- 
istics are  discussed  briefly  in  Sections  2.2-2  and  2.2-3  for  the  droptank 
modxjle  and  the  orbiter.  The  most  important  quantitative  system  design, 
dimensional,  performance,  and  mass  property  characteristics  are  summarized 
in  tabrilar  form  in  Section  2.2-4. 

Resolution  of  the  1-|-stage  technical  issues  was  accomplished  in  a vehicle 
design  which,  without  resorting  to  use  of  advanced  materials  for  the  primary 
structures,  combines  the  required  envelope  for  the  installation  of  the  payload, 
engines,  and  propellants  with  a configuration  giving  trimmable  and  stable  flight 
and  adequate  performance  characteristics  over  the  entire  mission  profile.  The 
extreme  center  of  gravity  locations  listed  in  Table  2.2-4  indicate  that  they 
are  within  the  permissible  limits  for  stable  flight  established  in  Section  2.6, 
except  for  the  condition  with  removed  payload  and  airbreather  engine  system. 
Hov?ever,  since  as  shown  by  the  data  in  Table  2.2-2,  for  this  condition  the  ascent 
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payload  potential  highly  exceeds  the  design  requirement,  this  situation  can 
easily  bo  remedied  by  replacing  the  removed  airbreather  engine  by  approxi- 
mately 2000  lb  of  ballast  installed  in  the  orblter  equipment  compartment. 

In  conclusion,  it  can  be  stated  that  all  established  space  shuttle  performance, 
design,  and  operational  requirements  — with  minor  modifications  from  the  latter 
for  adjustment  to  specific  l^stage  design  conditions  — can  be  satisfied,  or 
exceeded  with  a vehicle  system  displaying  a lower  gross  liftoff  weight  and  eux 
inherently  higher  reliability  potential  than  a comparable  two-stage  system. 
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2.2.2  Droptank  System  and  Droptank-Orbiter  Interface  Characteristics 

The  droptank  module,  shown  in  Fig.  2.2-18,  consists  Of  two  symmetrical  tank 
assemblies  connected  at  the  front  by  an  interbank  tie  that  resists  only  shear 
and  torsional  loads,  and  rigidly  at  the  rear  by  the  attach  points  through  the 
orbiter  thrust  structure  • Each  tank  assembly  comprises  a forward  primarily 
conical  LO^  tank,  an  aft  primarily  cylindrical  LH^  tank,  an  intertank  structure, 
and  forward  and  aft  support  structures.  All  are  manufactured  of  aluminum,  ex- 
cept the  aft  support  structures,  which  are  made  of  titanium  considering  the 
highly  concentrated  load  condition  in  this  area. 


The  module  is  connected  with  the  orbiter  by  a forward  and  two  aft  attach  points 
which  are  arranged  on  the  orbiter  upper  surface  to  avoid  heat  shield  penetra- 
tions in  the  area  of  extreme  surface  temperatures.  The  forward  attach  mechan- 
ism uses  a link  tie  mechanism,  integrated  with  the  interbank  tie  structure, 
which  is  connected  to  the  orbiter  nose  by  a fitting  designed  to  resist  loads 
only  in  the  pitch  direction.  The  two  aft  ties  --  one  at  the  end  of  each  tank 
assembly  — are  connected  by  ball- joints  to  the  orbiter  close  to  the  thrust 
struct\ire  so  that  loads  are  reacted  in  all  directions,  but  moments  are  not  in- 
troduced into  the  orbiter.  Consequently,  free  longitudinal  movement  between 
tanks  and  orbiter  is  possible  for  thermal  expansions  and  contractions.  The 
aft  joints  also  permit  upward  rotation  of  the  entire  droptank  module  during 
the  initial  separation  phase  and  include  the  mechanism  required  for  ultimate 
release,  completing  the  separation  maneuver . 

All  propellant  and  gas  line  connections  are  arranged  close  to  the  attach  points 
permitting  use  of  common  and  relatively  small  doors  for  reducing  the  number  and 
size  of  the  necessary  heat  shield  penetrations . Two  LO^  transfer  lines  enter 
the  orbiter  at  the  location  of  the  forward  attach  point,  and  the  LH^  transfer 
lines  enter  at  the  location  of  the  aft  attach  points.  Use  of  straight  pull- 

apart  line  disconnects  is  made  possible  by  the  radial  separation  motion. 

The  droptank  system  includes  propellant  loading  instrumentation  and  external 
insulation.  Cork  insulation  is  used  in  the  forward  cone  section  for  protection 
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from  ascent  aerodynamic  heating.  Two  lb  per  cu  ft  of  spray  polyurethane  foam 
is  used  on  the  hydrogen  tank  and  is  sized  to  prevent  cry opumping  during  ground 
hold.  An  additional  2400  lb  of  cork  insulation  is  required  over  the  entire 
surface  of  the  tank  assemblies  to  protect  the  tank  structure  for  intact  entry. 

The  droptank  system  was  designed,  loaded,  and  stressed  in  considerable  detail 
to  provide  a basis  for  justifying  tank  weight  and  cost.  Tank  external  loads 
were  used  in  an  LMSC  buckling  criteria  computer  program  to  establish  tank  skin 
gages,  stringer  dimensions,  and  ring  requirements.  The  tanks  operate  at  from 
l8  to  21  psia  for  the  oxygen  tanks  and  26  to  2?  psia  for  the  hydrogen  tanks . 
Liftoff  loads  are  design  critical.  The  resulting  propellant  fraction  for  the 
tank  is  O.961,  including  structure  insulation  and  instrumentation. 

The  tank  design  was  conservatively  based  on  use  of  expensive  machine  and  chem- 
milled  integral  skins  joined  by  fusion  welding.  This  process  does  not  reflect 
good  mass  production  practice,  but  was  chosen  to  obtain  a conservative  hi^ 
tank  cost . Alternate  methods  of  manufacturing  the  tanks  could  be  used  to  re- 
duce cost  with  very  little  reduction  in  the  propellant  fraction.  Lockheed, 
for  example,  has  successfully  manufactured  a 1?  ft  long  by  10  ft  diameter  cryo- 
genic tank  using  a weld -bond  process  to  join  as-received  sheet  aluminum  stock. 
Coupon  tensile  tests  at  room  and  cryogenic  temperatures  under  load  and  vibra- 
tion have  verified  the  structural  advantage  of  the  spot -bond  process. 


i 
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2.2.3  Orbiter  Design  Characteristics 

2,2.3.!  Configuration  and  Aerosha-pe.  Ihe  general  arrangement  of  the  orbiter 
is  shown  in  Fig.  2.2-19.  The  orbiter  geometry  is  basically  a modified  delta 
body,  characterized  by  large  leading  edge  radii  and  a steeply  sloped  upper 
forward  body  to  provide  satisfactory  pilot  visibility  and  to  improve  volumetric 
efficiency.  Multipurpose  side  fins  provide  directional  and  longitudinal  sta- 
bility and  increase  primarily  subsonic  lift.  Aerodynamic  stability  and  control 
are  also  provided  by  9 additional  aerodynamic  surfaces . Two  upper  elevens  are 
used  primarily  for  longitudinal  trim  and  roll  control;  a lower  trim  flap  is 
used  for  longitudinal  trim,  and  two  elevens  installed  at  this  flap  are  used  for 
pitch  control  and  primarily  hi^-speed  roll  control;  and  rudders  and  drag 
brakes  located  at  the  fins  are  employed  for  yaw  control  and  are  biased  through 
the  speed  regime  to  provide  satisfactory  combination  of  pitch,  roll,  and  yaw 
characteristics. 

This  configuration  combines  adequate  flight  performance,  entry  temperature  con- 
trol capability,  and  satisfactory  flight  control  and  stability  characteristics 
with  a high  volumetric  and  structural  design  efficiency.  It  allows  minimiza- 
tion of  reentry  time  (through  low-crossrange  maneuver  requirements)  at  flight 
attitudes  not  requiring  transition  maneuvers  in  the  post-stall  regime.v€r^  tran- 
sonic and  subsonic  speeds . The  basically  triangular  planform  provides  the 

large  base  area  required  for  the  installation  of  the  engines  and  aft  location 
of  the  aerodynamic  force  center  adequate  to  bal.ance  the  resulting  aft  location 
of  the  center -of- gravity  during  reentry  and  landing.  The  location  of  the  eg 
was  further  controlled  by  using  a 53:1  nozzle  expansion  ratio  for  the  main 
rocket  engines,  which  permits  moving  the  aerod^mamlc  surfaces  about  2 ft  aft 
without  undue  plume  impingement  . 


In  order  to  further  improve  packaging  efficiency  of  the  delta-body  configura- 
tion, the  forward  body  sections  are  modified  from  ideal  design  conditions  where 
roll-in  would  be  determined  solely  by  requirements  for  minimal  reentry  heating 
and  minimal  loss  of  directional  stability  and  of  lift -to -drag  ratio  at  the 
hypersonic  design  angle-of-attack.  The  increased  heating  and  instability 
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introduced  by  this  front  body  bulging  axe  compensa.ted  for  by  extending  the 
area  covered  by  the  high-tem.pera,ture  resistant  heat  shield  and  by  ao-justment 
of  rollout  and  toe-in  of  the  side  fins. 

The  resulting  high  voliimetric  efficiency  provides  for  the  installation  of  all 
vehicle  subsystems  without  resorting  to  design  solutions  which  axe  either  ex- 
pensive or  contrary  to  efficienct  maintenance  and  checkout  operations.  Easy 
access  for  maintenance,  inspection,  and  modular  component  exchange  from  the 
vehicle  interior,  as  well  as  ample  additional  space  for  changing  or  auginent- 
ing  equipment,  installations,  or  propellant  loads,  is  provided  throughout  the 
vehicle. 

2. 2. 3. 2 Crew  Accommodations . The  crew  cabin,  installed  in  the  orbiter  nose 
section,  and  on  top  of  the  front  landing  gear  bay,  is  sized  for  the  accommo- 
dation of  two  pilots  and  two  additional  crew  members.  Adequate  pilot  visibility 
during  landing  is  easily  obtained  with  the  blunt-nose  configuration.  Ingress 
and  egress  during  prelaunch  operations  is  through  a top  hatch.  An  additional 
hatch  in  the  cabin  bottom  permits  egress  after  landing  through  the  nose  land- 
ing gear  well.  Ample  additional  space  is  available  for  later  expansion  of 
crew  or  passenger  accommodations. 

Aft  of  the  cabin,  an  airlock,  adequately  sized  for  the  installation  of  payload 
control  and  docking  stations,  is  installed,  permitting  access  to  the  payload 
bay  through  a short  6o-in.  diameter  tunnel. 


Payload  Accommodations . The  central  vehicle  section  houses  primarily 
the  15  ft  diameter  x 60  ft  length  payload  bay  and  the  two  ascent  tanks. 

The  bay  is  sufficiently  aft  to  provide  the  space  for  the  installation  of  the 
payload  deployment  mechanism  between  its  foiwaxd  bulkhead  and  the  airlock.  It 
is  covered  with  hinged  split  doors,  providing  a clear  Opening  over  its  entire 
projected  area  and  also  the  surface  required  for  the  installation  of  space 
radiators. 
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2.2.3 .4  Equipment  Installation.  Most  support  equipment  is  concentrated  in 
the  orbit er  nose  section  adjacent  to  the  crew  accommodations.  The  heavy 
avionics  equipment,  fuel  cells,  and  batteries  occupy  the  space  within  approx- 
imately the  first  third  of  the  length  of  the  nose  section.  The  tankage  systems 

the  cryogenic  ECS  and  power  system  reactants  and  most  of  the  additional 
ECS  equipment  are  located  in  the  space  left  between  the  vehicle  surface  and 
the  pressurized  compartments,  payload  deplosoaent  mechanism,  and  forward  land- 
ing gear  bay. 

% 

2. 2. 3. 5 Structural  Arrangement.  The  overall  structural  concept  is  of 

a closed— V geometry,  consisting  of  the  thrust  structure  and  the  droptanks  as 
shown  in  Fig.  2.2-20.  The  thrust  structure  serves  the  multiple  functions  of 
(1)  distributing  engine  loads  to  the  droptanks  and  to  the  orbiter  propellant 
tanks  and  fuselage,  (2)  providing  the  orbiter  strongback  for  the  distribution 
of  the  loads  from  the  aerodynamic  surfaces  into  the  fuselage,  and  (3)  provid- 
ing for  the  assembly  of  the  pad  hold-down  attachments.  The  ascent  tank  assem- 
blies are  designed  as  two  continuous  beams  which  are  aft  rigidly  attached  to  the 
thrust  structure , and  forward  connected  to  bulkheads  (coincident  with  the  cargo 
bay  bulkheads)  by  supports  resisting  only  transverse  loads.  Thus,  longitudinal 
displacements  between  tanks  and  fuselage  for  the  accommodation  of  thermal  ex- 
pansion and  contraction  become  possible.  This  arrangement  results  in  short 
and  direct  paths  for  the  major  acceleration  loads  from  engines  to  droptanks  and 
orbiter  tanks;  tuid  the  orbiter  tank  assemblies,  without  being  integrated  with 
the  primary  structure,  can  be  used  for  sharing  the  bending  loads  with  the  fuse- 
lage. Combining  this  arrangement  with  the  deep  body  sections  of  the  delta-body 
geometry,  a system  is  obtained  in  which  the  entire  foiward  section  of  the 
fuselage  is  only  lightly  loaded . 

The  resulting  general  orbiter  structure  concept  is  a,  conventional  stringer  and 
bulkhead  airframe  attached  to  the  thrust  structure.  It  supports  the  crew  com- 
partment , pajfload,  landing  gear,  and  vehicle  equipment  and  is  attached  to  the 
droptanks  at  the  forward  end  for  relatively  small  stabilizing  shear  loads  of 
about  only  50  j 000  Ib. 
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2. 2. 3. 6 Structoiral  Materials;  This  design  concept  results  in  a highly 
efficient  structure  which  provides  the  required  low  weight  without  resorting 

to  the  use  of  advanced  materials  or  uncommon  manufacturing  methods.  The  entire 
fuselage  with  the  exception  of  the  thrust  structure,  is  made  of  aluminum. 
Titanium  alloy  is  used  for  the  trim,  flaps,  and  elevens,  and  for  the  payload 

doors  and  the  thrust  structure . 

2. 2. 3. 7 Thermal  Protection  System.  The  thermal  protection  system  is  fully 
reusahlc  with  the  exception  of  flexible  flame  curtains  used  at  the  vehicle 
base . Heat  shield  materials  were  selected  to  provide  a 200°F  margin  over  the 
calculated  temperatures  assumed  as  the  design  limit,  and  insulation  thickness 
was  determined  to  limit  the  temperature  of  alorninum  structures  to  300  P and  of 
titanium  structures  to  600°F.  The  materials  used  are  titanium  for  temperatures 
up  to  1000°F,  LI-1500  for  temperatures  ranging  from  1000°F  to  2300  F,  and 
coated  tantalum  for  hi^er  temperatures  up  to  2800°F . 

Figure  2.2-21  illustrates  distribution  of  TPS  materials,  design  concepts  and 
insulation  thicloiess  over  the  orbit er  surface.  Approximately  60  percent  of 
the  orbiter  surface  (including  leading  edges)  is  protected  by  LI -I5OO,  which 
is  a 15  Ib/ft^,  all  silica,  rigid,  external  insulator  being  developed  for  NASA 
by  Lockheed.  On  the  orbiter  fuselage,  the  LI-I5OO  is  bonded  to  titanium  sub- 
panels which  are  attached,  through  rigid  insulators,  to  aluminum  primary  frames 
This  concept  was  selected  to  provide  for  simple  refurbishment.  For  the  leeward 
surfaces  experiencing  temperatures  below  1000  F,  a titanium  heat  shield  with  in 
ternal  fibrous  Insulation  is  used.  On  the  outer  fin  and  lower  flap  and  elevon 
surfaces,  as  well  as  on  the  orbiter  base,  the  LI-I500  insulator  is  directly 
bonded  to  the  titanium  structure.  On  the  leeward  fin  s\rrf aces,  titanium  skin 
is  used  without  internal  insulation.  Flexible  frame  curtains  are  used  at  the 
base  to  protect  the  gimballed  engines  and  the  flap  actuators . After  toiachdown, 
the  heat  stored  in  the  insulation  is  removed  during  the  safing  phase  by  coolant 
air-flow  provided  by  ground  equipment  to  prevent  overheating  of  aluminum  struc- 

tures . 
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In  establishing  the  orbiter  vehicle  system,  careful  attention  was  given  to 
keeping  to  a minimum  the  number  of  penetrations  of  the  heat  shield,  in  general, 
and  particularly  on  the  surfaces  exposed  to  high  temperatures.  All  the  open- 
ings required  for  the  connection  of  the  droptanks  with  the  orbiter  are  located 
at  the  upper  surface  of  the  orbiter.  Only  three  openings  are  required  for  this 
purpose,  since  the  propellant  and  gas  lines  are  routed  so  that  their  couplings 
share  the  openings  with  the  structural  attachments.  On  the  lower  surfaces, 
besides  the  inevitable  disruptions  caused  by  the  hinges  of  aerodynamic  sur- 
faces, eight  major  penetrations  are  required;  three  for  the  landing  gear,  one 
for  the  deployment  of  the  Jet  engines,  and  four  for  ACS  thruster  clusters. 
However,  the  first  fom-  of  these  penetrations  are  considered  not  critical, 
since  their  protecting  doors  need  not  to  be  opened  prior  to  reentry.  Conse- 
quently, seals  can  be  applied  and  checked  by  ground  operations. 

2.2.3 S Tankage  and  Propellant  Systems.  The  propellants  for  the  ascent  and 
orbital  operations  are  stored  in  separate  tankage  systems  with  only  txie  orbit- 
al system  designed  for  long-time  storage.  All  the  tanks  are  nonintegral  with 
the  basic  vehicle  structure  and  have  a simple  geometric  shape,  consisting  only 
of  spherical,  cylindrical,  and  conical  sections  with  circular  cross -s ections . 

All  insulation  is  external.  These  characteristics  are  essential  for  low-cost 

development,  manufactiire,  and  maintenance  and  for  efficient  quality  control 

and  checkout.  For  the  large  ascent  tank  system,  two  spherical  10 ^ tanks  and 
two  conical  IH^  "tanks  are  used.  The  hydrogen  tanks  are  forward-installed, 
along  and  partially  underneath  the  Cargo  bay , and  the  10^  tanks  behind  and  in 
line  with  the  LH^  tanks.  The  orbital  tank  system,  consisting  of  single  tanks, 
uses  for  the  LH^  a short  cylindrical  tank  installed  between  the  cargo  bay  and 
the  thrust  structure,  and  for  the  LO^  a long  cylindrical  tank- positioned  under 
the  cargo  bay  between  the  two  ascent  hydrogen  tanks . 

Crossfeeding  capability  between  ascent  and  orbital  tank  systems  is  not  provided, 
but  could  be  installed  if  required.  The  ascent  oxygen  propellant  flow  is  cas- 
caded from  the  forward-located  droptanks  through  the  orbiter  oxygen  propellant 
tanks . The  chosen  design  precludes  any  possibility  for  the  engines  to  ingest 
a gas  bubble.  The  two  19- in.  diameter  lines  between  the  forward-located  orbiter 
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droptank  disconnects  and  the  orbiter  tanks  are  installed  inside  the  orbiter. 

The  ascent  LHg  is  fed  from  the  droptanks  directly  into  the  engine  manifold  sys- 
tem through  connectors  located  near  the  aft  droptank  attach  points. 

Sizing  and  loading  of  the  droptanks  is  biased  so  that  oxygen  depletion  occurs 
prior  to  hydrogen  depletion.  Staging  is  signaled  by  propellant  level  sensors 
in  the  oxygen  line  inside  the  orbiter.  At  nominal  staging  conditions,  there 
is  no  liquid  oxygen  remaining  in  the  oxygen  droptank  and  approximately  600  lb 
of  liquid  hydrogen  will  remain  in  the  hydrogen  tank. 

14ain  propellant  feed  valves  are  closed  on  the  orbiter  side  of  both  oxygen  and 
hydrogen  lines  prior  to  staging.  The  cascade  liquid  oxygen  design  precludes 
any  opportunity  for  the  engines  to  ingest  gaseous  oxygen.  The  hydrogen  cross- 
ship manifold,  orbiter  propellant  tank,  hydrogen  valves,  and  a hydrogen  circu- 
lation system  are  arranged  so  that  the  engines  cannot  ingest  gaseous  hydrogen. 
Circulation  of  oxygen  through  the  feed  system  and  vent  system  is  provided  by 
circulation  pumps  during  ground  hold  to  prevent  oxygen  geysering.  Propellant 
losses  associated  with  the  sequential  shutdown  of  the  main  rocket  engines  are 
greatly  reduced  by  recirculation  into  the  tanks  of  the  LOg  residuals  in  the 
individual  engine  feed~Iines.  This  is  done  by  the  application  of  pressurant 
gas  without  the  addition  of  any  moving  components  to  the  system. 

The  main  propulsion  propellant  system  is  pressurized  by  gaseous  oxygen  and 
gaseous  hydrogen  bled  from  the  main  engines.  Prepressurization  for  engine  start 
is  provided  through  the  ventlines  from  ground  supply.  Mechanical  relief  valves 
are  provided  for  overpressurization,  safety  and  backup.  Control  of  pressure  for 
venting  and  propellant  feed  is  accomplished  with  redundant  pressure  switches  in 
a fail  operational,  fail  operational,  fail  safe  redundancy  arrangement. 

For  the  Orbit  Maneuver  Propulsion  system,  the  propulsion  storage,  thermal 

conditioning,  acquisition  and  pressurization  sub-systems  are  designed  for  30- 

day  storage  capability  in  orbit.  It  is  shared  by  the  propellants  for  the 

ACPS  and  APT!  ■units.  Helium  is  Selected  as  press'arant  on  -the  basis  of  an  appreciable 

weight  saving  in  comparison  to  use  of  gaseous  propellant  bled-  from  the  ELIO  engine. 
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2.2.3.  9 Main  Propulsion  and  Orbit  Propulsion  Rocket  Engines.  The  nine  530,000 
Ih  nna-levol  thrust  main  rocket  enQines  are  installed  on  a transverse  thrust 
structure.  Their  cha^acts^istics  and  interface  requirements  are  as  defined 
by  Space  Shuttle  Main  Rocket  Engine  ICD  13  M I5OOO  B with  the  exception  that 
the  expansion  ratio  is  increased  to  53* 1*  Among  the  9 engines,  the  central  5 
are  gimhalled  ± 7 deg  in  a square  pattern,  and  the  central  3 are  manifolded  to 
permit  continued  operation  throVf~h  and  after  separation.  Of  these  central  3> 
only  2 are  used,  the  third  providing  fail  operational  capability  for  the  abort- 
through-orbit  Level  I requirement. 

The  two  ELIOA-3-3A  engines  used  for  the  orbit  maneuver  propulsion  system  are 
also  installed  on  the  thrust  structure.  They  are  arranged  outboard  of  the  main 
engines  on  additional  mounts , placing  their  nozzle  exit  planes  in  line  with 
those  of  the  main  engines  for  avoiding  exhaust  plume  impingement  during  opera- 
tion of  either  engine  system.  Each  engine  is  gimballed  ± 4 deg  and  appropriate- 
ly precanted  in  the  null  position  to  allow  single  engine  operation  as  the  nor- 
mal mode . 

2 .2  -1  n Attitude  Control  Propulsion  System.  The  attitude  control  propulsion 

system  is  a high-pressure  GHg/GOg  system  using  40  identical  1500-lb  thrusters . 
Low  thrust  for  limit  cycle  operation  is  obtained  by  pulsing  the  igniters 'of  the 
thrusters.  The  liquid  propellants  are  transformed  into  high-pressure  gases  by 
tliree  independent  conversion  units  consisting  of  gas  generator,  turbine,  gear 
train,  pumps,  heat  exchangers,  and  control  equipment,  which  are  designed  under 
conservative  assumptions  not  requiring  development  beyond  current  state-of-the- 
art.  The  gases  are  stored  under  2000  psia  pressure  in  three  accumulator  units 
for  feeding  the  thrusters  and  the  AHJ  units , The  conditioning,  storage  and 
feed  subsystems  are  designed  and  sized  so  that  full  fail-operational  and  fail- 
safe capability  is  maintained  throughout  the  entire  system,. and  to  permit 
continuous  simultaneous  operation  of  four  thrusters. 

The  thrusters  operate  at  a nominal  chamber  pressure  of  25O  psia  which  is  asso- 
ciated with  a relatively  low  system  specific  impulse  of  362  sec.  Use  of  a 

more  advanced  system  operating  at  hi^er  pressures  and  also  using  turbine 

2.2-50 

LOCKHEED  MISSILES  8t  SPACE  COMPANY 


LMSC-A989142 
Vol  II 


exhaust  for  impulse  generation  was  not  considered  to  provide  a significant  im- 
provoment.  -With  the  selected  vehicle  system,  in  which  more  than  90  percent  of 
the  maneuvering  capability  is  provided  by  a separate,  hi^-periormance  engine 
system,  the  gain  in  ACPS  specific  impulse  would  be  nearly  offset  by  the  asso- 
ciated increase  in  system  weight. 

The  thrusters  are  arranged  on  the  orbiter  in  a pattern,  shown  in  Fig.  2.2-22, 
satisfying  all  control  and  translatory  impulse  requirements  under  operational, 
fail- operational,  and  fail-safe  modes  of  operation  and  for  no  cross  coupling 
in  all  orbital  modes  of  motion  with  the  exception  of  yaw  translation.  During 
reentry,  only  the  thrusters  installed  on  the  leeward  orbiter  surface  and 
four  side- oriented  thruster  pairs  are  used,  the  others  (including  all 
downward- directed)  being  retracted  and  covered  by  doors.  The  remaining 
active  thrusters  are  adequate,  since  generation  of  pure  couples  is  not  required 
during  reentry. 

2.2.3.11  Airbreathing  Propulsion  System.  The  airbreathing  propulsion  system 
uses  six  PWA-JTF-22-A4  type  JP-fueled  engines.  The  JP  propellant  is  stored  in 
insulated  tanks  located  forward  of  the  payload  bay . They  are  insulated  and 
equipped  with  heater  elements  for  extended  storage  in  orbit . Redundant  boost 
pumps  backed  by  capability  to  pressurize  the  tanks  provide  for  fuel  feed  to 
the  engines.  The  engines  are  stowed  prior  to  use  inside  the  orbiter  close  to 
its  eg  in  the  space  below  the  ascent  oxygen  and  orbit  maneuver  hydrogen  tanks 
between  the  two  main  landing  gear  wells , and  mounted  on  a single  door  . After 
reentry,  this  door  is  deployed  by  a parallelogram  linkage,  placing  the  engines 
below  the  fuselage  into  the  air  stream.  The  remaining  clearance  of  qet  engine 
intakes  from  the  ground  is  comparable  with  that  of  Jet  engine  installations  in 
present-day  commercial  aircraft < 

12  landing  Gear.  The  tricycle  landing  gear  is  of  conventional  design 
and  provides  ample  base,  tread,  and  nose  gear  steering  capability.  The  main 
gear  Is  installed  outboard  of  the  jet  engines  in  the  space  below  the  ascent 
oxygen  and  the  orbit  maneuver  hydrogen  tanks . The  forward  gear  is  installed 
below  the  crew  cabin  and  airlock.  The  geometry  and  space  allocations  permit 
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stowage  by  forward  retraction,  providing  free-fall  capbility.  Since  the  doors 
open  only  after  reentry,  they  can  be  closed  and  sealed  by  ground  operations. 

The  gear  is  sized  so  that  smaller  footprint  pressures  are  obtained  on  either 
flexible  or  rigid  pavements  than  with  the  DC-8-55  model  jet  transport  in  its 
take-off  condition. 

2. 2. 3.1  3 Lower  Flan  - El evon  Assembly.  The  lower  flap-elevon  system  is  de-  , 
signed  to  be  retracted  during  engine  operation  to  avoid  plume  impingement  ef- 
fects. The  assumed  stowage  conceptual  design  is  similar  to  aircraft  systems 
and  was  chosen  to  permit  extension  into  operating  position  with  least  distur- 
bance to  the  vehicle  in  a potential  abort  condition. 

2.2 .3 .1  4 Environmental  and  Life  Support  System.  The  environmental  control  and 
life  support  system  is  designed  to  support  a 2-man  crew  for  7 days . It  provides 
for  atmospheric  supply,  pressure  control , carbon  dioxide  removal,  humidity  con- 
trol, thermal  control,  food  and  water,  waste  management,  personal  hygiene,  and 
first-aid. 

The  atmosphere  supply  and  control  is  a two-gas  system  of  oxygen  and  n^trogen 
with  a partial  pressure  of  oxygen  of  3*1  psia  and  a total  cabin  pressure  of 
147  psia.  Both  gases  are  stored  supercritically  and  heated  prior  to  admit- 
tance to  the  cabin.  The  oxygen  partial  pressure  is  controlled  by  a polar- 
graphic  sensor  and  the  total  pressure  is  controlled  by  a total  pressure  regu- 
lator with  the  nitrogen.  The  oxygen  source  is  shared  with  the  fuel  cells. 

There  are  two  coolant  loops  for  thermal  and  humidity  control:  a water  loop 

in  the  cabin  and  a Freon-21  loop  external  to  the  cabin . Heat  is  rejected  by 
a space  radiator  located  in  the  payload  door  and  peak  thermal  loads  are  rejec- 
ted with  a water  boiler.  Humidity  is  controlled  by  a condenser  heat  exchanger 
With  a coolant  inlet  temperature  of  4-5°  to  50°F . Cabin  cooling  requirements 
are  relatively  low  because  the  cabin  is  shielded  by  the  vehicle  thermal  pro- 
tection system  from  the  space  environment.  Carbon  dioxide  and  odor  are  re- 
moved by  lithium  hydroxide  and  activated  charcoal.  Urine  is  vented  or  dumped 
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into  space;  feces  and  debris  are  dried  and  stored.  Trace  containinants  axe 
eliminated  by  overboard  leakage. 

Food  is  a combination  of  frozen  and  freeze-dried  products.  Excess  water  is 

generated  by  the  fuel  cells  and  made  available  for  drixdcing. 

2.2.3.15  Power  Systems.  The  power  supply  subsystem  uses  three  main  energy 
sources.  Batteries  are  used  for  emergency  supply  of  essential  electrical  loads 
for  reentry  to  touchdown.  Three  5-IW  capillary  matrix  fuel  cells  support 
orbit  electrical  loads.  Four  oxygen/hydrogen  APUs  drive  three  40  KVA  AC  gen- 
erators and  12  hydraulic  pumps  to  support  heavy  loads  during  prelaunch,  as- 
cent,. and  atmospheric  flight.  The  gaseous  propellants  are  supplied  from  the 
high-pressure  storage  spheres  of  the  ACPS  system. 

Redundancy  for  the  power  sources  is  adequate.  One  fuel  cell  is  sufficient  to 
support  the  basic  mission  requirements  except  for  short-term  power  peaks  in 
ascent,  rendepous/docking,  and  separation.  Triple  redundancy  is  also  pro- 
vided in  the  APU- generator -hydraulic  pump  combinations  to  provide  fail- 
operational,  fail-operational,  fail-safe  capability. 

Power  distribution  is  accomplished  through  remotely  located  circuit  breaker/ 
control  units  and  is  configured  by  the  data  management  system.  Separate  AC 

and  BC  lus  and  dual  redundancy  for  all  loads  and.  qu^  for 

critical  loads  are  provided.  The  DC  bus  c^ 

iDackup  * Alumin'uin  wire  is  as  stoned  for  large  gages. 

O O V 1 A Avi  nrvi  cs  Systems . The  reduction  in  number  of  autonomous  vehicles 
from  two  in  the  two- stage  concept  to  one  in  the  stage-and-cne-half  concept 
leads  to  a considerable  simplification  of  the  avionics  system  requirement  for 
the  overall  space  shuttle  system. 
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Guidance  and  Navigation  System.  The  guidance  and  navigation  system  provides 
independent  position,  velocity,  and  attitude  information.  It  interfaces  with 
navigation  aids  (military  and  civilian)  for  enroute  and  terminal  entry,  ferry, 
and  landing  phases.  It  accepts  external  position  update  inf ormjat ion  as  avail- 
able , It  contains  a dedicated  computer  which  Interfaces  with  the  data  manage- 
ment system.  The  baseline  IMG  is  assumed  to  be  a dodecahedron  gyro/ acceler- 
ometer arrangement  currently  ■under  development. 

CoTTimnnications  System.  The  communications  system  is  sized  for  voice  plus  low 
data  rate.  It  provides  for  satellite  link  communications  (voice  arsd  data)  and 
is  compatible  with  existing  ground-based  communications  links.  UHF  is  used 
for  EVA,  other  vehicle  communications,  and  enroute  communications. 

^^^lti^ple  Displays  & Controls.  Multipurpose  displays  employing  electronic  and 
film  projection  data  are  provided  for  the  crew.  Format  and  context  of  display 
data  are  under  program  control  with  manual  override.  Dedicated  controls  and 
displays  are  provided  for  limited  function  only.  Support  data  for  independent 
analyses  of  unanticipated  events  are  stored  off-line  and  are  accessible  to  the 
crew  on  demand. 

Data  Management  System.  The  data  management  system  includes  distributed  redun- 
dant computers  under  central  computer  control . Computer  hardware  is  identical; 
only  software  is  peculiar.  Standard  peripheral  interface  \inits  with  limited 
special-purpose  computational  capability  are  provided. 

The  data  management  system  is  triply  redundant  with  quad  redxmdant  executive 
control . It  supplies  integrated  configuration  control  with  all  interfacing 
systems.  It  also  supplies  dedicated  algorithm  implementation  for  the  fli^t 
control  dedicated  hardware  and  other  interfaced  systems. 

Onboard  Checkout  System.  Orb  iter  turnaround  is  expedited  by  use  of  the  onboard 
checkout  capability  of  the  data  management  system  working  with  extensive  built- 
in  test  equipment  (BIDE)  in  the  hardware  ^elements  of  the  vehicle. 

V- • A;: 

LOCKHEED  MISSILES  & SPACE  COMPANY  


LMSC-A989142 

Vol  II 


Inflight  status  and  data  from  the  previous  flight  are  used  to  adapt  repetitive 
maintenance  schedules  to  the  present  status  of  the  vehicle,  making  more  effi- 
cient use  of  personnel  and  facilities.  The  onboard  data  management  system 
evaluates  the  repaired  and  refurbished  systems  to  a limited  extent  and  accesses 
data  for  use  by  technicians  and  a companion  AGE  data  complex  to  perform  a high 
level  of  systems  readiness  checks  prior  to  release  for  erection. 

The  onboard  capability  of  the  data  management  system  is  employed,  during  erec- 
tion, transportation  to  the  pad,  launch,  and  flight  to  continually  reverify 
the  system  capability  validated  during  the  maintenance  cycle. 


LOG KH E E D-M I SS I LES  PAC E-COM  PARY-. 


LMSC-A989142 
Vol  II 


2.2.4  System  Design  and  Performance  Characteristics  Summary  Tables 

Tables  summarizing  the  design  and  performance  char  act eristics  of  the  LocWieed 
stage-and-one-half  Baseline  Model  I<S  200-10  vehicle  system  are  presented  in 
this  section. 

A lummary  of  system  design,  performance,  aerodynamic,  and  major  subsystem 
characteristics  is  given  in  Table 

The  data  demonstrating  and  defining  the  capability  of  the  system  to  satisfy 
the  performanee  requirements  of  the  three  Level  I missions  are  presented  in 
Table  2.2-5  for  the  baseline  system  with  offloaded  drcptanks  providing  the 
specified  payloads,  and  in  Table  2.2-6  for  the  system  with  full^  drop- 

tanks  indicating  the  inherent  growth  potential  for  the  two  100  nm  missions. 

The  breakdown  of  propellant  contained  in  the  orbit  maneuver  tank  system  and 
the  related  incremental  velocity  requirements  for  maneuvers  under  nominal 
and  abort  flight  conditions  are  presented  for  the  baseline  system  and  for  the 
three  missions  in  Table  2.2-7. 

The  major  dimensional  daba  of  the  vehicle  system  in  Table  2.2-8 

A weight  summary  is  presented  in  Table  2.2-9. 
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Table  2.2-4 


PRINCIPAL  VEHICLE  SYSTEM  CHARACTERISTICS  OP  STAGE- AND- ONE- HALF 

BASELINE  SYSTEM  LS  200-10 


SYSTEM  SUMMARY 

Concept 

stage- and- One- Half 

Single  Expendable  Droptank  Module 

Reusable  Orbiter 

Configuration 

Orbiter 

Modified  Delta  Planfonn  Lifting  Body 

Droptank  Module 

V-Shaped  Droptank  Module,  consisting  of  two 
identical  tank  asseniblies  (single  LO2  tank  forward 
and  single  LIIo  tank  aft)  straddling  orbiter  in 
X-Y  plane 

All  engines  and  ACPS  thrusters  installed  on  orbiter. 

All  engines  ignited  at  liftoff.  J 

Separation  Mode 

Intact  Droptank  Assembly  rotates  "over  the  top"  of 
orbiter  around  aft  attach  point  pivots.  Motion  effected 
by  inertial  forces  generated  by  main  engine  operation 
without  assistance  from  additional  impulses 

Crossrange 

1100  nm  hypersonic  crossrange  capability 

Performance 

Satisfies  with  Gross  Liftoff  Weight  3«^5  ^ GI£)W  S 

3.82  Mlb  all  Level  1 Mission  Requirements 

Go-around  capability  with  airbreathing  propulsion 
system  installed 

Orbiter  trimraable  and  stable  under  all  flight  conditions 

Ferry  capability  with  addition  of  fuel  tanks  and  possibly 
aerodynamic  fairings  in  kit  form 

bro^a'hk  Impact 

For  current  mission  model,  all  azimuths  achievable  with 
ocean  impact. 

For  extended  requirements,  omni-azimuth  ocean  impact 

capability  achievable  with  minor  loss  in  performance 

Materials 

Primary  structiires:  Fuselage  aluminvimj  Aerodynamic 

surfaces,  thrust  stiructure  and 
cargo  bay  door  titanium 
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Table  2,2-4  (Continued) 


DIMENSIONS 

Orbiter 

Droptank 

(a)  Module 

(b)  Single 
Tank  Assy 

Composite 

Total  Length,  ft 

156,5 

192 

229 

Span,  ft 

92,0 

92 

Height,  ft 

■■ 

- gear  up 

' 

38 

-gear  down 

49 

Diameter,  ft 

27(b) 

, 

p 

Planform  Area,  ft 

6846 

WEIGHTS,  lb 

For  270  nm  55  deg  inc,  ref,  mission 

Airbreathing  propulsion  system  Installed 

Dry  : 

294,399 

112,162 

406,561 

Ascent  Propellant 

Impulse 

239,209 

3,063,218 

3,302,427 

Loaded 

255,198 

3,104,894^^^ 

3,3^0,093  ^ ' 

Orbit  Maneuver  Propellant 

Impvilse 

38,613 

Loaded  . 

40,020 

Attitude  Control  Propellant 

Impulse 

1,211 

v;  : --;  ■■Loaded 

1,773 

Cruise  Propellant 

8 J!lHQ 

: Loaded  V : \ 

9,921 

Cargo 

25,000 

(1)  Including  31,122  lb  holddown  propellant 

(2)  Incliiding  ACP  propellant  for  generation  of  142  ft/sec  orbit  A V 

(3)  Excluding  ACP  propellant  for  generation  of  142  ft/sec  orbit  A V 
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Table  2.2-4  (continued) 


WEIGHTS.  (Cont'd) 

Orbiter 

Droptank 

(a)  Module 

(b)  Single 
Tank  Assy 

Composite 

Landing 

Entry 

Staging,  before/aft  separation 
Liftoff 

325,447 

334,808 

630156/ 

625642 

630486 

122716/NA 

3,185,934 

752874 /na 
3,816,420 

Propellant  I’raction  X' 

Dry/Wet^**^ 

.488/.463 

.9651/. 9615 

v ; ■ . 

Thrust /Weight  Ratio 
Liftoff 
Maximum  Ascent 
At  Staging 
After  Staging 
Initial 
Final 

V : : ! 

^•956 
■ : 3.00;  / / 

1.2499 

3.000 

.500 

(4)  Propellant  IVactions  are  defined: 
For  the  Orbit er 


X’  Dry  = 


_ Total  loaded  (ascent  + OtiP)  propellant  weight 


Liftoff  less  payload  weight 


X'  Wet  = 
For  the  Droptanks 


_ Total  impulse  (ascent  + OMP)  propellant  weight 
Post  separation  less  payload  weight 


VI'  _ Total  loaded  (incl.  holddown)  propellant  weight 

X Dry  - Liftoff  + holddown  propellant  weight 


X'  Wet 


_ Total  impulse  propellant  ( without  holddown)  weight 

Liftoff  weight 
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Table  2.2-4  (Cont'd) 

Orbitor 

Droptank 

(a)  Module 

(b)  Single 
Tank  Assy 

Composite 

■■  i 

COLOCATION 

Orb iter  Fuselage  Sta. , in* 
Ascent  65  Klb  Payload  IN/oOT  , at 
Liftoff 
Prestaging 
Orbit  Injection 
Reentry 

40  Klb  Payload  IN,  ABES  OUT 

Payload  OUT,  ABES  Eng.  and 
Fuel  IN 

Payload  OUT,  ABES  OUT 
Landing 

40  Klb  Payload  IN,  ABES  OUT 

Payload  OUT,  ABES  Eng.  IN 
ABES  Fuel  OUT 


145/132 

1158/1181 


1265/1333 

131^ 

1348 

1274(1) 

1317 

1368 


(1)  Can  be  reduced  without  changing  payload  capabilitj^by  2000  lb  ballast  for 
compensating  removal  of  airbreathing  engines. 


PLANFORM  LOADING 

Maximum  Loading  Condition 


Reentry 

Landing 


RESERVES 

Main  Propulsion 

Orbit  Maneuver  PropulBion 


EPR  for  1 percent  df  ideal  velocity 
capability  to  injection  into  reference  ; 
insertion  orbit  • 

Included  in  I5OO  fb/sec  AV  requirement 
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i 

# 

Table 

2.2-4  (Cont'd) 

RESERVES  (Cont'd) 

1 

i 

Attitude  Control  Propulsion 

10  percent 

i Airbreathiiig  Propulsion 

15  percent 

Electric  Power  Reactants 

20  percent 

Environmental  Control  Atmosphers 

i 1 day  supply 

APU  Reactants 

10  percent 

i,  ; Growth/Unc  ertainty 

i : Factor 

.ii  1 ■ 

Ten  (10)  percent  of  dry  weight  except 
main  rocket  engines 

i FLIGirr  PEliroRMANCE  CIIARACTERISTICS 

ii  i ; 

jf  ; 270  nni  55  deg  incl.  Reference 

|.  Mission 

• 

■ ■ i 

Ascent  ■ 

Liftoff  Thrust/Weight  Ratio 

lb /ft  /at  time,  sec 

5h6/rr  ' 

'■  ■■  t 

deg-Ib/ft^/at  timey 

, , , , ■ sec  -:  ■■ 

2000  (assumed  for  load  analysis) 

. ■ ■'  1 '■ 

Less  critical  for  load  analysis 

’ i 

.ji  ; Separation 

1 

1 Time,  sec 

■ ;::1  ■- 

. ..... . ^ . 

Velocity  ideal/relative,  ft /sec 

23,151/18,200 

: i ■ ■ 

Thrust/Weight  Ratio 

1.0 

: . i. , 

,;S  :/-:v  ■;  q,  ; ;:ib/ft^-': 

3 

. i ■ ...• 

i Injection 

^ \.-V'  ■ ..  . 1 

Time,  sec  : " 

si  ' ' ■ ■ 'ii 

385 

i . . . . 

- fS.  : ; : . r/.-."'  '■■■' 

X ; ' : v.i  \ :vy '--'I : 

.4  ^ ^ .-"'i i'  '•  -i'  ’ ■ ■ ' ■ 

41  ^ , . ' . ■ 

11  : :LO,CKHEEO/Mm^^^^^  

. j . 
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Table  2.2-4  (Cont'd) 


FLIGHT  PERIDRMANCE  CHARACTERISTICS  (Cont'd) 


Entry 

Croasrange,  nm 

B'ootprint,  nm 

Angle- of- Attack,  deg 

Duration  from  400  kft  altitude 
to  Mach  = 1,  min 

Maximum  Load  Factor,  g 
2 

Max  q,  Ib/ft 

Landing 

Capability 
Speed,  kts 

At  «L/Dmax  deg  (tail 
scrape) 

40  klb  cargo  IN  ABE  OOT 
Cargo  GOT,  ABE  IN 
Ground  Effects 

Powered  Subsonic  Flight 

Climb  Gradient 


Cruise  Altitude,  ft 
All  engines 
Engine  out 

Go- Around  Capability 


Feriy  Capability 


1100  by  hypersonic  maneuver 
2200  wide,  2000  long 

34 

29.2 

1.3 

310 

With  or  without  ABES  installed 


195/164 

182/146 

Not  included,  will  reduce  by  about  l4  kts 


2.7  percent  to  5000  ft  in  approach 
configuration  ( gear -up , engine  out) 

3»7  ^ 

configuration  (gear  down) 


Over  12,000 

9,000 

Standard  day  climb  from  200  ffc  altitude 
to  2000  ft  altitude  for  return  cruise 
to  outer  marker  ,< 


P 


Addition  of  kit  providing  JP-4  tank  for 
approximately  ,'55f 000  IT  fuel  in  cargo  bay 
and  possibly  some  aerodynamic  fairings  for 
a nl^tl  rocket  engines  provides  280  nm  ranges 
Larger  ranges  by  in-flight  refueling. 
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Table  2.2-4  (Cont'd) 


FLIGHT  PERFORl-IATICl!)  CHARACTERISTICS 
Abort  Capabillt-.y 


(Cont'd) 

Intact  abort  to  orbit  from  lift-off  to 
normal  injection.  No  hardware  or 
propellant  penalty. 


AERODYNAMICS 


a 


tax' 


nominal  deg 


L/D 


max'' 


Entry /Landing 

Hypersonic / 
Subsonic 


20/15 

1.87^ ^5  -bo  5.85 


Static  Stability 

Longitudinal,  directional , 
lateral 

Trim  and  Control  Authority 
CG  Location  Capability 


Neutral  or  better  at  all  operating 
conditions 

Adequate  for  all  operation  conditions 

Adequate  for  all  combinations 
of  cargo  IN/OUT  and  ABES 
IN/OUT 


Transition  Mane\iver 


mndling  qualities 


Not  required  for  high  crossrange 
Stable,  controllable  transition  at  low 
hypersonic  speeds  if  required  for  low 
crqssranges 

MIL  SPEC  8795-B,  Class  3 Level  1 from 
M2. 5 to  Landing. 

All  conditions  acceptable  unaugmanted 
except  lateral/directional  dutch  roll 
mode  (augmentation  required) 


NOTE; 


(T)  Based  on  hypersonic  arbitrary  body  computer  program,  validity  of 
^ ^ which  confirmed  by  wind  tunnel  data  on  LS  200-5  orbiter  model. 
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Table  2.2-4  (Continued) 


TIERMAL  rROTSGTIOlI  SYS'BM 
Orblter 

Type  Passive,  fully  reusable  except  for  flame 

cui'tains  Used  at  vehicle  base.  Insulation 
designed  to  limit  teinperat\H’e  to  300  deg 
on  aluminum  and  to  600  deg  on  titani.um 
substructures 


Location 

Temperature  Range 
(°F) 

Concept  and  Material 

Body 

SIOOO 

Titanium  Heat  Shield 
Fibrous  insulation 

Body 

1000^2300 

LI- 1500 

Titanixmi  subpanel 

Fins,  Control  Surfaces 

100CH2300 

LI-1500 

Titanium  structure 

Nose  Cap 

S2800 

..  . 1 

Coated  Tantalum  Heat  Shield 
Silicon  Carbide  Foam 

Base 

2300 

LI- 1500  on  Titanium  structure 
or  support  — Flexible 
flame  curtains  on  gimballed 
engines 

Droptanks 

Forebody  Ablator  (Insulcork) 

Main  Structure  Polyurethane  Foam 


:PR0PULSI0W.- 

Location  Orbiter 

Main  Propulsion  System 

. Propellant  — ^2“^^ 

O/F  Ratio  • 6sl 
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Table  2.2-4  (continued) 

PROPULSION  ( Cont ' d) 

Engine 
Type 

No . — Installed 

— Operating  Liftoff 

- Operating  At  Staging 

— Operating  After 
Staging 

Expansion  Ratio 

Thrust,  Klb  Sea  Level/Vac 

Throttling  Capability 

Igp  Minimum  Guaranteed , 

SL/VAC,  sec 

Girnbal  Capability,  deg 
Attitude  Control  Propulsion  System 

Propellant  - Type  High  pressure  GOg  ani  GHg 


O/F  Ratio  (System) 

3*3:1 

I , ^ sec 

•SP  ; > 

— System 

352  to  362 

— Thruster 

420 

Thrusters 

Niamber 

40 

Chamber  Pressure , ps. 

250 

Thrust,  lb  , ■ c-.v 

1500 

Thrust  Modulation 

■■■■■■■{  ■ ■■  

— Orbit  Maneuvers 

Thruster  pulsing 

— Deadband  Control 

Igniter  pulsing 

Minimum  Impulse  Bit , lb- sec 

— Thruster 

50 

- Igniter 

■ 2.2-66 
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Table  2.2-4  (continued) 


Liquid  — Gas  Conversion  Iftiits 
— Kumber 

— Gas  Pressure,  psia 

Sustained  Operation  Capability 
With  Two  Conversion  Units 
Operating  ^ 

Total  Impulse  From  Stored 
Gas,  lb- sec 


3 

500  to  2000 

thrusters  at  100  percent  thrust 

87,500 


Orbit  tfe.neuveri.ng  Propulsion  System 


Propellant Type 
O/P  Ratio 
Engine 

IVpe 

Number 

— Installed 
— Operating 
— Reserve 

Tlmist  (vac),  lb 
Gimbal  :Capability,  deg 

Igp,  Minimtim  Guaranteed  (VAC)  , 
sec  " 

Flight  Reserve  . 

Airbreathing  Propulsion  System 

Fuel  - Type 
Engine - Type 

— Nvunber 
— Installation 

— Thrust  rating 
(Sea  Level,  lb) 


LOg  and  LH^ 

5:1 

RL10A-3-3A 

2 ^ 

V 1 
1 

15,000 
+ 4 ■■ 

439 

■ 1'  ' " ■ ■ *:  ■ 

..  allowance  included  in  A V 
\ capability  (' 


JP-4 

Low  bypass  ratio  txtrbofan 
JTF  22  AA 

Deployable,  internally  stored 
near  vehicle,  c.g. 

Classified 
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Table  2.2-4  (continued) 


Feri^  Pi'opulsion  System 

Fuel  - Type 

jp-4 

— Weight , lb 

Approximately  55,000 

Additional  tanks  in  cargo  bay 

Type 

and  possibly  aerodynamic  fairings 
on  main  rocket  engines 
installed  in  kit- form 

Tankage 

— Installation 

In  cargo  bay 

— Capacity,  lb 

Approximately  55»000 

Orbiter  ascent  propellant  system  separated 
from  orbital  propellant  system. 

Droptank  LO2  cascades  through  oibtter  ascent 
tanks.  Transfer  lines  installed  in  orbiter 
approximately  30,000  lb  usable  I/D2  contained 
in  transfer  lines. 

AGPS,  OMPS,  and  APU  propellants  contained 
in  oibital  tankage.  ^ 

Propellant  Utilization  System  active  during 
entire  main  engine  operation 


Propellant  Feed  System 


i 


PRIMARY  STRUCTURAL  MATERIALS 

Orbiter  Fuselage  and  Tanks  and 
Droptanks  and  Intertank 
Structvire 


Orbiter  Thrust  Structure,  Aero> 
dynamic  Surfaces  and  Cargo 
Bay  Door  and  Drpptank  Aft 
Support  Structwe 


! 


Alxmiinum 


Titanium 
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Table  2 . 2-4  ( continued 


SYSTEM  SENSITIVITIES 

270  nta  55  deg  inclination  mission 

Gross  Liftoff  Weight 

System  siting  unchanged  except  for  droptank  size. 


a (Glow)  ^ ^ ^ ^ ^ 

a ( Payload 

= 26.4  (payload  delivered  and  returned) 

a (glow) 

^ ^^ortita? 

= 536  Ib/ft/sec 

a (lnertQj,^i^er  '^ 

= 25.6  (with  secondary  effects) 

a (glow) 

a ( lnertj^^p^g_j^) 

= 10.7 

a (GLOW) 

. -.p. 

- -39,900  Ibm  /ibf-sec 

a (glow) 

a (Thrust) 

= -0.610  Ibm/lbf  Without  engine  penalty ) 

-0.046  Ibm/lbf (with  engine  penalty) 

Payload 

a (Payload)  , 

a ^In®^^oid)iter^ 

= -1  or  = -3265  Ib/percent 

a (Payload) 

a (Inertj^^p^g^^) 

= --0;457  or  -561  lb /percent 

a 1 Payload) 

'=■  1890  Ibm  /ibf-sec 

NOTE: 

a (Payload) 
a (Parameter 7 

= 0 if  droptank  size  is  increased  within 

feasiMe  limits  of  liftoff  thrust-to-weight 
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Table  2.2-5 

STAGE-liro-ONE-HALF  BASELINE  MISSION  PERFORMANCE  CHARACTERISTICS 
CONFIGURATION;  ORBITER  1-1/2-STAGE  BASELINE  MODEL  LS  200-10 

MODE;  DROPTANKS  OFFLOADED  FOR  SPECIFIED  PAYLOAD  PERFORMANCE 


Mission 

Design  Mission 

Reference  Mission 

Reference  Mission 

Due  East 

South  Polar 

270  nm,  55  deg  Inc. 

Airbreather  Engine 

Out 

In 

System 

Out 

ORBITER 

Iraptilse  Propellant  , K lb 

239.9 

239.2 

Ascent  . . 

239.7 

Orbit  Maneuver' ^ ^ 

17.0 

15-8 

38.6 

Cruise 

0 

0 

8.43 

Flight  Reserve  Prop't 
Ascent,  K lb 

7.4 

8.1 

Dry  Weight,  K lb 

270 

270 

294 

Ignition  Weight,  K lb 

609.2 

582.9 

625.1 

DROPTANK 

Impulse  Propellant , K It 

2,714 

2,877 

3,063 

Liftoff  Weight,  K lb 

2,836 

3,000 

3,186 

% Propellant  Offload 

10.97 

5.84 

■ 

0.0 

MUNCH  VEHICLE 

■ ■ ■ .1 

'1 

Staging  Velocity, 
ft/sec  ideal/relative 

22,034/17,900 

23,107/18,000 

23,151/18,000 

approx. 

Liftoff  Thrust/Wt 

1.38 

1.33 

1.25  V 

GLOW,  K lb  ^ ^ ^ 

3,450 

3,588 

3,816 

PAYLOAD,  K LB 

Design 

Calctilated 

65 

65 

40 
” ■ 40 

25 

25 

ON-ORBIT  AVi  Fl^EC^  ^ ^ 

650 

650 

1,500 

LANDING  WEIGHT  W/O 
PAYLOAD,  K LB 

274 

274 

300 

Note  ; (1)  Related  to  propellant  contained  in  OMP  tank  system, 

detail  breakdovBi  in  Table  2.2-7 
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STAGS-AIiD-ONE-HALF  BASEIZNE  MISSION  PERFOK«IANCE  CHARACTERISTICS 
CONFIGURATION;  ORBITER  1-1/2-STAGE  BASELINE  MODEL  LS  200-10 
MODE;  DROPTANKS  FULLY  LOADED 


Mission 

Design  Mission 
Due  East 

Reference  Mission 
South  Polar 

Reference  Mission 
270  nm,  55  deg  Inc* 

Airbroather  Engine 
System 

Out 

Out 

In 

ORBITER 

Impulse  Propellant, 

K lb 

. Ascent  m 

Orbit  Maneuver^  ^ / 
Cruise 

239.0 

18.6 

0 

239.6 

16.6 

0 

239.2 

38.78 

8.43 

Flight  Re  serve  Prop ’ t 
Ascent,  K lb 

8.3 

7.7 

8.1 

Dry  Weight,  K lb 
Ignition  Weight,  K lb 

640.9' 

598.3 

625.1 

DROPTANK 

Impulse  Propellant , 

K lb 

Liftoff  Weight,  K lb 

3,063 

3,186 

3,063 

3,186 

3,063 

3,186 

LAUNCH  VEHICLE 

Staging  Velocity 
ft/sec  ideal/relative 
approx. 

Liftoff  Thrust/Wt 
GLOW,  K lb  ; j 

22,930/18,800 

1,245 

3,832 

23,580/18,500 

1.26 

3,789 

23,164/18,000 

1.25 

3,816 

PAYLOAD,  K LB 

Design 

CalcTilated 

65 

95.1 

40 

54.6  . 

25 

25 

1 Ml 

ON-ORBIT  AV,  FT/SEC^  ' 

650 

, 1500  . 

LANDING  WEIGHT  W/O  i 
PAYLOAD,  K LB 

274' 

274 

300 

Note;  (1)  Related  to  propellant  contained  in  OMP  tank  system. 
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ORBITAL  AV  CAPABILITY  AKD  PROPELLANT  ALLOCATION  FROM  OMP  TANK  SYSTEM 
• I^Stage  Baseline  Configuration  Model  LS  200-10 


Mission 


Flight  Condition 


Propellant  and  AV 
Increment,  lb  and  ft/sec 


FUNCTION 
Orbit  Maneuvers 


Plane  Changes, 
Dispersions, 
Orbital  FPR 


Transfer  and 
Rendezvous 


Retro 


Abort  Manetnrers 


Abort  Roll  Control 


Reserve  for  Abprt 


Unused  With  Abort 


TOTAL 


1 Design  Due  East^^^ 

1 Normal 

Abort 

^Wp 

AV 

AW 

P 

i 

AV 

2,544 

: : 

100  (0) 

■ 

■ : 

0 

0 

2,727 

(2) 

108  (0) 

0 

0 

4,426 

142  (A) 

0 

0 

7,319 

IQIQII 

4,147 

170  (0) 

NA 

NA 

0 

0 

NA 

NA 

0 

0 

0 

0 

NA'  ■ 

NA 

NA 

NA 

12,869 

480 

17,016 

650 

17,016 

650 

Reference  South  Polar 


Normal 


Abort 


2,358  100  (0) 


(2) 

2,527  108  (0) 


03  142  (A) 


6,781  300  (0) 


NA 


NA 


3,842  170  (0) 

"“o  0 


0 


NA 


15,769  650 


0 

NA 

NA 

NA 

11,927 

480 

650 

15,769 

650 

LEGENDS  (M)  Used  in  ma^  engine 

(0)  Used  in  orbit  maneuver  engine(8) 
(A)  Used  in  AC  system  thrusters 


NOTES 


: fl)  Droptanks  offloaded  for  specified  payload. 

(2)  All  FPR. 
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Normal 


Mission 

Flight  Condition 

Propellant  and  AV 
Increment , lb  and  ft/ sec 

FUNCTION 

Orbit  Manetrirei?s 

Plane  Changes, 
Dispersions, 

Orbital  FPR 

Transfer : and 
Rendezvous 

Retro 

Abort  Maneuvers  ; 

Abort  Roll  Control i 
Reserve  for  Abort 
Ttoused  With  Abort 

TOTAL 


LEGEND:  (M)  Used  in  main  engine 

A-  (O)  Used  in  orbit  maneuver  engine(s) 

(A)  Used  in  AC  system  thrusters 


ORBITAL  AV  CAPABILITY  AND  PROPELLANT  ALLOCATION  FROM  OMP  TANK  SYSTEM 
I 1-|--Stage  Baseline  Configuration  Model  LS  200~10 

I Reference  270  nm  55  deg  Inclination 


Abort 


AW„ 

P 

AV 

AWp 

AV 

17,032 

659  (0) 

0 

0 

I 

199  (0) 

0 

0 

4,406 

142  (A) 

0 

0 

12,058 

500  (0) 

410 

170 

NA 

NA 

0 

0 

NA 

NA 

0 

0 

0 

0 

0 

NA 

NA 

. ■ 

38,204 

1,330 

38,614 

1,500 

38,6l4 

1,500 

^ .fill  iit*; 


Table  2.2-7  (continued) 


LMSC-A969142 
Vol  II 


Tabls  2*2‘-8 

Summary  of  Dimensional  Characteristics  of  Baseline 
1 1 /2-Stage  Orbiter  LS  200-10 


VEHICLE  GEOMETRY 
Linear  Dimensions.  Ft 


Length  - 

- actual  156.5 

Span  92 

Height  - gear  up  36.75 

- gear  down  49 

2 . ' 

Areas.  Ft 
Planform  - 

- actual  6,846 

Base  , 1,229 

Wetted  Area,  Including  Base  18,944 

3 . 

Volume.  Ft 

Mold  line  Volume  97,600 

Angular  Dimensions,  Deg 

Sweep  Angle  78 


FIN  GEOMETRY 
Number  of  Fins 

T.^  near  DiTnensions  . I Ft 


Height  24.4 

True  Span  92 

Root  Chord  33.3 

Tip  Chord  16.75 

Areas.  Ft^ 

Projected  (True)  Area  Per  Fin  ^24 

(including  rudder) 

Wetted  Area  Per  Fin  998 
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Table  2.2-8  (Cont'd) 


Angular  Dimensions , Deg 

Leading  Edge  Sweep 
Roll  Out, 

Toe-In 
Tip  Wash  Out 

Volumes.  Ft^ 

Mold  Line  Volume  , Per  Fin  (including 
! rudder  and  auxiliary  surface) 

Aspect  Ratio  t 
Airfoil  .Section  (Root) 


2,165 


Modified  Clark  Y 


CONTROL  SURFACES  GEOMETRY 

Upper  Elevon 
MAC,  ft 
Span,  ft /side 
Area,  ft^ 

Hin§p  Line  Sweep,  Deg 
Deflection  Range,  Deg 

- trailing  edge  down 

- trailing  edge  up 
“ rate,  deg/sec 

Triin  Flan 
MAC,  ft 

Span,  ft  2 

Area  (including  elevon) , Ft 
Hinge  Line  Sweep,  Deg  ; 
Deflection  Range,  Deg 

- trailing  edge  down 

- trailing  edge  up 

- rate , de/sec 

Lower  Elevon 

MAC,  ft 
Span,  ft /side 
Area,  ft^ 

Hinge  Line  Sweep,  Deg 
Deflection  Range,  Deg 

- trailing  edge  down 

- trailing  edge  up 


14.6 

24 

693 

0 


23 

48 

1,086 

0 
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Table  2.2-8  (Cont'd) 

Rudder 

Number 

2 

MAC,  Ft  2 

10 

Planform  Area,  Per  Rudder,  Ft 

237 

Hinge  Line  Sweep,  Deg 

15 

Aiflciliarv  Control  Surf^CM 

Number 

2 

MAC,  Ft  2 

11.25 

Planfoi-ij!  Area,  Per  Surface,  Ft 

112*5 

Hinge  Line  Sweep,  Deg 

10 

LEADING  EDGES 

Radius.  Ft 

■ V Fin ’ - 

; -I  ' 

Body  - Front 

-V  4 

' ■ ■ Aft'  ■ 

3 

Nose  Cap  (hemispherical) 

4 

2.2^76" 
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Table  2.2-9 


WEIGHT  SUMMARY 

1 1/2  - STAGE  BASELINE  VEHICLE  SYSTEM  LS  200-10 
270  nm  55  deg  Inclination  Ref.  Mission 


Subsystem 

Aerosunface  Structure 
Body  Structure 

Thermal  Protection 

Landing  Gear 

Propulsion  - Main  Ascent 
Propulsion  - Airbreathing 
Propu:.Bion  - Maneuver/ACPS 
Prime  Power  Sources 
Electrical  System 
Ifydraulics 
Surface  Gontrols 
Avionics 

Environmental  Control 

Personnel  Provisions  . 

Contingency  (lO  Percent  Less  ICD  Eng) 


T)Tyy  WEIGHT 


Personnel  nnd  Effects 
PAYLOAD  - 


Reserves , Residuals  and  Losses 
Propellant  — Ascent 
Propellant  - Airbreathing 
Propellant  - Maneuver/ACPS 

TJVUNCH  WEIGHT  _ 


725 

2S.000 


Orblter 

Weight 

(lb) 

Droptank 

Weight 

(lb) 

18,050 

58,386 

88,394 

35,716 

7,144 

11,988 

105,858 

6,102 

20,603 

6,901 

1,620 

3,704 

2,073 

4,246 

3,762 

326 

1,274 

210 

20,008 

10,196 

294.3991! 

112 .162 

10, 55!^ 

3,063,218 


22,899 

239>209 

8,430 

39,824 

fi^o.486  ^.185.934_ 
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Total 
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3.816.420 
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2.3  SUMMARY  OF  LS  200-5  SYSTEM  CHARACTERISTICS 

Ihiring  the  first  three  months  of  the  Alternate  Concepts  Study,  a comprehensive 
analysis  and  trade-off  study  was  performed  to  derive  the  best  staRe-and-one- 
half  system  in  terms  of  performance  and  cost.  This  study  examined  straight 
Wing,  delta  wing,  and  delta  body  orbiter  configurations  for  both  the  low  and 
high  crossrange  application.  The  study  showed  that  the  delta  body  configura- 
tion was  for  both  applications  superior  to  all  others  examined  from  the  stand- 
point of  weight,  aerodynamic  performance,  and  cost. 

The  delta  body  orbiter  was  further  refined  during  the  ensuing  two  months  re- 
sulting in  a recommended  configuration,  the  LS  200-5,  which  was  presented  at 
the  midterm  review  on  1 December  1970. 

This  configuration  was  used  extensively  as  a point  design,  presenting  a common 
baseline  for  detailed  supporting  studies  in  the  areas  of  various  vehicle  tech- 
nologies (primarily  aerodynamics,  thermodynamics,  structures,  propulsion,  con- 
trols , other  subsystems,  and  wei^ts)  which  were  conducted  in  substantial  depth 

for  the  validation  of  the  derived  system  characteristics. 

Changes  in  requirements  by  MSA  in  late  197O  and  Januaiy  1971  mad*^  it  necessary 
to  modify  this  configuration,  restating  in  the  current  stage-and-one-half  base- 
line configuration  LS  200-10  which  is  presented  in  Section  2.2  of  this  report. 
However,  the  differences  between  these  two  versions  are  small  enough  so  that 
most  of  the  results  and  conclusions  derived  from  the  supporting  studies  are 
still  valid . Of  particular  importance  is  that  the  results  of  recently  con- 
cluded aerodynamic  test  programs  are  directly  applicable  to  the  new  configura- 
tion. : ' ' . 
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Because  of  this  role  of  the  LS  200-5  configuration,  it  appears  advisable  to 
present  its  design  and  perfoimance  characteristics.  Abbreviated  reporting  in 
summaiy  form,  however,  is  adequate,  since  the  LS  200-5  vehicle  system  and  con 
figuration  were  documented  in  detail  in  Revision  A of  the  Design  Data  Book 
which  was  submitted  to  NASA  on  1 December  1970- 

The  primary  differences  between  the  current  and.  the  older  stage-and-one-half 
Baseline  configurations  are  listed  in  Table  2.3-1. 


Table  2.3-1 


Main  Rocket  Engine 

Type  (Booster  Engine  ICD  No . ) 

Thrust  with  53^1 
exp.  ratio j lb 

sea  level/vac 

Wei^t  Installed, 
lb  (l) 

Thrust /Weight  ratio 
installed 

Cruise  Fuel,  Type 
Weight,  lb 

Droptanks 

Design  Crossrange,  nm 
TPS  Weight,  lb 


LS  200-10 

LS  200-5 

I3MI5OOOB 

I3MI5OOOA 

530/612 

400/462 

7650 

4720 

69.2 

84.8 

JP-4 

9700 

Additional  insulation 
for  assuring  intact 
reentry  (2400  lb) 

1100  1500 

35,700  4o,86o 


Note  ( 1)  Including  associated  vehicle  system  installation  weight 


The  combined  effects  of  these  changes  amount  to  a reduction  in  inert  weif^t 
for  the  LS  200-5  of  about  19,000  lb.  In  addition,  the  weight  reduction  in  the 
main  engines  also  alleviated  the  eg  balance  for  the  vehicle.  Finally,  the  re- 
duced droptank  inert  wei^t  increased  the  performance  potential  of  the  system. 
Consequently,’  the  LS  200-5  system  optimized  at  a somewhat  smaller  size  and  pro 
pellant  wei^t  than  the  current  LS  200-10  Baseline  configuration. 

2.3-2 
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The  resulting  configuration  Is  compared  in  Fig.  2.3-1  with  the  LS  200-10  sys 
tern,  and  differences  in  the  ma^or  design  parameters  are  listed  in  Table 

2.3-2  : 


Table  2.3-2 

LS  200-10  LS  200-3 


Number  of  Main  Rocket  Engines 

9 

11 

Number  of  Cruise  Engines 

6 .. 

5 . 

Orbit er  Dry  Wei^t,  klb 

294.4 

269.4 

Orbit er  Liftoff  Wei^t,  klb 

630.5 

549.1 

GLOW,  Mlb 

3.816'. 

3. 520 

Orbiter  Impulse  Propellant  Load,  klb 

Ascent 

239.2  1 

j 

191.7 

Orbit  Maneuver 

39.8 

36.2 

Cruise 

8.4 

3.5 

Orbiter  Length,  ft 

156.5 

151.75 

„2 

6,846 

6,660 

Orbiter  Planform  area,  ft 

Most  of  the  basic  system  design  characteristics,  however,  are  basxcally 
;ideirt;ical,:;.  such  -as: 

Roctoet  engine  specific  impulse 
Liftoff  Thrust/tfeight  ratio  (I.25) 

Subsystem  function,  concept  and  design 

Droptank  arrangement  and  design,  and  separation 


Quoted  for  the  2J0  nm  55  deg  inclination  Reference  Mission 


"^2.p3 


j^ncKus?t:» 


Figure  2.3-1 

STAGE-AND -ONE-HALF  CONCEMS 


LS  200-5;. 

LS  200-10 

MAIN  ENGINES: 

GLOW; 

PAYLOAD; 

CROSSRANGE; 

! 11-400K 
3.52  MLB 

1 27.4KLB  TO  270  NM  BY 
55  DEG  ORBIT 
1500  NM 

• MAIN  ENGINES;  9-^30K 

GLOW;  3.82  MLB 

PAYLOAD:  25.0  K LB  TO  270  NM  BY 

V 55  DEG 

CROSSRANGE;  IlOO  NM 
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Also  basically  unchaged  at-e  the  general  arrangement  of  the  orbi ter  and  the 
structural  concepts.  However,  some  feat\ires  reflecting  a more  mature  design 
status  of  the  current  baseline  configuration  were  not  yet  incorporated  in  the 
earlier  design,  such  as 

Deletion  of  movable  nose  cap  (resulting  in  the  necessity 

to  Increase  the  number  of  ACPS  thrusters  fram  39  to  40 
in  the  LS  200-10  design) 

Design  of  Landing  Gear 

Addition  of  payload  deployment  mechanism 

In  addition,  secondary  differences  exist  resulting  from  the  accomodation 
of  the  above  changes,  such  as  in:  tank  sizes,  deletion  of  separate  JP-4 
tank  system^ and  structural  design  details  reflecting  the  differences  in 
oT^g^r>ft  number,  vehicle  size  and  associated  loads. 

The  LS  200-5  vehicle  configuration  is  shown  in  Pig.  2.3-2  in  the  launch 
configuration  and  the  orbiter  general  arrangement  in  Fig.  2.3-3.  A detailed 
discussion  of  the  design  is  presented  in  Section  2.5.1  of  this  report. 

Summary  information  is  presented  in  the  following  tables : 

Table  2.3-3  Vehicle  System  said  Subsystem  Performance  and 
Design  Characteristics  , 

Table  2.3-4  Weight  Summary 

Table  2.3-5  Mission  Weight  Summary 

Table  2.3-6  System  Mass  Properties 

Table  2.3-7  Sequence  Mass  Properties  Statement 

Comprehensive  System  Design  and  performance  information  is  assembled  in 
Volume  II  of  the  Design  Data  Book,  Revision  A,  which  was  submitted  to 
NASA  on  1 December  1970. 
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COMFIOiRATION 

Concept 

Configuration 


Separation  Mode 


Eigh/Low  CroSsRange 


Table  2.3-3 

Vehicle  System  and  Sabsystem  Performance  and  Design 

Characteristics 

1 '■  , 

Ojne-And-A-IIalf  Stage. 

dingle  expendable  drop- tank  module 

Reusable  Orbiter 

! 

Modified  lifting  delta  planform,  lifting  body  orbiter 
V-shaped  drop  tank  module,  consisting  of  two  identical 
tank  assemblies  (single  L0«  tank  forward  and  single 
Mg  tank  aft)  straddling  orbiter  in  X-Y  plane, 

•All  engines  and  ACPS  thrusters  installed  on  orbiter. 

All  engines  ignited  at  liftoff. 

intact  drop  tank  assembly  rotates  "over  the  top"  of 
orbiter  around  aft  attach  point  pivots.  Motion  exfect- 

ed  by  inertial  forces  generated  by  main  engine  opera- 
tion without  assistance  from  additional  impulses. 

Identical,  except  for  adjustment  of  distribution/loo al 
thickness  of  TPS  heat  shield  and  insulation. 


Orbiter 

Drop  Tank 

(a)  Module 

(b)  Single  Tank 
Assy. 

Composite 

Vehicle 

PHYSICAL  CHARACTERISTICS 

: 

Length,  ft  - reference. 

2 

206 

- actual' 

ta)  189  (b)  190.5 

221.3 

Span,  Ft 

92.3 

92.3 

Height,  ft  - gear . up 

NA. 

36.0 

1 - gear  down. 

U2.8 

NA  ' 

U2.8 

Diareter,  ft 

■ NA 

(b)  26 

NA  , 

Planform  Area,  ft  . 

- reference 

U,62r 

' V . NA,:  ' 

12,U63  • 

- actual 

6,660 

' NA 

1 

1U,302 

Sweep  Anrie,  deg 

^78  • 

.op 

-5°  2.5^ 

LOCRMEEP 
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Table  2. 3 -3  (Cont.) 


Orbit er 


Drop  Tank 

(a)  Module 

(b)  Single  Tank 
Assembly 


WEIGHTS,  lb  High  Cross  Range 
Configuration 


MASS  CHARACTERISTICS , 

High  Cross  Range  Config. 

CG  Location,  io  Lgef » 
Cargo  in/ out 
— ascent,  prestaging 
^ ascent,  burnout 

— landing 

Planform  Loading}  _ 
Actual  , Ib/ft 

-reentry  (cargo  in) 
- landing  (cargo  in) 


75.4/77.8 

76.6/78.0 


46.3 

45.7 


(1)  For  1500  ft/ sec  AV  capability 

( 2)  Without  28,843  lb  propellant  used  during  ground  hold 

(3)  % of  orblter  LRgf 


Composite 

Vehicle 


Dry  wei^t  (including  10 
percent  contingency  ex- 
cept on  main  engines) 

269,427 

102,615 

NA 

Inert  wei^t  (including 
all  expendables  except  im- 
pulse propellant) 

290,645 

111,227 

NA 

Main  propellant 
Impulse 

191,700 

2,859,637/pV 

2,868,249'“^'^ 

3,051,337> 

Loaded 

206,455 

3,074,704' 

Orbital  propellant 

(0MPS/ACPS)V1/ 

Impulse 

35,004 

KA 

35,004 

/ Loaded 

35,679 

NA 

35,679 

Airbreathing  Fuel  (LHp,  - 

including  reserve) 

3,999 

Cargo 

27,115 

NA 

NA 

Reentry  (with  cargo) 

305,760 

NA 

NA 

Landing  (with  cargo) 

301,350 

2,970,864^^^^^^^^^^^^^^^^^^^ 

3,520,000 

Gross  Launch  Weight 

549,136 

Propellant  Fraction  X' 
Dry 

NA 

.9658 

^lA 

Wet 

.4163 

.9628 

67.0/67.6  (3) 

74.5/75.6  ^3) 
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Table  2.3-3  (Cont.) 


EERFORMANCE 


Reference  Mission: 

Reference  injection  orbit  is  50  x 100  nm,  launch  azimuth  28.5  deg-North. 
The  design  reference  orhit  is  270  nm  circular  with  a 55  deg  inclination. 

Orbital  Capability.  15OO  ft/sec  of  usable  capability  in  excess  of  the 
amount  required  to  attain  the  reference  insertion  orbit . Tankage  designed 
to  hold  propellant  for  additional  500  ft/sec  capability  at  unchanged  in- 
jection weight. 


Payload  Performance 
Characteristics: 

Cross  Range,  nm 


Alternatives 

(a)  Cargo,  lb 
GLOW,  lb 
Liftoff  F/W 

(b)  Cargo,  lb 
GLOW,  lb 
Liftoff  F/W 


1,500 


27,115 


25,000 

3,460,000 


1.27 


200 


’ 40,648 

3,520,000 
1.25 

25,000 

3,170,000 

1.39 


(a)  Point  design  LS  200-5 

(b)  Unchanged  orbiter,  droptanks  resized  for  correct 
design  payload. 
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Table  2.3-3  (Cont.) 


Thrust/Weight  Ratio 

Liftoff,  Composite  Configuration 
Separation,  Orbiter 

Relative  separation  velocity  (A)  , f'c/sec 
Time  of  separation,  sec  (a) 

Time  of  in^iection,  sec  (A) 
q max,  Ib/f t"^  at  time , sec  (A) 

q separation,  Ib/ft^  at  time, 
sec  (a) 

oq,  max  deg-lb/ft  @ sec  \A) 

Pq,  max  deg-lb/ft^  @ sec  (a) 

Drop  taiik  impact  range,  nm  (A) 

Entry;' 

MaxiiHUin  load  factor^  g 

Duration  400K  *bo  M = 1 ^ 3^in 

Go-around  (fuel  equivalent)  minutes 
(without  15  percent  reserve) 

Landing  speed , 1d;s  :(eargo  in/out ) (A) 

FAR  landing  field,  length,  ft 

Ferry  capability 

Range,  nm 

AERODYNAEIECS 
Entry  atmtude , deg 
Transition  maneuver 


V^ax  - hypersonic 
- subscaiic 

Allcn<rable  c . g . travel 


High  Cross  Range 

Low  Cross  Ranee 

1. 

■ 2. 

25 
■ 55 

1.2 

33 

9 

200/175 


400 


l8,64o 
299 
371 
524  @79 

2 @ 299 

< 1200  @ TBD 

< l800  @ TBD 
1100  ± 50 


“l/p  /"20 

' max 

Not  required 


1.7- 

4.54 


12,000 


1.9 

15: ; 


TBD 


a 


■”'^nax 

H^ersonic, 
stable  and 
trimmable 

■M 

4.54 

Payload  in/ out 
Jet  engine  s in/ out 


55 
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Table  2.3-3  (Cont,) 


Hifch  Cross  Range 

Low  Cross  Range  | 

Trim 

— 1 -| 

Adequate  for  required  I 

' • ' 

flight  attitudes 

Handling  qualities 

KEL  SPEC  8785b  C 

lass  3,  Level  1 

RESSKv'ES 

>Iain  Propulsion  .• 

Orbit  iSmeuver  Propiolsion 

Attitude  Control  Propulsion 
Airbreathing  Propulsion 
Electric  Power  Reactants 
iiivironmental  Control  Atmosphere 
A?U  Reactants 


PPR  for  1 percent  of  ideal  velocity 
capability  to  injection  into  reference 
injection  orbit 

Included  in  1500  ft/sec  dV  require- 
ment 

10  percent 
15  percent 
■ 20  percent 

10  percent 


TKSRI-AL  PROTECTION  SYSTEM 
Orbiter 


Passive,  fully  reusable 


Location^^ 

Temperature  Range 

- (°p) 

Concept 
and  Jfeterial 

Body 

1 ■ 

• siooo 

•a 

Corrugated  Ti 
Heat  Shield  lyna- 
Flex  insulation 

Body 

1000-2300 

LI-1500,  Ti  sub- 
panel 

2 .3-1 5 
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Table  2,3-3  (Cont.) 

I Temperature  Rangel 


Concept 


Location 

Fins,  Control  Surfaces 

V 

1000-2300 

LI-I500,  Ti  structure 

Nose  Cap 

^2750 

Tantalum  heat  shield 

Ejyna-Flex  insulation 

Base 

£2300 

' • ' ' V 1 

LI-1500  on  Ti  Structure 

or  suppoi't 

Flexible  flame  curtain: 
on  gimballed  engines 

Forebo(i^y 
Main  Structure 

PROPULSION  ■ 

Location 

Main  Propulsion  System 


Ablator  (Insulcork) 
Polyurethane  foam 


Orbiter 


Propellant  - Type  ^ . 

- Weight,  orbiter/drop  tanks,  lb 
• : ’ loaded 

impulse 
: reserve 

0/F  ratio 

Engine  , 

• , ' : Type. 

No.  - installed 

• - operating  liftoff 

• I - operating  at  staging  , 

I » operating  after  staging  ■ 

Expansion  ratio 
Tlirust  SL,  /VAC,  lb 

Throttling  capability  . 

I minimum  guaranteed,  SL/VAC,  sec 

:/;^,:,sp-;'y;v^  : y; 


LO2-LH2 

206,U55/2, 897,092 

191,700/2,859,637 

7,3U6/  - 
7,1»09/8,612 

• — /28,8U3 

;/■  ; ^ 'y  ^■'dsl^-  ^^ 

ICD  13  M 15OOOA 
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Table  2.3-3  (Cont.) 


Attitude  Control  Rropulsion  ^sbem 

Propellant  ^ IVpc 

- Weighty  lb 
loaded 

impulse  - translation 
- control 

• reserve 
losses,  residuals 


High  pressure  GOg  and  GHg 

5,077 

3,U0U 
1,211 

‘“(t) 


(1)  Included  in  residuals/losaes  allocated  to  Orbit  Maneuvering 
Propsulion  System 


0/F  ratio  (system) 

Igp,  System,  Sec 

Thrusters 

Number 

.Thrust  modulation 

Orbit  maneuvers 
• Deadband  control 

Orbit  Maneuvering  Propulsion  System 

Propellant  Type 

- Weight,  lb. 
loaded 
impulse 
reserve 

losses,  residuals 


3*3:1 

352  to  362 


39 

250 

1500 


, . Thruster  pulsing 
Igniter  pulsing 


LOg  and  LKg 


32,275 

»56o. 

o' 

715 


31,560(^1) 


ratio 


Engine 

Type 

Number 


- Installed 
j - Operating 
» Reserve 

Thrust  (VAC),  lb 


5:1 


RL10A-3-3A 


2 

1 

1 


15,000 


(1)  Hi^t  reserve  aH  Included  in  AV  capability  requirement 
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Table  2,3-3  (Colit.) 


I , miniiTiun  guaranteed,  (VAC),  sec  U39 

sp-  . . . . 


Ai  rbrcathIb?T  Propulsion  System 
Fuel  — 

— Weight,  lb 
— Impulse 
— Reserve  (15/6) 

Engine  - Type 

' - J^umber 
— Installation 

— Thrust  rating  (sea  level,  lb) 

Ferry  Propulsion  System 

Fuel'.  ^ /Type. 

/^^'  : :'y  : 7:W'-'We^ 

Type 

Engine  - Type 

— Nimber 

Installation 
Tankage  — Installation 

^ Capacity,  lb  /■■ 


LHg 

3,990 

3,U75 

525 

Low  bypass  ratio 
turbofan 


.5  

Deployable,  intern- 
ally stored  near 
vehicle  c.g. 

19,000  • 


LHg 

TBD 

Additional  engines 
and  tanks  installed 
. in  kit -form 

TBD 

TBD 

On  pylons  mounted 
in  cargo  bay 

In  cargo  bay 
TBD 
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Table  2.3-3  (Cent.) 


Prgggllant.Fg.eA  Sys.tem 


POWER 

Electric  Power  System 
Primary  Power 

Additional  Power  Source  for 
Ascent  and  Atmospheric  Plight  . 

Emergency  Power 


Energy,  kwh 


Standard  Mission 
Emergency 


Orbiter  ascent  propellant  system 
separated  from  orbital  propellant 
System. 

Drop  tank  LO2  cascades  through 
orbiter  ascent  tanks. 

ACPS,  OMPS,  ABPS,  and  APU  propellants 
contained  in  orbital  tankage 

Propellant  Utilization  System  active 
during  entire  main  engine  operation 


02  ~ H2  fuel  cell 

3 modules  3 kw  each 

Reactants  stored  in  separate  cryo* 
, gexAc  mbdiilar  tankage  systan 


LOg  - LHg  APU 
Batteries 


805  DC  (fuel  cell) 
12  DO 
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ORBIT  6K 

DROP  1 AM< 

V/FI£f|T 

TOTAL 

SUI'.SYSI  UA 

(L&) 

(LB) 

(wH) 

A! i;osu:;[  ACLS  si Ruci uur 

v/,ir/ 

CODY  sn;uciu!’f. 

5?,7A5 

83, 1/3 

IULWAAI.  f'ROTLCnON 

AO, 860 

A f 0 j j 

LANDING  GEAll 

\\,\5A 

f’lTOPULSION  ~^AA!N  ASCENT 

87,?23 

5, 722 

fT'.OPULSION  •-  AIRDREAT 1 lING 

16,550 

PIIOPULSI ON  - /AAN  L UV  LP/AC  PS 

7, 292 

PRIME  POWER  SOURCES 

1,620 

ELECTRICAL  SYSTEM 

3,204 

HYDRAULICS 

2,073 

SUREACF  CONTROLS 

3,810 

AVIONICS 

3,762 

301 

EInIVIRCNMENT AL  CONT ROL 

1,274 

PERSONNEL  PROVISIONS 

210 

CONTINGENCY  (10  PERCENT  LESS  ICD  ENG) 

19,253 

9,322 

[dry  v/EiGin' ' om/.ri [2r./ii£! 


PERSONNEL  7^ND  EEr-ECTS 

725 

[Fayioad 

27,I|F1 

RESEExVES,  RESIDUALS,  AND  LOSSES 

20,517 

8,612 

PROPEL  LAN!  -/vSCENT 

191,700 

2,859,637 

PRO^•^LL/^NT  - 7v!R:ir;EATlNG 

3,477 

PROP!  11  AI4T  - /AANrUViR//XPS 

36,175 

[launch  V/EIG III 

549,1?’6 

2,970,854 

♦ INCLUDES  1200  LU 

FIN  ALIY  IC)R70:C  F’AYIO/.D  CAP/V 

•.ility 

Table  2.3- U LS  200-5  Vehicle  Weight  Summary 


UdSC-A989142 
Vol  II 


I o’  iCSATIONS: 

[ ITEM  OR  MODULE 

I ^ LAUNCH 

[ [j  PRTOR  SEPARATION 

• c AFTER  SEPARATION 

\ D IN.TECTION  7O  NM  x 100  NM 
! £ ON  ORBIT  - 260  NM  x 260  NM 

i ? PRIOR  RETRO 

■ G AFTER  RETRO ; 

H LANDING ^ 


NOTES  i SKETCHESi 
• • 

DROP  TANK  = .9625 

C.G.  in* '3^  of  17?2  in.  (Ref.  L) 

CONDITION  ' C.G. 

C - After  Separation  7^.1 

G - After  Retro  75 

H - Lan<iing  75.5 


2.3-21 
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Table  2-3-6  SYSTEM  MASS  PROPERTIES 


ONflCURATION 


LS-200-5 


CENTER  OF  GRAVITY 


MISSION  EVENT 


WEIGHT 

LB 


INCHES 

Y 


_ moment  of  inertia 

2 MILLir>N  SLUG  FT^  

ROLL  V PITCH  [ yaw 


PRODUCT  OF  INERTIA 

THOUSAND  SLUG  F J > 

ROLL- P1t6?^>>| T CH-Y» v;  |y  AW-  RQL I 


2 Aero  Surfaces 

Body  

41  TPS^ 


I tCV  ( 


4o86o 


6..  Main  Prnpil  g-l nn 

7 Cruise -5yi±£ai 

__8_  Aux.  JEropulsiOD 

SL  Priinfi^  Power — 1 

10  Electrical 

11  .llydraulic 

12  Surface  Controls 

13  Avionics  

14  Environmental  Control 

JJ.  Fersonnal  JPr.ov . ..  „„ — 
. iS,  Contingency  — - 

20  Personnel 


1620 

3^04 
. 2073 
3810 
3762 
1274 

Ij5253 


_2Ll£argo. 


_23.  .Sfisijiuals^  

,2k.  -Reserves  

2S  Jn=Elight  -Losses — 
A.sitejtt..Pr(:®-ellaii!:_; — 
_£Z  -Cruise.  Propellaiit,! — 

28.  iSaneuver  Eroiieliajit — 


—22115 

.„_2£'21 
3t-oa 

1917OC' 

l—JkZ7. 
L Slim 


1692 

. 1251. 

1256 

_-122Q-. 

—1533^^ 

121^9  : 

701 

1<79 

1720 

412 

623 

— 3S2- 

-12S4.- 

3^1. 

- - -9Q5-- 
1276— 
; . ' Xli35- 
_ 1413 
1284  ! 

1M5 

1144 


17^- 

Z_22il 


.-Cl— 

_a  - 
^.0— 

• 0 
0 


.^■9-8.,  , 
-3  7L  - 

_3Q.5-J‘ 

330 

- ,-203_- . 
— 32P- 
— 342-  . 
-5a7_- 
-365 
26I1 


NOTESt 


X - ROL  L AXIS 
Y Pl  fCH  AXIS 
Z . YAV,’  AXIS 


SEE  ''DIAGRAMS'*  FOR  COORDINATE  AXES  DESCRIPTION. 


rONflCURATlON 


SEQUENCE  MASS  PROPERTIES  STATEMENT 

-- 


LS-200-5 

MISSION  EVENT 


After 

In.iection 

Prior  to  Retro 
Enti;c 


Landing  (Cargo  In) 


WEIGHT 

LB 


^527^4 

.311^ 

305, 

301,351 


C EN TER  0 F_GRA VTT Y 

X I Y I _ 71 

129fi <1-1 

0 

T318;  0__  _ 

1322  0-  - - - 

1325  0 


Y 

qZL 

Z.13QL  - 

312 

0 

^ 315 

a 

_ .317 

0 

309 

1 g . 

303 

, 

- - 

12/1/70 

~ MOMENT  O^NERTIA PRODUCT  OF  INERTIA 

MIlTIoN  slug  ET^ 

ROLL  1 PITCH  [ YAW  ^LL^PITO’^H’IT  CH-  Y v..'  (Y  AM- 1 


litl79 ld.2_)  - 19^ 

^ 27qi  iITq.  15 -6_ 

^2.^  13.4  _U.C- 

2.?‘9  I.  -13^— 


2.90  I3^_ 

2l^~  12. r 


ik.3  1 


niaJ 

37Q 

1 £34  .. 


n ^ 


® 0? 

g s 
® ® 


ROTES; 


X - ROl  L AXIS 
Y - PnCH  AXIS 
2 r YAV,'  AXIS 


SEE  "DIAGRAJJIS'’  FOR  COORDINATE  AXES  DESCRIPTION. 
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2.4  PERFORMANCE  AND  SIZING 
2.4.1  System  Sizing 

A comprehensive  review  of  the  stage-and-one-half  launch cohoept  was  accomplished 
early  in  the  ACS  contract.  The  purpose  of  the  study  was to  review  the  system 
characteristics  and  to  determine  the : significant  parameters  to  the  stage-and- 
one-half  liftoff  weight*  Since  the  Sizing  study  was  conducted  early  in  the 
contract,  the  data  do  not  reflect  the  impact  of  the  new Level  1 requirements 
which  in  January  1971  introduced  new  propulsion  characteristics  and  the 
requirement  of  satisfying,  in  addition  to  the  initial  55  deg-270  nm  mission, 
twb  additional  missions  (polar  and  due  east) . While  the  absolute  values 
derived  are  subject  to  change,  the  trends  or  variations  of  the  system  to 
injiut  parameter  variations  • remain  the  same.  Since  trend  data  are  of  particular 
importance  in  sizing,  the  information  presented  and  the  conclusions  derived^ 
from  the  study  remain  valid. 

j ’ ; ' ' ' ' ' 

2.4.1. 1 Basic  Sizing.  A parametric  analysis  of  the  stage-and-one-half  system 
is  presented  in  Figs.  2.4-1  through  2.4-2.  For  the  stage-and-one-half  system, 
the  ideal  velocity  is  essentially  independent  of  launch  weight  and  staging 
velocity,  for  a constant  initial  thrust-to-weight  ratio.  The  principal  parameters 
affecting  the  analysis  are  the  weights  of  the  orbiter  and  the  droptanks.  The 
orbiter  inert  weight,  for  a given  type  of  design,  depends  primarily  on  the 
propellant  load  and  the  number  of  engines. 

Studies  have  demonstrated  that  the  orbiter  inert  weight  is  linear  with 
propellant  loading.  The  sensitivity  of  orbiter  inert  weight  to  impulse 
propellant  added  is  about  0.135  Ib/lb  (effective  x' = 0.88).  Since  the 
nuinber  of  engines,  and. thus  the  engine  weight,  is  proportional  to  launch 
weight  (for  constant  thrust/wslght) , the  orbiter  inert  weight  can  be 
approximated  by  the  form 

(1)  Inert  Wt  - ^ ^ In^P'iise  Propellant  + 3^  Launch  Weight 
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A Iw\^vi\s«  lW¥v*V/  CT^vvn^  Prop.  4- ■l\rs«‘'rt  Y)-t^ 

IacUA  e fkylcxiA 


NO.  or  ch<)«mc% 


# OCtTA  WlMT  oeMQNS 

• STfi-WNC.  PO\m  0CS\GN5 


300  4-00 


^ oo.  'loo 


No.  or  ^Nowts 


Wj  ■=  k 1 4-  ^ ^ 


TCRO  PI^OPtttKNT 

T.c^.0  tHGme^ 


ORB  V TER  P?c>p E l-U ’T  \0  O O U0 


Fig.  2.4-1  Orbiter  Weight  Scaling 
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UAiU 
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k- 


— — — C)R'8»Tfef®:.  7\*  -atr  constant 

^ — — O'R.evTtR  PRoPtLLANT  t=: 


Fig.  2.4-2  Stage-and-One-H^if  Basic  Ferf onnance 

2. 4.1-3  ' 
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In  Fig.  2.4-1,  orbiter  inert  weight,  propellant  weight  and  mass  fraction  (X^) 
are  shown.  Values  for  several  delta-body  and  straight-wing  point  designs  are 

included . 

The  procedure  for  determining  launch  weight  as  a function  of  staging  velocity 
is  illustrated  ly  Fig.  2.4-2.'  Launch  weight  and  staging  velocity  for  orbiters 
of  constant  mass  fraction  ( ) are  shown  by  the  solid  lines.  Superimposed  is 

a grid  of  constant  orbiter  propellant  curves  (with  orbiter  inert  weight  varying). 
The  orbiter  mass  fraction  resulting  from  the  inert  weight  law  can  be  plotted 
on  these  two  sets  of  curves  knowing  the  propellant  load.  The  results  of  this 
type  of  analysis  are  demonstrated  in  Fig.  2.4-3.  The  droptank  is  assumed 
to  be  constant  over  the  range  of  the  droptank  propellants  examined.  Orbiter 
weight  growth  (+20%,  0%,  -20%)  is  assumed  to  occiir  to  all  three  factors  in 
the  scaling  equation,  i.e. , K^,  Kg,  and  in  Equation  (1)  above  are  all  changed 
proportionally.  Note  that  for  a droptank  X^  of  .96,  a propellant  load  of 
200,000  lb  minimizes  the  system  launch  weight,  regardless  of  orbiter  inert 
weight  growth. 

These  results  are  summarized  in  Fig.  2.4-4»  The  principal  parameter  affecting 
the  optimum  staging  velocity  (and  optimum  orbiter  propellant  loading)  is  the 
droptank  X^  . Orbiter  inert  weight  growth  has  little  effect.  The  sensitivity 
of  launch  weight  to  orbiter  inert  weight  and  droptank  inert  weight  is  given 
in  Fig.  2.4-5.  

2.4.1 .2  Propulsion  Trades.  Various  propulsion  trades  involving  ascent 
performance  are  presented  in  Figs.  2.4-6  to  2.4-8.  The  effect  of  number  of 
engines , launch  thrus t-to-weight-ratio , engine  expansion  ratio,  and  number  of 
engines  on  after  droptank  separation  are  examined. 
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Launch  thrust-to-weight  effects  are  presented  in  Pig.  2,4-6.  For  a fixed 
number  of  engines  (nominally  11) , • the  launch  thrust-to-weight  can  be  varied 
by  altering  the  size  of  the  droptanks.  As  the  T/U  decreases,  velocity  losses 
increase  (about  480  ft/sec  per  0.10  unit  T/W) . However,  since  the  launch 
weight  increases,  the  net  effect  is  to  increase  payload  as  T/W  decreases.  That 
is,  for  a fixed  number  of  engines,  maximum  payload  occurs  for  T/W  lower  than 
1.25.  However,  for  a fixed  launch  weight,  maximum  payload  is  delivered  at 
a thrust-to-weight  greate:;*  than  1.25.  Going  from  an  11  to  a 12  engine  config- 
uration, for  the  same  launch  weight  (increasing  tAJ  from  1.25  to  1.36)  gives 
an  additional  2000  lb  payload,  but  because  of  base  area  problems  and  higher 
dynamic  pressures,  is  not  advisable.  As  the  launch  weight  increases  for  a 
fixed  niunber; of  engines,  the  T/W  decreases.  At  same  launch  weight,  it  becomes 
advisable  to; add  an  additional  engine.  For  example,  at  3.67  Mlb,  4000  lb 
of  payload  are  gained  by  going  from  11  to  12  engines  (increasing  T/W  from 

l. 20  to  1.31) . Payload  for  various  launch  weights  for  the  rubberized  engine 
case  is  also  shown.  In  this  case,  the  number  of  engines  (and  thus  engine 
weight)  is  assumed  to  be  linear  with  launch  weight,  and  not  constrained  to 
integral  values.  This  results  in  constant  T/W. 

The  effect  of  nozzle  expansion  ratio  on  performance  is  shown  in  Pig.  2.4-7. 

Only  two  types  of  nozzles  are  shown,  a single-position  53:1  nozzle  and  a two- 
position  35:1/100:1  nozzle.  For  an  11  engine  configuration,  various  numbers 
of  the  53:1  nozzles  are  replaced  by  35/100  nozzles.  Because  the  vacuum 
characteristics  of  the  35/100  nozzle  are  superior  to  the  53:1,  and  the  atmospheric 
characteristics  about  the  same,  burnout  weight  increases  as  more  35/100  nozzles 
are  used.  However,  when  the  additional  weight  penalty  of  the  35/100  nozzle  is 

ac. counted  (heavier  nozzle,  increased  base  area,  lower  lift/drag,  etc.),  the 
payload  vs.  no.  of  35/100  engines  shows  a maximum,  depending  on  the  size  of 
the  weight  penalty.  At  present,  the  weight  penalty  appears  to  be  about 
2000  Ib/engine,  implying  that  three  35/100  engines  should  be  used  out  of  11. 
However,  the  payload  gain  is  only  3000  lb,  and  due  to  the  increased  complexity 

of  design  and  operation,  it  is  reccanmended  that  only  53:1  nozzles  be  employed.  In 
this  analysis,  it  is  assumed  that  the  53:1  engines  are  shutdown  first, 
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Payload  as  a function  of  number  of  engines  burning  after  staging  is  presented 
in  Fig.  2.4-8  for  a 75  run  injection  altitude.  Because  maximum  payload  is 
delivered  for  long  burn  times,  2 engines  give  more  payload  than  3 or  4.  For 
the  50  run  injection  altitude,  3 engines  would  be  the  optimum  number.  These 
trends  will  be  discussed  in  the  next  section. 

The  throttling  profiles  used  for  the  ascent  trajectories  are  shown  in  FLg. 
2.4-9.  A combination  of  engine  throttling  and  engine  shutdown  is  assumed. 


2. 4.1. 3 Trajectories  Srxpport . Ascent  trajectories  used  for  performance 

information  were  computed  using  PRESTO  (Preliminary  Rapid  Earth-to-Space 
Optimization  Program) . This  program  generates  point  mass  trajectories  with 


optimized  attitude  control  histories,  iiseful 


for  preliminary  design  work. 


Table  2.4“i  summarizes  the  key  performance/design  parameters  developed  in 
this  initial  trajectory  analysis  which  has  been  used  to  support  the  energy 
requirements  attendant  to  the  stage-and-ons-half  sizing. 


Payload  as  a function  of  time  to  orbit  for  both  50  nm  and  75  nm  injection 
altitudes  is  presented  in  Fig.  2.4-10.  The  time  to  orbit  was  varied  by 
altering  the  throttling  profile  after  droptank  separation.  Maximum  payload 
occurs  at  about  360-370  sec  for  the  50  nm  case 5 and  at  about  475  sec  for  the 
75  nm  case.  The  effect  of  ascent  drag  on  payload  is  shown  on  Fig.  2.4-11. 

Of  these  last  three  considerations , only  the  influence  of  injection  orbit 
appears  to  be  of  significance. 
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Table  2.4'*1 


TRAJECTORY  DATA 


• Peak  Q 525  - 550 psf 

• Time  to  Orbit  375  425  sec 

• Staging  Altitude  > 260K  ft 

• Staging  Q ~ 0 

• Injection  Altitude  50  nm 


Table  2»4-l 
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2. 4, 1.4  giy-^wp  r-oncluslons  - Primary  Factors.  The  orbiter  shoiald  be  sized 
to  contain  200,000  lb  of  propellant.  Combining  this  requirement  with  the 
structurally  efficient  droptanks  results  in  staging  velocities  in  the  order 
of  13,000  ft/sec  (relative).  It  should  be  noted  that  this  conclusion  is 
based  on  a specific  variation  of  orbiter  size  to  propellant  load,  as  determined 
in  early  design  studies.  For  a given  orbiter  size,  if  some  technique  should 
be  developed  which  maintains  the  simple  tank  arrangement  but  accomplishes 
additional  propellant  capacity,  a benefit  to  payload  would  be  accrued.  To 
place  improved  propellant  packaging  in  a high  order  of  priority  to  the  stage- 
and-one-half  design  is  not  required.  Payload  sensitivity  to  orbiter  propellant 
is  nonlinear,  reducing  from  0.12  Ib/lb  to  0.07  Ib/lb  for  nominal  propellant 
loads  of  200,000  and  250,000  lb,  respectively. 

Injection  into  the  50  x 100  nm  orbit  is  desirable  from  the  standpoint  of 
payload  delivery.  A 5000  lb  payload  loss  results  when  the  injection  altitude 
is  increased  to  the  75  x 100  nm  condition. 

The  incorporation  of  all  propulsion  into  the  orbiter  of  the  stage-and-one-half 
system,  makes  it  necessary  to  regard  the  design  issues,  such  as  vehicle  center 
of  gravity,  entry  wing  loading,  and  engine  integration  as  first  priority  in 
developing  the  design  launch  thrust— to— weight  ratio.  In  this  regard,  the 
stage-and-one-half  system  should  be  sized  from  the  standpoint  of  maximum 
payload-to-launch  thrust  (not  weight) . Studies  have  shown  that  when  attempting 
to  maximize  the  payload  to  thrust,  launch  thrust-to-weight  ratios  of  1.11 
appear  best.  Concern  for  control  authority  at  liftoff  presently  requires  the 
selection  of  a higher  value.  The  recommended  launch  thrust-to-weight  ratio 
for  the  stage-and-one-half  system  is  1.25,  selected  as  an  allowable  and  real- 
istic value  from  Saturn  launch  system  studies. 
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2.4.2  Ascent  Trajectory 

This  section  summarizes  the  considerations  applied  in  the  development  of  the 
representative  stage-and-one-half  ascent  trajectory  and  involves  the  selection 
of  launch  thrust  and  main  propulsion  operating  mode,  Some  of  the  ascent  trade 
studies  which  entered  into  the  decisions  required  far  the  ascent  trajectory 
development  are  included.  -- 


Recently  supplied  power-on  base  drag  corrections  are  investigated  in  the  last 
section  of  the  ascent  studies . When  reviewed,  it  will  he  seen  that  signifx- 
cant  performance  improvement  to  the  stage-and-one-half  system  is  promised. 

These  new  data  have  not  been  applied  to  the  stage-and-one-half  system  in  the 
studies,  since  it  was  felt  that  the  information  should  he  reviewed  jointly  by 
IIASA  and  LMSC  before  any  design  changes  to  the  stage -and-one -half  system  are 

undertaken. 

O ).  O 1 m>.v,,^t-to-Weight  Ratio.  The  unique  characteristic  of  the  stage-and- 

one-half  system  is  the  incorporation  of  all  propulsi^^^ 

(orhiter).  As  described  in  Section  2.4.1,  primary  consideration  is  given  to 
payload-to-thrust  level  rather  than  payload-to-launch  weight . A launch  thrust - 

to-wei^  ratio;  of  1.25  is  selected  as  best  representin^^^^ 

control  authority,  payload  deliveiy  capability,  and  propulsion  system  integra- 
tion Given  a selected  launch  thrust -to-weight  ratio,  the  performance  inves- 
tlgaUon  is  directed  toward  the  .election  of  a thrust-time  history  from  liftoff 

to  injection,  • 

From  early  studies  which  investigated  the  effect  of  thrust  profile  upon  per- 
formance prior  to  the  introduction  of  acceleration  constraints,  it  was  learned 
that  the  best  profile  resulted  from  hi^  thrust  early  in  the  trajectory  to  per- 
mit early  reduction  of  the  flight  path  angle,  hence  minimizing  gravity  losses 

during  ascent , Once  a low  flight  path  angle  was  ach%.ed , a mch  lower  thrust 

level  was  initiated  at  axr  appropriate  time small  thrust  vector  losses 
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By  introducing  low  acceleration  constraints  (t  or  3 g)  > i't  was  found  to  be  more 
optimum  to  again  use  high  thrust  early  in  the  ascent  trajectory  and  upon  reach- 
ing the  acceleration  limit  to  maintain  that  acceleration  level  by  throttling 
and  engine  shutdown. 

Once  droptank  staging  occurs,  thrust  level  is  of  lesser  importance  due  to  the 
high  staging  velocities  associated  with  the  stage-and-one-half  concept.  For 
example,  by  operating  at  full  thrust  or  the  3g  boundary  as  compared  to  fully 
throttled  (50  percent)  operation  from  staging  to  injection,  a payload  benefit 
of  700  lb  is  realized.  The  first  method  is  selected  as  the  nominal  operating 
mode  for  payload  reporting  but  the  final  post-staging  to  injection  mode  remains 
flexible  to  either  design  or  operational  considerations.  The  capabili'^y  of  the 
stage-and-one-half  system  to  operate  along  the  3g  acceleration  boimdary  over 
the  major  portion  of  the  ascent  profile  where  acceleration  is  critical  results 
in  the  most  efficient  (low  velocity  loss)  profile  for  any  given  initial  thrust - 
to-wei^t  ratio. 

2 .4.2.2  Acceleration  Profile  - Throttling/Shutdown  Modn.  The  stage -and -one 
half  launch  vehicle  has  high  thrust  capability  because  all  engines  remain  on 
board  the  vehicle  from  launch  to  orbit.  Because  of  the  excess  of  thrust , the 
ascent  contraints  of  3g  maximum  acceleration  and  50  percent  maximum  throttling 
cannot  always  be  satisfied  to  droptank  separation.  The  method  which  was  used 
to  reduce  thrust  was  the  sequential  shutdown  of  pairs  of  engines  during  the 
period  that  acceleration  was  constrained  to  3g  prior  to  droptank  separatxon. 

The  selection  of  engine  pairs  for  shutdown  was  determined  to  minimize  thrust 
moments  or  girabaling  requirements  due  to  lack  of  symmetry  in  operating  engine 
patterns  which  would  result  if  only  one  engine  were  shutdown  in  sequence . Thus 
both  engines  of  a pair  occupied  as  near  a location  of  symmetry  as  possible  with 
respect  *to  the  c ©n't or  of  mass* 

The  time  sequencing  for  engine -pair  shutdown  was  determined  by  the  criterion 
that  shutdown  would  occur  when  the  remaining  engines,  operating  at  full  power, 
would  just  provide  3g  acceleration . Using  this  throttling  technique , the  50  ^ 


2. 4. 2-2 


LiOBKHiEED' M tSSliLES  a S.RAGE  \ 


LMSC-A989142 
Vol  II 


percent  maximum  throttling  constraint  was  never  reached  during  3g  acceleration. 

Aside  from  satisfying  constraints,  this  method  had  the  additional  advantage  of 

reducing  the  specific  impulse  degradation  due  to  throttling.  Figures  2.4-12a 

and  -12b  show  the  I degradation  as  a function  of  the  thrust  ratio  for  an  11- 

sp 

engine  and  a 9-engine  configuration.  For  the  11-engine  configuration,  main- 
taining 3 g while  using  all  engines  would  require  throttling  to  39  P®^^®®nt  and 

result  in  an  average  loss  iri  I of  about  2 sec.  However,  by  using  the  throt- 

sp 

tling  technique,  of  the  original  11  operating  engines,  5 remained  in  operation 
and  required  only  8?  percent  throttling  to  achieve  the  0.39  thrust  ratio  prior 
to  tank  drop.  With  this  method,  the  average  I _ loss  amounted  to  0,3  sec. 

For  the  9- engine  configuration,  3-sigma  I degradation  was  used  in  addition 

^'Xr 

to  the  I loss  due  to  throttling.  The  3-sigma  I^^  was  dependent  upon  the 
sp  sp 

number  of  engines  (N)  in  operations  by  the  following  relationship 


^^sp^3-sigraa  ^^sp^ nominal 


This  degradation  is  reflected  in  Fig.  2.4-12a  by  the  fact  that  the  I^^  ratio 
never  reached  unity  after  engine-pair  shutdown  commences . In  addition,  because 
of  the  greater  thrust  engines , the  quantizing  effect  of  throttling  by  engine 
elimination  was  reduced.  Both  influences  had  the  effect  of  reducing  the  effec- 
tiveness of  the  method  to  lower  I^^  loss.  Whereas  the  11-engine  configuration 
lost  an  average  0.3 sec  of  I , the  9- engine  simulation  loss  was  lit  sec. 

2. 4. 2. 3 Typical  Stage -and-One-Half  Ascent  Trajectory.  The  definition  of  the 
stage- and- one -half  ascent  trajectory  which  satisfied  all  the  constraints  and 
achieved  makimum;  payload  to  orbit  was  accomplished  by  the  HfflaCO  conputer  pro- 
gram.  This  program  was  used  for  the  nominal  trajectory  and  for  conducting  the 
various  trade  studies  used  to  determine  the  optimtam  thrust  time  characteris- 
tics, liftoff  acceleration,  and  droptank  staging  velocity . The  program  was 
modified  to  simulate  the  stage -and-one-half  characteristics , such  as  constant 

acceleration  thrust  profiles,  I degradation  due  to  throttling,  throttling  by 

' - ^ ■ sp 

engine-pair  elimination,  engine  half -thrust  prior  and  after  tank  drop,  and 

power-on  base  force. 
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PRESTO  employs  a steepest  ascent  gradient  optimization  technique  to  arrive  at 
the  optimum  steering  program  satisfying  the  specified  terminal  conditions  and 
yielding  maximum  terminal  mass.  In  addition,  the  launch  azimuth  is  optimized 
to  satisfy  inclination  constraints. 

The  assumptions  and  grovuidrules  which  were  assumed  for  generating  the  ascent 
trajectory  were  as  follows; 

• Design  reference  orbit;  A circular  orbit  of  2?0  nm  altitude  and  inclined 
at  55-<ieg  to  the  equator 

• Launch:  From  ETR  with  an  azimuth  heading  of  east  of  north 

• Reference  injection  orbit;  50  X 100  ran 

• Propulsion; 

- 9 engines  used  from  liftoff  and  into  throttling 

- 2 engines  during  the  orhiter  stage 

- Mixture  ratio  of  6 to  1 

- Sea  level  thrust  per  engine;  530,000  lb 

- Expansion  ratio:  53  to  1 

- Nominal  vacvtum  I 445  sec 

sp  / 

- Minus-3-sigma  engine  performance 

• Aerodynamics : Zero- lift  forebody  drag 

• 1962  Standard  atmosphere 

• Liftoff  thrust-to-weight  ratio:  1.25. 

• Zero  angle-of-attack  until  low  dynamic  pressure  («< 60  psf) 

• Acceleration  constrained  to  3g 

• Sequential  engifib-i^air  shutdown  during  throttling  prior  to  tank  drop 

• Two  engines  at  half  thrust  5 sec  before  and  after  tank  drop  separation, 
as  well  as  at  the  end  of  the  orbiter  hum  into  50  x 100  nm  orbit 

These  guidelines  were  used  in  simulating  the  optimum  ascent  trajectory  with  the 
sole  exception  of  the  half -thrust  requirement  5 sec  prior  to  orbit  insertion. 
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This  sli^t  effect  amounted  to  44  lb  less  in  hvirnout  weight  and  an  increase  in 
time  to  injection  of  2.4  sec. 


Three-signa  engine  performance  for  one  engine  would  mean  reducing  the  I^p 
3 sec.  However,  for  multiple  engines,  3 -si©na  performance  for  the  group  meant 
less  of  a reduction  and  was  dependent  upon  the  number  of  engines  operating  (w) . 
The  I for  any  number  of  engines  was  obtained  by  the  formula, 


^^sp^ 3-sigma 


^^sp^ nominal 


3 

/n 


Table  2.4-2  represents  a sequence  of  events  and  simplified  wei^t  breakdown  for 
the  reference  ascent  trajectory.  This  table  incltides  some  pertinent  events  to 
50  X 100  nm  injection.  The  1?  fps  drag  correction  represents  the  velocity  re- 
quired to  overcome  drag  in  coasting  from  50  x 100  xmi. 

Table  2.4-3  summarizes  the  velocity  losses  during  ascent  for  both  phases  up  to 
and  after  droptank  separation.  As  can  be  seen,  little  velocity  loss  is  incurred 
during  the  orbiter  phase . This  is  attributed  to  the  high  staging  velocity. 

Some  relevant  trajectory  parameters  are  presented  in  Fig.  2.4-13;  namely , the 
relative  fli^t  path  angle , dynamic  pressure,  and  altitude  as  function  of  time 
from  liftoff.  Figure  2. 4-l4  presents  the  thrust  attitude,  acceleration  and 
velocity  histories  from  liftoff . Nine  engines  remain  in  operation  until  I96.8 
c after  liftoff,  at  which  time  sequential  engine-pair  shutdown  begins . Near 
the  time  the  droptanks  stage,  the  operating  engines  have  been  reduced  to  5 un- 
til 5 sec  prior  to  tank  drop,  when  2 engines  are  operating  and  remain  so  until 
injection. 

2. 4. 2. 4 Trade  Studies  for  Ascent.  Of  major  importance  in  arriving  at  the  max- 
imum payload  to  orbit  is  the  impact  of  the  various  propulsion  parameters  on  this 
payload.  To  insure  that  payload  degradation  was  not  the  result  of  incorrect 
choices  of  these  parameters,  trade  studies  were  conducted  to  seek  the  best 
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Table  2.4-1 

Sequence  of  Events  and  Simplified  Weight  Breakdown  — 
Ascent  Trajectory 


EVENT 

TIME 

(sec) 

WEIGHT 

(lb) 

REMARKS 

Liftoff 

0 

3,816,000 

T/W  = 1.25 

Impulse 

-1,980,000 

Initiate  Throttling 

159.6 

1,836,000 

T/W  = 3.0 

7-Engine  Operation 

196.8 

5-Engine  Operation 

246.5 

2-Engine  Operation 

289.7 

50  Percent  Throttle 

Impulse  Propellant  for 

Droptank  Impulse  Pro- 

Throttling  Mode 

pellant  = 3,064,958 

Droptank  and  Residuals 

294.7 

127,718 

Orbiter  Weight  at  Staging 

294.7 

633,324 

2-Engine  at  50  Percent 

Throttle 

2-Engine  Operation 

299.7 

100-Percent  Thrust 

Impulse  Propellant 

-215,324 

Initiate  Throttling 

374.9 

408,000 

% 

T/W  = 3.0 

Impulse  Propellant 

-14,800 

2-Engines  at  Half  Power 

380.3 

393,192 

. 5 sec 

Inj ection  in  50X100  Orbit 

385.3 

386,235 

Drag  Correction  (l7  ft/sec) 

-469 

Weight  at  50X100  Orbit 

385,776 

Table  2.4-1 
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Table  2.4-2 

Velocity  Losses  During  Ascent 


Droptank 

Phase 

(ft/sec) 

Orbiter 

Phase 

(ft/sec) 

Earth  Rotation 

-1 

3 

Gravity 

4,140 

40 

Drag 

338 

5 

Thrust  Atmospheric  Pressure 

420 

* 0 

Thrust  Attitude 

u - 

20 

Total 

4,941 

68 

TOTAL  BOTH  STAGES 

5,009 

Table  2.4-2 
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possible  selection  of  these  parameters  and  to  get  an  indication  of  their 

sensitivities.  The  propulsion  parameters  that  were  considered  were: 

• the  nxamber  of  engines  and  the  launch  thrust-to-weight  ratio 

• The  engine  expansion  ratio 

• The  number  of  engines  after  droptank  separation 


Such  information  in  regard  to  payload  effects  can  be  found  in  Section  2.4.1 • 
There  was  an  additional  trade  study  in  regard  to  engine  expansion  ratio  that 
has  been  accomplished  during  the  course  of  study.  The  objective  of  this  study 
was  to  determine  payload  sensitivity- to  a common  main  engine  expansion  ratio 
as  opposed  to  a mix  as  described  in  Section  2.4»1*  Such  information  is 
supplied  in  Fig;  2.4-15  for  an  expansion  ratio  range  from  35:1  to  70:1 
(fixed  nozzles)  and  an  extendable  35/70:1  nozzle.  For  a fixed  launch  system 
(upper  figure) , payload  sensitivity  is  mininal.  Because  of  variations  in 
back  pressure,  sea  level  thrust  delivery  reduced  with  increasing  ej^ansion 
ratio,  resulting  in  variations  in  launch  thrust-to— weight.  Since  the  design 
thrust-to-weight  selected  is  1.25 , droptank  propellant  was  adjusted,  result- 
ing in  the  data  shown  in  the  lower  part  of  Fig.  2.4-15.  Payload  variations 
of  approximately ' +4 , 000  lb  result.  This  latter  variation,  which  shows  the 
; 35:1  expansion  ratio  to  advanatge,  is  attained  through  higher  launch  weights 
and  must  be  resolved  in  terms  of  cost  as  well  as  engine  integration. 

Because  of  the  relative  insensitivity  of  payload  to  expansion  ratio,  it  can  be 
concluded  that  the  selection  should  not  be  strongly  influenced  by  performance 
issues,  but  by  cons idera tions  of  cost  and  engine  integration  into  the  stage- 
I and-one-half  system. 

2.4.2. 5 Base  Drag  Studies.  For  all  previous  ascent  simulations,  the  effect 
j of  base  drag  upon  the  trajectory  was  omitted . The  effect  of  base  drag,  parti— 
i cularly  on  a vehicle  such  as  the  stage-and-one-half , can  be  severe  due  to  the 
I large  base  area.  The  characteristics  of  base  drag,  however,  vary  greatly 
from  rather  large  velocity  lossses  for  the  case  in  which  all  engines  are  off 

^ ' ' 2.4.2-12  ' . 7 : 7 
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to  large  velocity  gains  for  the  case  in  which  they  are  all  on. 

Fig.  2.4-16  shows  the  drag  coefficient  for  the  stage-and-one-half . The  upper 
curve  was  obtained  from  wind-tunnel  measuremants  of  a scaled  model  and  repre- 
sents the  power-off  total  drag.  This  power-off  total  drag  is  defined  as  the 
sum  of  forebody  and  powerK'^i’  base  drags.  The  lower  curve  represents  the 
forebody  drag  only  and  was  obtained  from  the  power-off  total  drag  by  subtrac- 
ting the  power-off  base  drag.  Beyond  Mach  5 j the  effect  of  power-off  base 

drag  was  assumed  negligible.  Previous  trajectory  simulations  used  drag 
characteristics  similar  to  those  given  in  Fig.  2.4-16  to  represent  the 
total  aerodynamic  effect  for  ascent  to  orbit. 

The  base  drag  with  engines  operating,  however,  is  much  different  than  with 
: power  off.  In  fact,  base  drag  with  power-on  becomes  beneficial  at  high 

altitiides  by  providing  negative  drag.  Power-on  base  drag  is  represented  by 
the  product  of  reference  base  area  and  the  difference  between  base  and  ambient 
pressilres.  This  pressure  difference  is  a function  of  altitude  and  is  shown  in 
Fig.  2.4-17.  As  can  be  seen,  at  low  altitudes,  base  drag  is  unfavorable  and 
quite  significant.  At  maximum  positive  drag  occurring  at  10,000  ft,  the  base 
drag  is  more  than  three  times  the  forebody  drag.  At  altitudes  above  37,000  ft, 
the  base  drag  becomes  negative  and  remains  so  for  all  higher  altitudes. 

I The  method  used  to  simulate  the  base  drag  consisted  of  separating  the  total 

i drag  into  three  components . These  consisted  of  (l)  the  power-off  total  drag, 

I (2)  the  power-off  base  drag,  and  (3)  the  power-on  base  drag.  With  all  engines 

I operating,,  the  total  drag  equaled  ;the  first  component  leas  the  second  plus  the 

! third.  As  engines  were  shutdown  during  the  throttling  phase,  only  a fraction 

I of  the  second  and  third  components  was  subtracted  and  added  to  the  first. 

I This  fraction  consisted  of  the  ratio  of  operating  engines  to  total  engines . 

I The  fraction  was  used  for  the  complete  simulation  even  prior  to  throttling, 

when  of  course  it  was  eqixal  to  unity.  To  add  a certain  amount  of  conservatism 
! to  the  simulation,  only  80  percent  of  the  fraction  was  used  in  the  simulation. 
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Simulation  of  the  total  drag  rather  than  only  the  forebody  drag  produced  a 
slightly  different  optimum  ascent  profile.  To  benefit  from  the  base  drag, 
the  optimum  trajectory  was  more  lofted  or  flew  higher  to  take  advantage  of 
the  negative  base  drag  sooner,  even  though  this  meant  accepting  slxghtly 
greater  (l7  fps)  gravity  losses.  Because  of  the  lofting,  maximum  dynamic 
pressure  was  reduced  23  psia  to  523  psia , while  droptank  separation  occurred 
4,000  ft  higher  and  236  fps  faster. 


A more  startling  result  of  the  simulation,  however,  was  that  the  cumulative 
effect  of  the  total  drag  resulted  in  a velocity  gain  rather  than  a velocity 
loss.  The  velocity  gain  amoiuxted  to  183  fps  compared  to  343  fps  velocity  loss 
assoeiatsd  with  forebody  drag  only.  In  addition,  the  burnout  weight  to  50  x 
100  nm  orbit  was  14,250  lb  greater  than  the  burnout  weight  using  only  fore- 
body di*ag. 

BecaTise  the  performance  gain  is  rather  appreciable,  the  validity  of  the 

power-on  base  drag  as  presented  should  be  verified  for  further  study. 
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2.4.3  Payload  Performance 

The  development  of  a multimission  latinch  system  involves  the  complex  corahination 
of  nominal  energy  requiremsnts , mission  weights ^ and  ahort  considerations.  The 
influence  on  payload  of  these  corahined  effects  are  both  launch-weight  and  launch- 
concept  dependent.  It  is  therefore  necessary  to  review  these  considerations 
and  in  particular  to  reflect  those  characteristics  peculiar  to  the  stage— and- one- 
half  system. 

2.4. 3.1  Mission  Requirements  and  Assumptions.  Table  2.4-3  reviews  the  basic 
Issues  leading  to  launch  system  performance  capability.  The  first  four  require- 
ments are  NASA  supplied.  Of  these  four,  the  airbreather  in/out  and  the  abort 
requirements  have  significantly  different  design  effects  on  the  stage-and-one- 
yyai-P  and  two- stage  reusable  systems.  The  airbreather  system  weight  in  the 
st  age-and-  one-half  orb  iter  is  approximately  40  percent  greater  than  for  the 
stage  orbiter . Removal  of  the  airbreather  system  for  due  east  and  polar 
missions,  therefore , it  is  to  the  advantage  of  the  stage-and-one-half  concept. 
Engine-out  from  staging  is  a consideration  not  applicable  to  the  stage-and-one- 
half  system,  since  in  nominal  operation  two  of  three  engines  available  are  used. 
Continuing  in  Table  2.4-3,  it  is  evident  that  3o-  engine  performance  serves  as 
the  basis  of  fixed  vehicle  performance  as  well  as  launch  system  siaing.  The 
last  item,  on-orbit  velocity,  is  RASA  supplied  for  the  55  ^eg  mission  and  is 
IMSC  selected  for  the  other  two.  The  selection  of  65O  ft/sec  is  based  on 
the  considerations  detailed  in  Table  2.4  -4. 


•Table  2.4  -3 

BAI3IC  MISSION  REQUIREMESUTS 


Missions 

NASA  Design 

NASA  Ref. 

NASA  Ref 

Insertion  Orbit  (nm) 

■ Mission  Orbit  (nm-circ) 

' Orbit  Inclination  (deg) 

50  X 100 
100 
28.5 

50  X 100 
100 
90 

50  X 100 

270 

55 

Payload  (1000  lb) 

65 

4o 

25 

Airbreather  System 

Removed' 

Removed 

V" : - ■ i . - ■ , 

In 

Abort  (Engine-Out  From  Staging) 

::::;v':NA 

NA 

Propulsion  Specific  Impulse 

3<r 

3or  ■ ' ■ 

y.:;3:Cr:  > 

On-Orbit  Velocity 

650 

650 

1500 

2.4. 3-1 


from  50  X lOp  NM  IWJECTrO^W^^ 


MINIMUM 

USE 

CIRCULARIZE  i 100  NW 

92 

100 

CONTINGENCY 

8 

8 

ACS  MANEUVERING 

142 

142 

CONTINGENCY 

0 

100 

RETRO 

262 

300 

TOTAI  (FPS) 

504 

' ' . ■ . ' i i'  ■ ' 

Table  2.4-if  Orbital  Velocity  Considerations 
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Iminilsive  velocity  to  circularize  at  100  niri  is  92  ft/sec;  however,  some  time  is 
involved  and  dependent  on  the  thrust-to-weight  ratio  during  the  operation,  some 
velocity  loss  will  he  encountered;  100  ft/sec  is  therefore  selected.  Injection 
weight  will  vary  from  one  mission  to  the  next;  further  influencing  ourn  time. 

To  account  for  this,  an  8 ft/sec  contingency  has  been  selected.  ACS  maneuver- 
ing of  lk-2  ft/sec  was  assumed  as  a requirement  for  the  55  deg-270  nm  trajectory 
and  is  maintained  for  the  polar  and  due  east  missions  as  well.  To  allow  for 
orbital  dispersion  effects,  an  orbital  contingency  of  100  ft/sec  is  selected. 
Retro  velocity  is  dependent  on  the  entry  fli^t  path  angle  desired  to  initiate 
the  entry  mode.  Typically  the  entry  fli^t  path  angle  is  -1  deg  from  100  nm 
orbits  and  requires  a retro  velocity  of  262  ft/sec.  Since  entry  fli^t  path 
angles  will  vary  with  changes  in  mission  return  weight,  an  allowance  of  300  fps 
is  felt  necessary . The  minimum  orbital  velocity  requirement  is  504  ft/ sec . For 
payload  performance  a value  of  65O  ft/sec  is  used  to  reflect  operational  varia- 
tions that  can  be  expected  for  multimission  latmch  systems. 

Orbiter  tank  Capacities  (ascent  and  on-orbit)  are  determined  from  the  55  deg, 

270  nm  mission.  In  this  case,  the  orbiter  ascent  tanks  are  sized  for  both  in- 
jection into  the  50  x 100  nm  orbit  and  fli^t  propellant  reserve.  On-orbit 
tanks  are  Sized  for  2000  fps,  althou^  ±he  mission  requires  I50O  fps.  For  other 
missions,  it  is  the  tank  capacities  and  their  assigned  functions  that  determine 
payload  capability.  Orbiter  ascent  tanks  iare  always  full  regardless  of  the  mis- 
sion requirement;  therefore,  either  the  dropbank  or  on-orbit  tank  capacities 

determine  maximum  payload,  capability. 

2. 4. 3. 2 Payload  Canabilities . Fov  the  considerations  described,  the  multi- 
mission capability  of  the  stage-and-one-lialf  system  (LS  200-10)  is  pre-Jented 

in  Tables  2.4-5  and  2.4-6. 

Maximum  payload  potential  shown  in  Table  2.4-5  is  determined  for  full  droptank 
and  orbiter  ascent  tanks.  Although  the  orbiter  FPR  and  ascent  propellants  are 
reported  separately,  it  is  the  total  of  the  two  terms  that  is  contained  in  the 
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in  the  oi'biter  ascent  tanks.  Ascent  propellant  therefore  varies  between 
mifscions,  hut  the  sum  of  ascent  aiid  FPR  propellants  is  the  fixed  quantity  as 
determined  hy  the  orhiter  tank  impulse  capacity.  On-orhit  propellants  as 
determined  hy  the  vehicle  weights  and  on-orhit  velocity  requirements  vary  from 
16,000  to  39,000  Ih  between  missions  and  are  always  less  than  the  50,300  Ih 
impulse  propellant  capacity  required  for  2000  fb/sec  on-orhit  velocity.  Launch 
thrust-to— weight  variations  are  minimal  between  missions  and,  while  accounted 
for  in  velocity  losses,  the  significant  parameter  influencing  the  ascent  velocity 
is  launch  azimuth.  As  shown  in  Table  2.4*3“^ design  payloads  are  achieved 
by  offloading  droptank  propellant  for  the  due  east  and  polar  missions.  Launch 
thrust-to-Weight  ratio  is  seen  to  vary  from  1.25  to  I.38  and  the  ascent  velocities 
are  adjusted  to  reflect  these  variations. 

2.4. 3.3  Conclusions.  The  55  deg,  270nm  mission  is  the  critical  design  mission 
for  the  stage-and-one-half  launch  concept , due  to  the  large  airbreather 
system  weight,  the  1500  fps  on  orbit  requirement,  and  the  engine  out  abort  cap- 
ability inherent  in  the  system  design.  In  designing  for  the  critical  mission, 
the  stage-and-one-half  promises  greater  payload  growth  potential  to  the  due 
east  and  polar  mission  than  any  other  launch  concept  under  present  considera- 
tion. 
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Table  2.4-5 
STAGE-AND-ONE-HALP 

MAXIMUM  PAYLOAD  POTEMTIAL  - FIXED  LAUNCH  VEHICLE 


Mission 

Orbit  Altitude  (Circ  nm) 

GLOW  (10^  lb) 

Droptank  Propellant  (lO  lb) 

Spacecraft  Ignition  Weight  (lOOO  lb) 

Spacecraft  Ascent  Propellant 
(1000  lb) 

Spacecraft  PPR  Propellant  (lOOO  lb) 

Spacecraft  On-Orbit 
Propellant  (lOOO  lb) 

LamchiHirust-to-Weight  Ratio 

Ideal  Velocity 

— Ascent  (fps) 

— Staging  (fps) 

Payload 


Due  East 
100 

Polar 

100 

55  deg 

270 

3.832 

3.063 

3.789 

3.063 

3.816 

3.063 

640.9 

598.3 

625.1 

239.0 

8.3 

239.6 

7.7 

239.2 

8.1 

18.6 

16.6 

38.78 

1.245 

1.26 

1.25 

29,580 

22,930 

30,870 

23,580 

30,035 

23,164 

95.1 

54.6 

25  ■ : • 
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Table  2.4-6 
STAGE -AM) -ONE -HALF 

DESIGN  PAYLOAD  - FIXED  LAUNCH  VEHICLE -OFFLOADED  DROPTANKS 


Mission 

Due  East 

Polar 

55  deg 

Orbit  Altit.*ae  ( Circ  - nm) 

100 

100 

270 

GLOW  (10^  lb) 

3.451 

3.587 

3.816 

Droptank  Propellant  (lO  lb) 

2.714 

2.877 

3.063 

Spacecraft  Ignition  Wt  (lOOO  lb) 

609.2 

582.9 

625.1 

Spacecraft  Ascent  Propellant 

(1000  lb) 

239.9 

239.2 

Spacecraft  FPR  Propellant  ( 1000  lb) 

^y:7.8  V ;■ 

8.1 

Spacecraft  On-Orbit  Propellant 
(1000  Lb) 

38.78 

Launch  Thrust- to-Weight  Ratio 

1.38 

^•33 

1.25 

IdeEil  Velocity 

— Ascent 

30,660 

30,035 

- Staging 

22,030 

23,107 

23,164 

Payload 

^5:: 

"40-  ■: 

25  ' 
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2.4.4  Airbreather  Performance 

Any  number  of  operational  considerations  can  dictate  the  returning  orbiter's 
attitude  time-history  and  resulting  environment.  The  study  can  be  simplified 
by  considering  that  the  terminal  envelope  will  be  bounded  on  one  side  by  maximum 
allowable  dynamic  pressixre  limitations  and  on  the  other  side  by  maximum  L/D 
flight.  For  present  study  purposes,  maximum  L/D  flight  has  been  analyzed, 
since  it  involves  the  longest  airbreathing  operating  time  of  the  possible 
terminal  profiles  that  could  be  studied.  In  the  development  of  nominal  air- 
breather  fuel  requirements,  a sea  level  airport  and  standard  day  conditions 
were  assumed. 

Considerations  attendant  to  the  development  of  the  airbreather  profile  are 
shown  in  Fig.  2.4-18.  Engine  startup  is  attempted  at  an  altitude  of  approxir 
laately  45 ,000  ft.  At  35, 000  ft ,,  all  airbreathers  are  assumed  operating.  To 
allow  for  fuel  used  in  the  airbreather  startup  process,  a 5-sec  full  thrust 
operation  is  assumed  to  have  taken  place.  Altitude  reduction  is  accomplished 
through  a spiral  flight  mode  until  20,000  ft  is  attained  where  unbanked  flight 
to  the  airport  outer  marker  is  achieved.  During  this  operation,  the  air- 
breathers  are  set  for  flight  idle  mode  operation. 

It  rauU  be  considered  that  there  are  presently  no  study  requirements  which 
define  the  outer  marker  reference  altitude . It  is  therefore  necessary  to  select 
a typical  airport  to  develop  the  altitude  at  which  the  3-deg  glide  slope  is 
initiated.  Such  information  is  provided  in  "Basic  Flight  Mauxial  and  ATC 
Procedures,"  Part  I AIM  FAB,  1968  j the  outer  marker  is  lc,‘ ./ted  4 to  7 mi 
from  the  airport . The  7-mi  distance  and  3-deg  glide  slope  place  the  landing 
vehicle  at  approximately  a 2000  fb_height,  the  altitude  selected  for  study. 

FromjpOOO  to  200  fb^  the  returning  orbiter's  glide  slope. is  maintained  at 
3 deg  and  is  accomplished  through  airbreather  thrust  setting.  Below  5OO  ft 
in  the  approach,  thrust  setting  is'  Ihcreased^tcrsee-ommodate  the  additional 
gear  drag. 
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At  200  ft, the  go-aroiind  procedure  is  initiated.  The  procedvire  is  one  of 
increasing  the  airhreather  thrust  setting  to  maximum  and  retracting  the  gear 
for  climhout.  The  fuel  requirement  for  this  transient  mode  is  developed 
by  assxaming  a 15 -sec  full  thrust  operation  in  which  no  climhout  altitude  is 
accredited. 

Climbout  fuel  requirements  are  complicated  ty  the  lack  of  go-around  altitude 
criteria.  A 2000-ft  altitude  is  selected,  placing  the  returning  vehicle  at 
the  initial  outer  marker  when  the  go-around  maneuver  is  tenninated.  Nominal 
approach  and  landing  are  then  resumed. 

The  selection  of  the  2000^ft  altitude  for  go-around  is  the  most  significant  ^ ^ ^ 
profile  parameter  to  airtteather  fuel  requirements , dictating  both  the  climbout 
and  the  cruiseback  fuel  allotments.  Had  the  middle  marker  altitude  been 
selected  as  the  target  point  for  go-around  teriaiiiat ion,  go-around  could  have 
been  accomplished  at  an  altitude  as  low  as  2J5  ft  • It  is  felt , however , that 
at  the  present  time  some  conservatism  is  necessary  to  allow  for  fuel  require- 
ments consistent  with  higher  airport  altitudes  and  hot  day  conditions. 

The  additional  factors  in  fuel  determination  are  the  return  vehicle  weights, 
aerodynamics,  and  airhreather  characteristics.  The  55-deg,270-nm  return 
weight  of  333,000  lb  is  selected,  since  it  is  the  only  reference  mission  for 
which  airhreather  requirements  are  stated.  With  its  25,000-lb  payload  the 
vehicle  c.g.  is  located  at  75  percent  of  the  reference  length,  resulting  in  a 
trimmed  lift-to-drag  ratio  and  lift  coefficient  of  5*55  and  0.54-,  respectively. 
Airhreather  characteristics  are  representative  of  two  types  of  engines : the 

P&W  JTF-22A-4-  and  the  GE  E3.2B3.  In  both  bases,  the  engine  specification  data 
are  reduced  3 percent  to  accoyiit  for  duct  losses'.  Engine  specific  fuel  con- 
sumption is  further  increased  by  2 percent  to  account  for  performance  degrada- 
tion between  overhaul  periods.  Finally,  a 15-percent  fuel  reserve  is  allowed 
in  the  determination  of  total  fuel  and  tank  volume  'requirements . 
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Study  results  as  presented  in  Fig.  2.4  “19  sre  developed  for  a range  of  design 
startup  weights  of  +30,000  lb  around  nominal,  and  in  addition  considers  the 
influence  of  n number  of  airbreathers.  As  can  be  developed  from  reviewing 
the  data,  the  implication  of  variation  in  design  startup  weight  and  number  of 
engines  is  an  Insensitive  parameter  to  airbreather  fuel  requirements  with  the 
exception  of  the  four  engine  configurations.  Variations  in  airbreather  fuel 
of  approximately  +1,000  lb  result  for  relatively  large  excursions  in 
design  weights  when  engine  clusters  of  five  ef  more  are  considered. 


For  any  given  weight,  the  fuel  requirement  dependency  on  the  number  of  engines  is 

primarily  due  to  the  influence  of  excess  thrust  during  climbout . The  effect  is 
twofold  in  that  reduction  in  excess  thrust  (number  of  engines)  is  seen  in  terms 
of  increased  climb  tme  from  200  to  2,000  ft  and,  in  addition,  increased  climb 
range . The  orbiter  therefore  requires  more  fuel  for  climb  as  well  as  increased 
fuel  to  cruiseback  to  the  initial  outer  marker  point.  ^ ^ 


It  should  be  considered  also  that  the  term  "design"  airbreather  weight  reflects 
the  recommended  approach  to  airbreather  fuel  requirements . Only  when  a change 
in  either  the  orbiter  inert  weight  (payload  fixed)  or  the  airbreather  design 
mission  requirement  occurs  should  the  data,  in  Fig.  2.4-19  be  used.  In  the 
normal  operation  of  the  space  shuttle , the  orbiter  return  payloads,  and, 
therefore  return  weights,  as  well  as  the  operating  conditions  (altitudes  and 
ambient  temperatures),  can  be  expected  to  vary.  In  these  latter  circiunstances, 
the  proposed  method  would  simply  be  to  maintain  the  selected  airbreather  fuel 
and  vary  the  climb  and  cruiseback  altitxjde  commensurate  with  the  onboard  fuel. 


A significant  study  result  is  the  indication  that  over  the  range  of  conditions 
explored , go-around  can  be  achieved.  As  excess  thrust  goes  to  zero  during 
climbout , the  fuel  requirement  increases  to  infinity.  The  four  airbreather 
configuration  indicates  that  such  a situation  is  beginning  to  occur.  ' Such  is 
not  the  case  for  the  five  and  six  engine  arrangements,  nor  from  the  somewhat 
gentle  variations  in  fuel  requirements  in  Fig.  2.4-19  is  there  any  indication 
that  zero  excess  thrust  is  being  approached.  Therefore,  it  is  felt  that  the 
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determining  logic  for  airbreather  fuel  requirement  is  rational  and  sufficient 
for  satisfactory  orbiter  operations,  when  five  or  more  alrbreathers  are  used. 

Of  particular  concern  to  any  reusable  system  is  the  airbreather  system  weight. 
Such  data  are  reviewed  in  Fig.  2.4  ~20  in  which  estimated  engine  weight  (in- 
stalled) is  stimmed  with  the  total  JP  fuel  required  for  the  terminal  airbreather 
profile.  For  the  P&W  system,  the  four-engine  system  can  be  discarded  from 
further  consideration  due  to  the  excessive  fuel -requirement . This  is  not  the 
case  for  the  four-engine  GE  system,  where  due  to  the  higher  thnst  per  engine, 
the  fuel  required  remains  a reasonable  quantity.  In  teims  of  comparison  be- 
tween the  P&W  and  GE  engines,  with  the  exception  of  the  four-engine  configura- 
tions, the  weights  are  within  1,000  lb  of  each  other.  Due  consideratioh, 
however,  must  be  given  tc  the  larger  size  of  the  GE  system  and  its  integra- 
tion into  the  stage-and-one-half  orbiter,  an  unmeasurable  performance  quantity. 

The  last  performance  considerations  given  to  the  selection  of  the  airbreather 
system  are  the  airport  requirements  directed  primarily  toward  climb  capability. 
Such  is  the  case  for  the  FAA  transport  ■'category  airplanes  which  serve  in  this 
study  not  so  much  as  design  requirements  for  reusable  systems  but  as  reference 
points  for  performance  comparison.  In  FAR  Part  25,  specific  climb  gradients 
must  be  achievable  and  demonstrated  over  the  range  of  weights , altitudes , and 
ambient  temperatures  within  the  operational  limits  established  for  the  airplane. 
With  this  in  mind,  a study  has  been  accomplished  which  explores  the  consider- 
ations related  to  climb  gradient  capability.  For  a demonstration  weight  com- 
mensurate with  the  selected  55-deg  mission  (333,000  lb),  demonstration  alti- 
tude capability  is  shown  for  the  FAA  requirements  specified  in  landing  configur- 
ation (gear  down,  all  engines  operating)  and  approach  (gear  up,  one  engine  out) 
in  Figs.  2.4  -21  and  2.4-22,  respectively.  Superimposed  on  the  figures  are 
the  altitudes  and  maximum  excursions  in  temperature  correspoEiding  to  Anderson, 
Bergstrom,  Hickham,  and  KSC  lo ca t ions . Since  maximum  excursions  are  used,' 
five-engine  arrangements  appear  adequate  for  nominal  operations  when  the 
orbiter  is  in  the  landing  configuration  (all  engines  operating) . The  engine- 
out  approach  requirement  (Fig,  2.4  -22)  indicates  too  marginal  a capability 
for  the  five-engine  (one  out)  cluster.  As  an  additional  factor  for  consideration 
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level-flight  capability  for  engine-out  operations  is  shown  in  Pig.  2.4-23. 
Included,  in  addition  to  the  airport  condition,  is  the  NASA  10,000-ft  engine- 
out  condition.  Whether  this  particular  reference  point  is  intended  as  a re- 
quirement for  nominal  mission  operations  or  for  ferry  only,  it  is  clear  that 
for  the  stage-and-on’-dialf  orbiter  a six-engine  arrangement  is  required. 

From  the  considerations  reviewed,  it  appears  that  both  the  P&W  and  the  GE  en- 
gines can  be  accommodated  in  the  stage-and-one-half  orbiter.  At  present,  six 
airbreathers  of  either  system  meet  go-around  FAA,  gradient  requirements,  and 
engine-out  level-flight  requirements.  Since  the  wei^t  penalty  for  a six- 
engine  configuration  is  only  l800  lb  more  than  for  o.  five-engine  cluster,  it  is 
felt  that  adherence  to  the  PAA  climb  gradient  requirements  is  an  acceptable 
feature  to  incorporate  into  the  stage -and-one-half  design.  The  P&W  system  has 
to  its  advantage  800  lbs  less  wei^t  and  a smaller  envelope  volum.e.  The  GE 
system  shows  superior  performance  both  in  thrust  and  specific  fuel  consumption 
and  ■ could  be  acceptable  in  a five  engine  cluster  depending  on  the  importance 
NASA  places  on  engine-out  performance  of  an  orbit  returning  vehicle. 


The  representative  airbreather  terminal  profile  using  six  P8W  JTF22A- 4 engines 
is  reviewed  in  Pig.  2.4-24.  Total  airbreather  time  from  40,000  ft  through  go- 
around  and  touchdown  is  1052  sec.  It  should  be  noted  that  this  airbreather 
time  is  added  to  the  orbiter  time  from  400,000  ft  to  40,000  ft  for  the  purposes 
of  determining  thermal  protection  system  (TPS)  weight. 
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*NOTEi  SCALE  CHANGE 
FOR  ALTITUDE 


Fig.  2.4-23  Stage-and-One-Half  Tievel  Flight  Ceiling  - Cruise 
Configuration 
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Fig.  2.k-2h  (a)  Stage-and-One-Half  Orbiter  - Terminal  Airbreather  Profile 
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Fig.  2.4-24  (b)  Stage-ahd-One-Half  Orbiter  - Terminal  Airbreather  Profile  (Cont'd) 
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2,4.5  Reentry  Trajectory 

A nominal  reentry  trajectory  was  determined  for  use  in  establishing  the  thermal 
protection  system  (TPS)  for  the  stage-and-one-half  vehicle.  Variations  from 
this  nominal  were  then  used  to  develop  a representative  footprint.  The  principal 
criterion  in  the  trajectory  design  was  to  obtain  a crossrange  capability  of 
approximately  1100  nm,  while  satisfying  surface  temperature  constraints  and 
achieving  conditions  for  minimal  TPS  weight.  The  primary  trajectory  variable 
affecting  TPS  weight  is  reentry  time,  so  the  design  objective,  in  a broad  sense, 
is  to  obtain  a minimum-time  trajectory  that  does  not  exceed  temperature  limits 
and  results  in  a reasonable  environment  of  dynamic  pressure  and  deceleration. 
Additional  conditions  and  assumptions  in  the  trajectory  selection  were  as 
follows ; 


• Return  from  270  nm  orbit  inclined  at  55  deg 

• Deboost  from  orbit  by  in-plane,  horizontal  retro  thrust 

• Control  downrange  by  location  of  deboost  point 

i ■ " ^ Have  termlneil  point  near  28  deg  latitude 

The  initial  entry  flight  path  angle  Y , which  is  a function  of  the  retro 
^ V,  is  directed  by  the  values  of  angle-of -attack,  a » and  bank  angle, 

X selected  and  maintained  during  pullup.  A larger  deboost  Av  gives  rise 
to  a steeper  (larger  negative)  Yand  a smaller  entry  velocity,  A steep 
entry  angle  can  result  in  penetration  of  a given  temperature  boundary  while 
too  shallow  an  entry  can  result  in  a longer  reentry  time  and  greater  total 
heating.  Following  pullup,  trajectory  control  is  maintained  by  the  a ,X 
history  selected.  It  is  assumed  that  these  can  be  controlled  to  desired  values 
with  sideslip  angle  maintained  zero.  The  following  subsections  describe  in 
greater  detail  the  factors  affecting  selection  of  the  reentry  control  parameters 
Tf  O , and  X and  present  the  characteristics  of  the  reentry  trajectory 
and  the  associated  footprint  that  were  obtained. 
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2.4«5*1  Control  Parameter  Hlat’ory,  Reentry  trajectory  variables  which  are 
of  greatest  significance  to  minimization  of  TPS  weight  (i.e,,  Tnlnlmiiyn  insulation 
thickness)  are  total  surface  heat  and  reentry  time.  Experience  gained  on 
lifting  reentry  analyses  has  indicated  that  for  minimal  TPS  weight,  the  entry- 
vehicle  must  be  flown  on  or  near  the  temperature  constraint  boundary  over  a 
major  portion  of  the  time.  The  temperature  constraint  boundary  is  specified 
in  terms  of  altitude,  velocity,  and  angle-of-at-tack.  It  represents  the 
minimum  altitude  envelope  of  maximum  temperatxire  on  the  lower  surface  (2300°F), 
fin  leading  edge  (2300°F)  , and  nose  cap  (2800®F)  . The  temperatiire  bovindary, 
therefpre,  is  used  to  prescribe  pullup  conditions  to  be  satisfied  the  initial 
values  of  entry  flight  path  angle,  angle-of-at-tack,  and  bank  angle. 


To  obtain  maximum  vertical  lift  until  pullup  at  the  temperature  boundary,  the 
bank  angle  initially  is  held  at  zero,  wings  level.  The  pullup  point  is  defined 
here  by  a flight  path  angle  of  about  -0.07  deg  and  values  of  altitude  and 
velocity  which  lie  on  the  temperature  boundary  curve  corresponding  to  the  angle- 
of -attack  selected.  Since  previous  analyses  have  also  shown  that  it  is  effective 
to  maintain  a constant  from  entry  to  pullup  and  during  the  period  on  the  temperature 
bovtndary,  it  follows  that  specification  of  an  initial  a and  the  pullup  conditions 
then  determine?  uniquely,  an  entry  -value  for  f . Thus,  the  critical  factor  in  the 
trajectory  design  becomes  the  selection  of  the  initial  d 


A high  angle-of-attack  results  in  high  dragj  hence,  shorter  entry  times,  lower 
total  heating  and  consequently  lower  TPS  wei ghts . However,  a high  angle-of-at-tack 


is  adverse  to  achievement  of  high  crossrange  (downrange  control  is  maintained 
by  choice  of  retro  point,  Uhich  does  not  affect  total  heat  or  reentry  time) . 


Crossrange  is  maximized  by  requiring  lower  an^es-of-attack,  approaching  the 


maximum  L/D  condition,  and  longer  reentry  times.  Thus,  the  a chosen  is  a 


compromise  between  a high  -value  (near  maximum  lift)  for  shorter  flight  time  and  a 
lower  -value  (near  maximum  L/D)  for  greater  crossrange.  For  the  stage-and-one-half 


vehicle,  an  Cl  of  35  deg  and  a corresponding  entry  of  -1.7  deg  were  determined 
as  best  satisfying  the  needed  compromise  for  crossrange  and  time. 
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Flight  along  the  temperature  boundary  is  maintained  by  modulating  bank  angle, 
starting  from  a value  of  approximately  90  deg,  At  some  point,  the  crossrange 
effectiveness  of  this  guidance  mode  deteriorates,  and  it  becomes  more  effective 
to  reduce  to  near  the  maximum  L/D  condition  and  fly  above  the  temperature  boun- 
dary. Thus,  at  a cutoff  point  corresponding  to  a velocity  of  l6,000  ft/sec,  a 
is  gradually  lowered  while  following  a constant  flight  path  angle  mode,  with 
again  a modulated  x*  This  mode  provides  a smooth  fli^t  path  while  also  reduc- 
ing x>  and  it  is  followed  until  X reaches  a value  of  the  order  of  30  deg  and  a 
is  reduced  to  about  25  deg.  The  next  mode  entered  is  one  of  constant  a while 
reducing  x further  to  20  deg.  This  mode  is  terminated  when  a heading  change 
(relative  azimuth)  of  about  ll8  deg  is  obtained.  At  this  point,  the  ma^jor 
turning  of  the  trajectory  has  been  achieved  and  the  remaining  guidance  modes 
are  toward  additional  reductions  in  x and  a.  Thus,  a constant  flight  path  angle 
mode  is  followed  next,  with  a reduce  l to  10  deg  and  terminating  when  x is  also 
10  deg.  The  final  mode  is  with  a and  x constant  at  10  deg.  This  mode  contin- 
ues until  an  altitude  of  20,000  ft  is  reached,  at  which  point  the  trajectory 
computation  is  terminated. 

The  low  O'  during  the  final  portion  of  the  trajectory  is  introduced  mainly  to 
insure  avoidance  of  aerodynamic  stability  problems . Thus,  the  reentry  trajec- 
tory may  be  characterized  as  consisting  of  essentially  three  a modes:  (l)  a 

relatively  high  a to  avoid  long  flight  times  (cv  = 35  deg),  (2)  a value  near 
maximum  L/D  (a  = 25  deg)  for  maximizing  crossrange,  and  (3)  a low  value 
for  stability  considerations  (a  = 10  deg) . It  is  noted  that  the  last  mode  is 
mainly  a conservative  maneuver  and  it  is  entirely  possible  to  fly  a =15  deg 
to  the  terminal  point  without  crossrange  degradation. 
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2.4. 5.2  Motn^T^ft1  Reentry  Trajectory  Characteristics.  Trajectory  data  are 
presented  in  Si.gs.  2.4  ~25  to  2.4  -32'*  Fig.  2.4  "25  shows  the  altitude- 
velocity  history  and  also  the  histories  of  a and  X . Superimposed  on  the 
plot  are  the  temperature  boundary  curve  and  also,  for  comparison,  curves 
depicting  a 300  psf  dynamic  pressure  reference  and  a 3 g load  factor  referenced 
at  O = 25  deg.  The  remaining  figures  are  time  histories  of  the  various 
trajectory  variables.  Fig.  2.4  -26  presents  altitude,  velocity,  dynamic 
pressure,  crossrange,  and  downrange.  In  Fig.  2.4  -27  srs  shown  angle 
parameters:  flight  path  angle,  bank  angle,  angle— of -attack,  and  heading  change 
(changs  in  azipiuth  relative  to  initial  value) • Axial,  normal,  and  total  load 
factors  (deceleration  levels  in  g*s)  is  shown  in  Fig.  2.4-28.  Lift 
coefficient,  L/D,  and  energy  ratio  (square  of  ratio  of  velocity  to  initial 
velcicity)  are  given  in  Hg,  2.4  -29.  Fig.  2.4  -30  presents  various 
heating  parEuneters:  liminar  stagnation  point  heat  rate,  and  its 

integral,  Qj^»  a 1 ft  radius  sphere,  and  heat  rate  Qgj,  and  its  integral  Qg^ 
on  a 1 ft  radius  cylinder,  assuming  a sweep  angle  of  78  deg  and  a local  angle 
of  attack  O • 

It  is  seen  that  the  trajectory  developed  a crossrange  of  1 ,233  nm,  with  a 
ri-bt  time  from  entry  of  1,847  sec.  The  time  from  retro  to  entry  is  1 ,900  sec, 
making  the  total  entry  time  3,747  sec.  While  the  resultant  crossrange  is  133  nm 
greater  than  required,  it  is  felt  that  the  slight  reduction  in  time  that  can 
be  accomplished  in  deriving  the  1 ,100  nm  trajectory  will  have  little  signifi- 
cance to  the  TPS  weight.  The  entry  environment  can  be  described  as  mild, 
since  during  the  total  profile  310  Ib/ft^  of  dynamic  pressure  and  total  load 
factors  of  1.3  are  not  exceeded. 
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Fig,  2,4-25  Stage-and-One-Half  Orbiter  H-Y  Profile 
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ANGLE  OF  ATTACK.  BANK  HISTORY 


Fig.  2.4-27  ’ Stage-and 


-One-Half  Orbiter  a , X , X History 
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LIFT  COEFF,  L/D.  ENERGY  RATIO 


Tine  (IIP  tcc) 

Fig.  a. 4-29  Stage-and-One-Half  Orbiter  Lift  Coefficient 
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2. 4. 5. 3 Reentry  Footprints.  Reentry  footprints  were  con5)uted  for  the  stage - 
and-one-half  vehicle  for  the  nominal  case  of  return  from  a 270  nm  rriiit  at  55 
deg  inclination,  and  for  returns  from  100  nm  polar  and  28.5  deg  inclined  or- 
bits. All  three  cases  utilized  an  identical  series  of  control  histories  to 
obtain  the  discrete  landing  points  which  defined  the  footprint  boundary.  These 
control  histories  were  systematic  modifications  of  the  nominal  one  described 
in  the  previous  section.  Two  groups  or  types  of  control  histories  were  devel- 
oped, one  associated  with  landing  uprange  from  the  reference  landing  point  of 
the  trajectory  having  the  nominal  control  history,  and  one  associated  with 
landing  downrange  of  the  reference  point . Each  of  these  groups  had  subcases 
corresponding  to  banking  left  or  banMng  ri^^  after  pullup,  corresponding  to 
landing  approximately  northwest  or  southeast,  respectively,  of  the  orbit  track. 

For  each  footprint,  the  geographic  coordinates  of  the  entry  point  were  the 
same  for  all  members  of  the  family  of  trajectories  defining  the  footprint . The 
entry  point  longitude  was  such  that  a landing  at  the  longitude  of  KSC  was 
achieved  with  the  nominal  control  history.  Likewise,  the  entry  point  latitude, 
for  the  polar  and  55  deg  orbits,  obtained  landing  latitudes  near  28  deg  for  the 
nominal  cases.  The  entry  point  locations  are  shown  below: 

Orbit  Entry  Location 


Altitude 

Inclination 

Latitude 

Location 

(nm) 

(deg) 

(deg) 

(deg) 

270 

- 4.9 

- 137. 

100 

90 

- 98. 

100 

28.5 

0 

- 140.2 

The  control  histories  for  the  three  types  of  entry  trajectories  (nominal,  up- 
range family  > and  downrange  family)  are  summarized  in  Table  2.4-7.  Each  his- 
tory is  divided  into  a series  of  control  phases,  and  for  each  phase  the  re- 
quired values  of  angle-of -attack,  a,  and  bank  angle,  x,  wre  shown.  The  x val- 
ues are  specified  either  directly,  or  indirectly,  as  the  value  required  to 
achieve  a given  condition;  e.g.,  flight  along  the  temperature  boundary  or 
maintaining  a constant  fli^t  path  angle.  The  third  parameter  shown  is  the 

2.4.5-11  


LMSC-A989ll^2 
Vol  II 


end  condition  which  terminates  the  particular  phase.  In  the  case  of  the  up- 
range  family  of  trajectories,  the  only  parameter  varied  between  trajectories 
was  the  value  of  entry  a;  increasing  or  decreased  range.  For  the  downrange 
family,  the  only  parameter  varied  was  the  bank  angle  value  x>  which  was  used 
for  terminating  the  second  control  phase,  and  as  the  value  for  the  constant 
bank  angle  held  during  the  third  and  fourth  phases:  decreasing  x increased 

range . 


The  initial  phases  of  the  nominal  and  uprange  types  were  similar  in  that  both 
required  pullup  at  the  temperature  boundary  at  a y 0^“  about  -O.O7  , followed 
by  fli^t  along  the  temperature  boundary  \intii  the  velocity  was  reduced  to 
16,000  fps.  The  third  phases  for  these  types  were  also  similar,  with  o modu- 
lated to  25  deg  and  x controlling  a constant  y*  downrange  type  also  re- 

quired initial  pullup  at  the  temperature  boundary , but  with  y = 0 . The  next 
downrange  phase  then  consisted  of  level  fli^t,  above  the  temperature  boundary, 
until  X was  reduced  to  a specified  value  (the  parameter  for  this  family) . Beth 
the  uprange  and  downrange  families  had  final  a's  of  25  deg,  ^rtiereas  the  nomin- 
al  had  ot  reduced  to  10  deg  at  the  end. 

For  all  three  types,  the  initial  control  phase  had  ot  maintained  at  a constant 
value , O'  , from  entry  until  pullup,  with  bank  angle  held  zero.  In  the  case  of 
the  uprange  trajectories,  varying  oi^  to  decrease  range  required  corresponding 
changes  in  the  entry^^^m  in  order  that-  the  pullup  conditions 

would  be  satisfied . This  is  illustrated  in  Fig . 2 .4-31  vkich  shows  curves  of 
altitude  versus  velocity  for  various  o's  which  satisfy  the  temperature  boundary 
Superimposed  on  these  curves  is  a carpet  plot  of  altitude  versus  velocity  at 
pullup  for  various  and  y^  for  the  270  nm,  55  deg  inclination  orbit.  It  is 
seen  that  increasing  requires  generally  greater  negative  y^,  with  pullup  oc- 
curring  at  Xower  aXtitudes  ajid  voXocities. 

Latitude-longitude  plots  df  the  reentry  footprints,  based  on  the  above  control 
histories,  are  shown  in  Fig.  2.4-32  to  2.4-33,  for  the  three  orbit  cases.  The 
footprints  are  defined  ‘hy  a boundary  cujrve  encircling  the  computed  landing 
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points.  Note  that  the  landing  point  as  here  defined  corresponds  to  the  termin- 
al point  in  the  trajectory  computation,  which  is  20,000  ft  altitude.  Superim- 
posed on  the  footprints  are  their  respective  orhit  traces;  these  are  referenced 
to  the  retro  time  of  the  nominal  control  history  trajectory.  The  footprint 
boundary  curves,  as  shown,  can  be  considered  as  approximations  to  the  limit 
curves  defining  the  maximum  downrange-crossrange  control  of  the  stage-and-one- 
half  vehicle.  Further  variations  in  the  control  histories  probably  could  pro- 
duce small  increases  in  the  footprint  size  or  shorter  entry  times. 

The  landing  points  for  the  uprange  and  downrange  type  trajectories  are  indicated 
on  the  figure  by  their  respective  values  of  and  are  interpo- 

lated contours  of  constant  flight  time  from  entry  to  landing.  These  illustrate 
the  correlation  of  entry  time  with  range;  however,  these  contours  are  probably 
conservative  with  respect  to  that  obtainable  with  a fully  optimized  descent. 

For  example,  the  nominal  control  history  cases  developed  generally  shorter  entry 
times  for  the  downrange  than  the  contours  indicate:  the  entry  times  for  the  100 

nm  orbit  rettirns  were  1750  and  2020  sec,  respectively,  for  the  polar  and  28.5 
deg  inclinations,  and  184?  sec  for  the  270  nm,  55  deg  inclination  case.  The 
latter  case  was  the  basis  of  the  TPS  analysis,  so  the  trajectories  having  fli^t 
times  shorter  than  it  will , in  general,  be  compatible  with  the  TPS  design.  Thus, 
the  downrange  trajectories,  which  have  larger  than  nominal  flight  times,  imply  a 
greater  heat  load  than  the  nominal  design  and  hence  the  requirement  for  a thicker 
insulation  and  therefore  greater  TPS  weight  than  the  nominal. 
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Table  2.4“7 

FOOTERIOT  C013TR0L  HISTORIES  K)R  STAGE -AHD^OHE -HALF  ORBITER 


Type  Phase 


Nominal 

Case 


35  - 25 

25  -♦  20 

20  -*15 
15  "*  10 


On  T.B. 
Constant  y 


Constant  y 


End  Condition 


T.B.  pullup, 
y = -0.07° 

V=  16,000  f^s 
X = 30 
H = 100° 

X = 10° 

V = subsonic 


a (Varied  from 
° 35°  to  55°  to 
decrease  range 


On  T .B. 
Constant  y 


Constant  y 


Constant  y 


T.B.  pullup, 

y = 0.-07°  r 
V = 16,000  fps 

X = subsonic 


T.B.  pullup, 

y =:o;  . 

X = X,-  (varied 
from  50  to 
0°  to  increase 
range) 

V = 16,000  fps 

w o 

H = 100 


subsonic 


Definitions: 


entry  angle-of-attacic  H 

fli^t  path  angle 

velocity 

heading  change  relative  to  orbit  plane 
temperature  boundary 
modulated  to 
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T'einperatUi‘6  Boundary  and  Pill, tup 

Constraints  on  Selection  of  Entry  Angle-of -Attack 
and  Flight  Path  Angle  for  Stage-and-One-Half  Oi-biter 
270  NM,  55  DEG 
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Fig.  2.4-31 
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Fig.  2.U-32 
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Fig.  2*4-33 

STAG£^^NP_-ONE-HALF  ORBI TER 

28.5  DEG  INCLINATION,  100  NM  ENTRY  FOOTPRINT 


□ NOMINAL  CONTROL  HISTORY 

O VARIABLE  ENTRY 

ANGLE-OF-ATTACK^  a 

# e 

• ENTRY  ANGLE-OF-ATTACK 
^ ot^  = 35  DEG,  VARIABLE 

, INTERMEDIATE  BANK  ANGLE  X. 
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2.4.6  System  Sensitivities 

Performance  and.  d.esign  sensitivities  for  the  stage— and.— one— half  system  are 
useful  for  design/cost  tradeoffs , for  evaluation  of  risk  in  program  develop- 
ment due  to  design  vuicertainties,  and  for  establishing  flight  performance 
requirements  and  guarantsss.  Two  types  of  sensitivities  are  presented  herein; 
variable  gross  liftoff  weight  (GLOW)  and  variable  payload.  The  variable  GIX)W 
sensitivities  assume  rubberized  (variable  size)  droptanks  and  fixed  payload 
and  orbiter  size.  This  type  of  sensitivity  is  useful  for  tradeoffs  early 
in  the  design  process  when  the  principal  features  of  the  orbiter  design  are 
already  established,  and  only  relatively  minor  modifications  are  made.  The 
droptank  design  is  allowed  to  change,  however.  For  the  second  type  of 
sensitivity,  variable  payload,  the  entire  vehicle  design  is  assumed  to  be 
fixed,  and  any  performance  or  weight  change  affects  the  payload  capability 
of  the  vehicle.  • . .This  type  of  sensitivity  may  be  used  to  compute  flight 
performance  reserves  or  changes  in  payload  capability  because  of  different 
mission  requirements. 

The  variable  GLOW  sensitivity  assumes  that  only  the  droptanks  are  rubberized, 
and  that  the  payload,  the  orbiter  airframe  size  and  propellant  loading,  and 
the  main  engine  ntunber  and  thrust  level  are  all  fixed.  Rubberizing  the  drop- 
tanks  is  accomplished  by  changing  the  diameter  of  the  tai&s , rather  than  their 
length , so  that  the  orbiter-droptank  attach  points  remain  fixed.  Rubberizing 
the  droptanks  changes  the  launch  weight,  and  thus  the  liftoff  thrust-to-weight 
ratio  (T/w)q,  since  the  thrust  is  fixed  at  530,000  lb  per  engine . 


As  (t/w)  is  reduced,  the, velocity  losses  to  achieve  orbit  injection  increase 
so  that  the  ideal  velocity  required  from; the  droptanks  must  also  increase . The 
ascent  trajectories  simulating  variations  in  (t/w)  were  all  constrained  to 
the  samp*  mfl-yimurti  j ofq  ( angle- of-attack  x dynamic  pressure)  value,  so'  that 
there  wp.1  be  no  change  in  structural  weight  of  the  orbiter  due  to  aq  changes 
Also,  since  the  weight  of  the  loaded  droptanks  decreases  in  the  same  proportion 
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as  (t/w)^  increases,  the  load  carried  by  the  thrust  structure  remains 
constant.  Therefore,  there  will  he  no  appreciable  change  in  the  orbiter 
struct\ire  due  to  changes  in  droptank  size,  when  the  niunber  and  thrust  level 
of  the  main  engines  are  held  constant . 


Table  2.4-8  shows  the  effect  of  weight  and  performance  changes  in  GLOW  and 
droptank  and  orbiter  dry  weight  for  the  resupp3;y  mission  with  ABES  in 
(55  deg  inclination  orbit,  50  x 100  nm  plus  I5OO  ft/sec) « Both  ascent  and 
return  cargo  are  fixed  at  25,000  lb.  This  mission  is  the  critical  mission 
for  the  Stage-and-One-Half  System. 

One  sensitivity  that  req;atres  additional  ciarifi cation  is  that  of  weight  of 
cargo  landed.  For  this  parameter,  it  is  assumed  that  the  jet  engine  size  and 
thrust  are  fixed,  but  that  jet  engine  propellant  increases  with  landing  weight 
to  maintain  go-around  requirements.  It  is  also  assumed  that  the  thermal 
protection  system  weight , landing  gear  and  associated  frames , and  entry  ACPS 
propellant  are  changed  as  the  weight  of  cargo  retiirned. changes.  However , the 
return  cargo  is  not  carried  through  any  impulsive  AV  burn.  Note  that  the 
sensitivity  of  orbiter  inert  to  retixrn  cargo  is  used  in  the  calculation  of  a 
variety  of  other  partials,  since  any  direct  inert  weight  added  to  the  orbiter 
requires  a secondary  increase  in  orbiter  inert  weight . For  example , if  one  ^ 
additional  pound  of  weight  is  required  for  the  .crew  cabin,  an  additional  0.136 
lb  of  weight  is  required  in  landing  gear,  heat  shield,  etc . For  a more  detailed 
discussion  of  these  sensitivities  and  how  to  use  them,  see  Section  3.3.7. 

The  variable  payload  sensitivities  for  a fixed  stage-and-one-half  system  are 
presented  for  the  resupply  mission  and  due  east  mission  in  Table  2.4  -9* 

These  sensitivities  assume  all  propellant  and  inert  weights  are  fixed,  as  well 
as  the  thrust  of  the  engines.!  The  only  weight’  which  varies  is  the  ascent 
payload.  The  effect  of  returning  this  payload  on  the  orbiter  dzy  weight  is 
not  accoiinted  for,  but  its  effect  on  ACPS  reentry  propellant  and  jet  engine 
fuel  (for  the  resupply  mission  only)  is  considered.  This  would  be  the  case 
for  a fixed  vehicle,  where  no  design  changes  in  the  vehicle  are  permitted,  but 
propellant  loadings  may  vary  from  mission  to  mission. 
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Table  2 •4*^ 

STAGE-AND-ONE-HALP  VARIABLE  LIFTOFF 


, , , , ■ ^ , . 

a (glow)  a (Proptank  Inert)  d (arbiter  Inert 
Parameter  a ( l4.ramet er7  3 i, Parameter ) a (Parametery 


Payload  (ib) 

(l)  Delivered  and 
retvirned 

26.4 

3.10 

0.175 

j 

(2)  Retiarned  only,  not 
carried  through 
any  AV  burn 

3.1 

0.31 

0.136 

J ■ 

On-Orbit  AV  (fps) 

536 

19*2 

0 

Ascent  AV  (fps) 

591 

21.1 

0 

Orbiter  Inejrt  Weight  (lb) 
(1)  Fo  secondary 
effect 

22.5 

2.24 

1.00 

(2)  With  secondary 
effect 

25.6 

2.61 

1.136 

Droptank  Inert  Weight 
(Ib) 

10.7 

1.37 

0 

il-  ^ 

1 : 

it  ,, 

Orbiter  Propellant  (lb) 
(1)  No  orbiter  tankage 
penalty 

-2.57 

-.27 

0 

(2)  Internal  tank 
penalty  only 

-1.22 

. ; -.136 

0.060 

i ■ ' ■ 

ii  ■ ' 

(3)  Airframe  enlarged 
and  intenial  tank 
penalty 

■K).35 

+0.02 

0.130 

! I- 

i . 
! 

Specific  Impulse,  Thrust 
Constant  (sec)  ' 

- 39,900 

- 1430 

0 

1 ! 

i.i"'  . ■ ■ 

it' 

i 

Total  Thmst,  Specific 
Impulse  Constant , (lb) 
(1)  No  engine  weight 
penalty 

- 0.610 

- 0.022 

0 

[1  ■ V ■/■■■  :■ 

ii  i:::  ’ 

(2)  Engine  weight 
penalty 

- 0.046 

- 0.0017 

0.025 

E i . . . , ■ 

*To  obtain  sensitivity  for  droptank  dry  weight,  multiply  entries 

in  this 

lb- 

!■  ; '.'V'  ■■■  . ' 

column  by  0.923* 
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Table  2.4  -9 

VARIABLE  PAJTLOAD  SENSITB/ITIES  - STAGE- AND- ONE-HALF 


(Payload) 

(Parameter) 


Parametex* 

Resupply  (ABES  In) 

East  ( ABES  Out ) 

On-orbit  AV  (fp&) 

- 23.1 

- 26.3 

Ascent  AV  (fps) 

- 28.0 

- 31*9 

Orbiter  Inert  Weight  (lb) 

-i'  : 

-1  ^ 

Droptank  Inei-t  Weight  (lb) 

- o.ii-57 

- 0.511 

Oid)iter  Propellant  (lb) 

0.170 

Droptank  Propellant  (lb) 

0.0464 

0.0757 

Specific  Impulse , Thrust  Constant  (sec) 

1890 

2125 

Total  Thrust, Specific  Impulse 
Constant  (lb) 

0.0282 

0.0326 

Thrust- to- Weight  Ratio  ( .1  unit 

10,700 

12,440 

2«4»6— ^ 
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2.4,7  Ferry  Capability 

2. 4. 7.1  Introduction.  Orbiter  ferry  capability  vas  explored  parametrically 
to  determine  the  feasibility  of  intracontinental  (U.S.)  ferry  flight  and  any 
possible  restrictions  or  conditions  limiting  that  capability.  Figure  2,4-35 
shows  a schematic  ferry  flight  profile  consisting  of  three  major  segments: 
takeoff,  ferry,  and  landing.  Each  segment  was  further  subdivided  into  seg- 
ments amenable  to  simple  analysis.  These  were. 

(1)  Takeoff 

(a)  Acceleration  at  takeoff  power 

(b)  Rotation  at  takeoff  power 

(c)  Liftoff  at  takeoff  power 

(d)  Takeoff  climb  at  takeoff  power 

(2)  Ferry 

(a)  Climb  at  takeoff  power 

(b)  Constant -altitude  cruise 

(c)  Descent  at  flight  idle  power 

(3)  Landing 

(a)  Flare 

(b)  Touchdown 

(c)  Derotation 
Free  roll 

(e)  Braking  to  full  stop 

2.4. 7. 2 Me+b^d  of  Calciilation.  All  segments  of  the  flight  profile  were 

computed  by  numerical  Integration  appropriate  differenti^  equ^ 

of  motion  for  each  segment. 

2. 4. 7. 3 Environment . Tbe  severest  conditions  occur  on  takeoff  and  climb, 
when  the  orbiter  is  at  maxitaum  weight.  The  highest  airport  elevation  to 
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Fig,  2.4-35 
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Big.  2,4-36  Subsonic  Trimmed  Aerodynamic  Characteristics 
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be  encountered  is  assumed  to  be  Holloman  APB  and  the  most  adverse  takeoff 
conditions  vorild  occur  on  a hot  day.  Three  atmosphere  models  were  used  in 
the  takeoff  and  climb  portions:  the  "standard  day>"  "tropical  day,'  and  hot 


2. 4, 7. A Vehicle  Characteristics:  Poverplant  and  Aerodynamics ♦_  Turbofan 

engines  were  assumed  for  the  ferry  mission,  using  manufacturer's  data  for 
thrust  levels  and  specific  fuel  consumption.  Thrust  lapse  rates  due  to  alti- 
tude and  temperature  were  incorporated  along  with  a 3 percent  reduction  in 
net  thrust  due  to  expected  duct  losses  in  the  engine  installations.  Specific 
fuel  constunption  was  increased  by  3 "to  ductlosses  and  by  a further 

2 percent  for  decreased  engine  performance  between  overhauls . 

Orbiter  aerodynamic  characteristics  are  shown  in  Fig.  4.2-36  and  are  assumed 
to  be  independent  of  Mach  number. 

2 . h . 7 . 5 TV»>eof f . Balanced  field  length  were  determined  for  Holloman  APB 
(409i|-  ft  above  sea  level  and  with  a runway  length  .of  12,228  ft)  for  a range 
of  takeoff  weights,  number  of  airbreather  (turbofan)  engines,  and  ambient 
tempera  cures . Power  levels  were  assumed  to  be  set  at  takeoff  levels  and  one 
engine  was  assumed  to  become  inoperative  at  a speed  where  the  distance  be- 
tween the  point  of  engine  loss  and  a point  50  above  the  end  of  the  runway 
equaled  the  braking  distance  to  bring  the  vehicle  to  a halt  at  the  end  of  the 
runway.  Pigi.rres  2.1»-37  through  2.k-kl  show  the  effect  of  weight,  number  of 
engines , and  ambient  temperatures  on  balanced  field  length  for  an  altitude 
409A  ft  above  sea  level. 

A six-engine  configuration'  (five  operative  after  the  critical  engine- loss 
point)  with  a 360,000  lb  takeoff  wei^t  requires  12,000  ft  of  balanced  field 
length  (Fig-  2.4-3'7)  even  on  a "standard  day"  with  an  ambient  temperature  of 

'*ICA0  Standard  Atmosphere  (HAGA  TN3182)  „ 

**MIL-STD-210A,  "Military  Standard  Climatic  Extremes  for  Military  Equipment 

30  Nov  1958. 

2. It-. 7-4 


LOCKHEED  MISSILES  & SPACE  COMPANY 


IMSC-A989li<-2 
Vol  II 


it-4.4°F,  and  on  a 9^°F  day  (the  upper  limit  of  the  maximum  temperature  range 
at  Holloman)  the  takoff  wei^t  is  decreased  to  293^000  lb. 

Seven  engines  (six  operative  at  takeoff)  improve  takeoff  weight  on  "standard" 
and  "tropical"  days  with  balanced  field  lengths  of  9,100  and  11,500  ft, 
respectively,  for  a 360,000  lb  configuration,  but  are  not  sufficient  for  "hot 
day"  takeoff.  Figure  2.4-43  shows  the  limitation  of  takeoff  weight  due  to 
ambient  temperature  for  a 7-engine  360,000  lb  vehicle,  with  an  upper  limit 
of  82°F  for  a balanced  field  length  of  12,200  ft.  At  ambient  temperatures 
above  82°F,  the  maximum  takeoff  weight  decreases  to  3^8,800  lb  at  9^°F  and 
3^2,000  lb  at  100°F.  ^ ^ ^ ^ 

Eight  engines  (seven  operative  at  takeoff)  on  a 360,000  lb  vehicle  give  enough 
thrust  to  provide  a balanced  field  length  of  10,900  ft  even  at  an  ambient  tem- 
perature of  100°F  (Fig.  2.4-44). 

2. 4. 7. 6 Climb  Gradients . Steady- state  (zero  acceleration) , engine-out  climb 
gradients  were  calculated  for  6 and  7 engines  operative  (corresponding  to  7- 
and  8- engine  vehicles)  for  a range  of  takeoff  weights,  takeoff  conditions, 
ambient  temperatures , and  altitudes  (i.e.,  airport  elevations) . 

Takeoff  flnd  climb  speeds  were  based  on  FAR**"  requirements  for  turbojet  airplane 
and  the  computed  climb  gradients  compared  to  the  minimum  allomble  for  each 
condition  of  takeoff:  takeoff  with  landing  gear  down  at  I.I5  Vg;  takeoff  with 
landing  gear  up  at  1.15  Vg  and  final  takeoff  in  the  enroute  configuration  at 
1.25  V„  where  is  the  stall  speed.  Plots  of  climb  gradient  vs  air  temper- 
ature  are  presented  in  Figs.  2.4-45  through  2.4-,62.  At  the  heaviest  takeoff 
weight  considered,  there  is  no  difficulty  in  meeting  climb-gradient  require- 
ments on  a "standard  day"  for  either  6 or  7 engines  operative  at  any  airfield 
altitude  on  the  list  of  selected  potential  airports.  However,  on  "tropical" 
or  "hot  days " at  the  higher  airfield  elevations,  it  is  not  possible  to  satisfy 

^Federal  Aviation  Regulations,  Federal  Aviation  Agency,  ibirt  25 
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Fig.  2.4-47  Climb  Gradients 
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Fig.  2.4-50  Climb  Gradients 
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Fig.  2,4-56  Climb  Gradients 


2.4.7-17 

LOCKHEED  MISSILES  8t  SPACE  COMPANY 


CLi^riAS  c« 


if£>  00  70  &o  : :,:  Ks> 

FIG.  2.4-57  ^«40M*^«"5 


i 


LMSC-A989142 
Vol  II 


A((i 

Pig.  2.4-59  Climb  Gradients 


V' 

LOCKHEED  MISSILES  ft  S 


4-t> 

Affl 

^ 2. 


LMSC-A989142 
Vol  II 


/liL  'rtnAMO^tom  C^r) 

FIG.  2.4-62  Climb 


W' 


2.4.7-21 


■ ^ ■ ,l ' ■’  r 

LOCKHEED  MISSILES  & SPACE  COMPANY 


U(SC>A989142 
Vol  II 


IMSC-A98911^2 
Vol  II 


€ 

the  climb- gradient  requirements  for  the  heavier  takeoff  weights,  althoiagh 

all  elirab-gradients  computed  were  positive.  ; 

, j 

' ■! 

PAR  climb- gradient  requirements  for  one  engine  inoperative  are:  ! 

• Takeoff;  landing  gear  attended:  0.5?t  (minimiMti)  I 

• Takeoff;  landing  gear  retracted:  3*0^  (minimum) 

• Final  takeoff;  enroute  configuration;  1*75^  (minimvun) 

2. 4 .-Tt?  Ferry  Range.  The  ferry  portion  of  the  flight  profile  consists  of 
a climb  to  cruise  altitude,  constant-altitude  cruise  between  17,000  and 
18,500  ft,  and  a descent  at  flight  idle  power.  Figure  2.4-63  shows  ferry 
range  for  takeoff  weights  between  290,000  lb  and  360,000  lb,  and  landing 
weights  between  280,000  lb  and  310,000  lb;  the  orbit er  is  assumed  to  be  fly- 
ing at  maximum  L/D  for  the  particular  aerodynamic  characteristics  selected. 

Total  ferry  fuel  is  the  difference  between  takeoff  and  landing  weight  with 
7,000  lb  allotted  for  descent  and  landing  reserve  and  further  reduction  by 
the  fuel  constuned  in  20  minutes  of  flight  idle  on  the  ground  and  one  minute 
of  full  thrust  for  takeoff. 

Figure  2.4-64  shows  the  effect  of  increased  L/D  on  range,  for  two  engine  types 
and  two  fuel  loads.  Increasing  the  number  of  engines  from  6 to  7 results  in 
a range  increase  of  only  about  10  nautical  miles,  but  an  increase  in  l/D 
provides  nearly  proportional  increases  in  ferry  range. 

2. 4. 7. 8 Landing . The  landing  segment  consists  of  a flare,  touchdown,  de- 
rotation,  nose-wheel  touchdown,  free  roll,  and  braking  to  a stop,  computed 
from  groundrules  and  criteria  commensurate  with  commercial  airframe  practice. 

Figure  2.ij,=-65  shows  the  total  landing  distance  from  a 50  ft  altitude  to  a 
full  stop  foi  1 nnd-i  ng  weights  between  280,000  lb  and  330,000  lb.  On  the  right- 
hand  ordinate  are  two  additional  scales:  the  FAR'  field  lengths  for  primary 
and  alternate  airports,  computed  by  dividing  the  computed  landing  distance  by 
0.6  for  primary  and  0.7  for  alternate  airports. 
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2. 4. 7.9  Conclusions ♦ The  data  show  that  a six- engine,  360,000  lb  takeoff - 
weight  orbiter  can  take  off  on  a standard  day  from  any  anticipated  airfield 
and  can  maintain  satisfactory  positive  climb  gradients  for  the  same  conditions. 
As  ambient  temperatures  increase  above  ’’standard  day”  values,  takeoff  weights 
at  high  elevations  become  critical  as  shown  in  Fig.  2.4-42  where  a reduction 
in  takeoff  weight  must  be  made  to  satisfy  balanced  field  length  requirements. 

Hie  ferry  range  for  a six-engine,  360,000  lb  takeoff- weight  orbiter  is  270  nm 
for  a "standard  day."  It  may  be  concluded  that  no  strap-on  engines  are  re- 
quired for  standard  day  operations . 
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2.4.8  Performance  Dispersions 

All  performance  for  the  stage-and-one-half  vehicle  reflects  the  use  of  a 
l^percent  velocity  reseive.  lliis  390  ft/sec  velocity  reserve  was  included, 
in  the  ascent  velocity  requirements  to  provide  3-sigma  dispersion  correctional 
capability. 

To  validate  this  velocity  reserve,  a preliminary  performance  dispersion  study 
was  conducted  aromd  the  nominal  ascent  to  55  deg,  50  x 100  nm  orbit.  The 
dispersed  trajectories  were  simulated  with  the  PRESTO  computer  program.  Con- 
sequently, these  trajectories  did  not  account  for  any  magnification  of  the 
effects  of  the  errors  due  to  imperfect  guidance . All  perturbed  ascejnt  tra- 
jectories represented  the  optimum  ascent  trajectory  corresponding  to  the 
particular  error  source  which  would  not  necessarily  be  true  in  reality.  The 
degree  of  achiement  in  attaining  the  optimum  trajectory  would  be  a character- 
istic of  the  particular  guidance  system  used  and  would  depend  on  the  guidance 
algorithms  incorporated  and  the  hardware  tolerances  and  sensitivities  used  to 
implement  the  scheme.  The  same  would  be  true  of  the  navigation  system  on 
which  guidance  depends  for  state  estimation. 

While  the  guidance  contribution  to  the  individual  velocity  penalties  asso- 
ciated with  all  errors  was  not  included,  its  individual  velocity  penalty  was 

Gonsldefed.  This  estimate  was  taken  from  a previous  study*  in 

guidance  and  control  equations  were  taken  from  those  used  successfully  in  the 
Poseidon  and  Agena  inertial  guidance  systems.  For  the  study,  wind  was  used 
as  the  perturbing  element  to  demonstrate  the  guidance  system  capability  to  re- 
establish nominal  injection  conditions.  The  resulting  additional  velocity 
required  for  nominal  injection  consisted  of  the  effect  of  the  wind  and  the  , 
respohse  of  the  guidance  system  to  this  dispersion.  k 


*IMSC-A955317A,  "Space  Shuttle  Data,  Volvime  VI,  Performance  and  Plight 
Mechanics",  12  Sept  19^9 • 

' 2.4.8-1 


LOCKHEED  MISSILES  & SPACE  COMPANY  ^ 


mSC-A9891*^2 
Vol  II 

The  optimum  ascent  trajectory  with  wind  hut  without  guidance  sim\.ilation  was 
generated  to  find  the  wind  effect  only.  This  additional  velocity  was  sub- 
tracted from  the  additional  velocity  requirement  with  wind  and  guidance  to 
yield  the  effect  of  guidance  alone. 

For  this  dispersion  study,  the  guidance  and  control  requirements  was  treated 
as  an  error  in  that  the  velocity  contribution  was  root- sum- squared  with  the 
other  error  sources  . Thus  any  coupling  of  the  guidance  and  an  actual  error 
was  disregarded.  Actually  some  coupling  should  exist;  however,  it  would  differ 
depending  on  the  error  source.  Bie  ability  of  the  guidance  to  correct  for 
winds  while  keeping  velocity  losses  low  should  be  very  demanding  due  to  the 
randomness  of  this  error  source.  Consequently,  the  velocity  requirement  due 
to  guidance  response  found  using  winds  should  be  about  the  largest  require- 
ment associated  with  any  dispersion.  For  this  preliminary  study,  treatment 
of  the  guidance  response  as  an  error  acts  as  a good  first  approximation  to 
a detailed  closed-loop  guidance  simulation  dispersion  analysis. 

The  tolerances  which  were  used  for  the  various  error  sources  were  based  upon 
engineering  judgement . Exceptions  to  this  were  the  propiuLsion  tolerances  of 
10,000  lb  thrust  and  3 sec  specific  impulse  per  engine,  which  were  design 
specifications. 

Tolerances  associated  with  error  sources  involving  hardware  items  can  be 
classified  into  three  categories:  (l)  Batch,  (2)  Maiden  Tag,  and  (S)  Service 
'Tag : tolerances . ' : 

Batch  tolerances  are  used  to  represent  variations  associated  with  the  whole 
class  of  Space  Shuttle  vehicles.  These  tolerances  define  a 3-sigma  performance 
reserve  which  has  the  ability  to  correct  errors  affecting  performance  9,97^ 
times  out  of  10,000.  Using  the  performance  reserve  allows  the  performance 
to  be  defined  for  the  whole  shuttle  class  and  represents  the  performance  of 

; 2'.-4.s-2 
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the  worst  shuttle  in  the  class  and  in  the  worst  environment.  Because  Batch 
tolerances  apply  to  the  whole  group,  they  consequently  possess  the  greatest 
magnitudes  of  the  three  categories. 

Maident  Thg  tolerances  apply  to  a specific  shuttle  vehicle  prior  to  and  short- 
ly after  its  placement  into  service.  Some  of  these  tolerances  are  signifi- 
cantly smaller  than  the  corresponding  hatch  tolerances  and  are  generally 
associated  with  the  hardware  items.  One  further  subdivision  may  he  made, 
that  of  reusable  and  expendable  tolerances. 

For  the  reusable  components,  tolerances  will  apply  to  the  specific  item  and 
will  reflect  essentially  the  uncertainty  in  the  measurements  and  the  time 
variance  which  is  different  from  the  ensemble  variance  used  for  the  batch 
tolerances.  For  example,  shrust  for  a given  engine  will  be  known  within 
the  noise  level  of  the  measurement  instruments . Deviations  occurring  from 
one  .sample  firing  to  the  next,  however,  will  be  uncertain  due  to  the  scarcity 

of  this  data. 

Tolerances  for  expendable  items  contained  in  the  Maiden  Thg  values  may  them- 
selves be  Batch  or  Tag  ( representing  the  specific  item)  values  depending 
upon  the  degree  of  effort  afforded  to  determine  and  incorporate  tag  values 
prior  to  each  flight.  For  exait®le,  detemiaing^^^^^^t^^^^ 

a droptaak  within  measurement  accuracy  and  incorporating  this  into  a new  re- 
serv6  niigti't  11013  be  ■wortli  l36ii6f  it  • 

■ Service  Tag  tolerances  are  a refinement  of  the  Maiden  Tag  Reusable  tolerances 
discussed  earlier.  • As  a shuttle  is  used,  tag  data  may  be  reduced  due  to 
improved  knowledge  of  the  operating  characteristics  of  a particular  shuttle 
furnished  from  post-flight  data.  Maiden  Tag  Expendable  tolerances  would  how- 
ever be  carried  over  to  Service  Tag  and  remain  unchanged. 
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Table  2.4-61  presents  the  results  of  the  dispersion  study  conducted  on  the 
stage-and- one-half . Error  sources  which  are  presented  are  grouped  into  six 
classes  characterized  by  some  commonality.  The  tolexances^  where  indicated^ 
represent  Batch  values,  while  the  algebraic  sign  represents  which  of  the  two 
possibilities  produces  a performance  loss.  The  tolerance  values  shown  would 
be  reduced  in  the  transition  from  Batch  to  Service  Tag.  Not  all  of  the  error 
sources  would  be  changed  from  Batch  to  Tag;  however,  those  contained  within 
the  vehicle  and  propulsion  characteristics  group  as  a rule  would,  be  changed. 

The  error  sources  given  in  Table  2.4-10  are  generally  self-descriptive;  however 
some  items  might  require  mention.  Pre-liftoff  propellant  pertains  to  the  var- 
iations in  propellant  (or  time)  between  ignition  of  the  motors  and  liftoff. 

The  PU  error  reflects  burning  propellant  at  off-nominal  mixture  ratio  and/or 
allowing  a residual  of  fuel  or  oxidizer  to  occur.  Launch  azimuth  accuracy 
applies  to  misalignment  of  the  initial  flight  plane  to  the  nominal  plane. 
Finally,  droptank  separation  time  reflects  cariying  the  droptanks  after  they 
are  empty  for  the  given  time  tolerance  and  includes  two  engines  at  half  power 
for  10  sec  plus  the  time  tolerance. 

The  Individual  values  of  AV  corresponding  to  each  error  source  were  obtained 
by  (l)  finding  the  additional  (above  nominal)  amount  of  propellant  required 
to  obtain  final  orbit,  and  (2)  multiplying  this  by  the  negative  partial  of 
velocity  to  burnout  weight,  which  was  0.04l  ft/sec/lb.  The  thirteen  error 
contributions  were  then  root- sum- squared  (RSS)  to  obtain  the  performance 
reserve . 

It  is  interesting  to  note  that  if  the  guidance  were  not  treated  as  a separate 
error  and  if  the  same  ratio  of  AV-without  to  AV-with  guidance  simulated  found 
f or  winds  (O.75)  were  applicable  to  all  errors,  then  the  RSS  value  would^^^^^^^^^^ 
approximately  equal  the  1 percent  nominal  velocity  used  for  performance . This 
however,  would  represent  a conseiTra,tive  estimate,  since  the  ratio  would 
constant,  and  some  of  the  twelve  error  contributions  are  unaffected  by  guid- 
ance, as  for  example,  the  propulsion  utilization  (HJ)  error. 
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2.5  SYSTEM  DESIGN 
2.5*1  LS  200-5  ^stem 

The  recommended  stage-snd-one-half  configuration  system,  presented  at  the  mid- 
term review  on  1 Dec  1970 > 'Was  designated  as  Model  LS  2CK3“5  * ®^'?-  design  lay~ 

out  work  documenting  the  physical  definition  of  this  arraBgement  is  shovioi  in 
the  following  drawings: 

1.  Launch  Vehicle 

Delta-Body  Stage-And-One-Half 

Model  LS  200-5 

SKS  100022(A)  - Pig.  2.5-1 

2.  General  Arrangement  ' 

Delta-Body  Stage-And-One-Half 

Model  LS  200-5 

SKS  100021  - Pig.  2.5-2 

3.  Structural  and  ELumhing  Arrangement,  Aft  Section 

LS  200-5  Stage-And-One-Half 

SKG  100110  (A)  (3  sheets)  - Fig.  2.5-3 

1)-.  Alternate  Nose  Section 

Delta-Body  Stage-And-One-Half 
Model  LS  200-5 
, SKS  100026  - Fig i 2.5- V” 

5,  ELumhing  System,  Main  Propulsion 
Delta-Body  Stage-And-One-Half 
Mo^i  :^s'.2oo^ 
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6.  Drop  Tank  Assembly 

Delta-Body  Stage-And-One-Half 

Model  LS  200-5 

SKT  100219  - Fig.  2.5-6 

7.  Separation  System  - Droptanks 

Delta-Body  Stage-And-One-Half 
Model  LS  200-5 

SKN  100303  - Fig.  2.5-7 


8 . Inboard  Profile  . 

Delta-Body  Stage-And-One-Half 
Model  LS  200-5 

SKS  100023  (3  sheets)  - Fig.  2.5-8 

9.  Passenger  Space  Allocation  12-Men  Arrangement 

Delta-Body  (SCyplcal) 

: \ Model:  LS:  200-5^^ 

SKT  100035  - Fig.  2.5-9 

The  launch  vehicle  concept  shown  in  drawing  SKS  100022-Rev . A (Fig.  2. 5~l) 
indicates  c,n  arrangement  with  an  overall:  length,  of  approximately  222  ft^ 
a span  of  approximately  92  ft ^ and  a width  (launch  attitude)  of  approximately 
36  ft.  The  locations  of  the  three -point  droptahk-to-orbiter  attachments  are 
shown,  as  well  as  the  locations  of  the  principal  system  center-of- gravity 
conditions  of  interest  with  respect  to  the  rocket  engine  and  drbptank  aft 
hinge  point  positions.  The  droptank  size  is  based  on  a 26  ft  diameter 
cylinder,  which  results  in  a set  of  tanks  approximately  190  ft  long. 

The  model  LS  200-5  Delta-Body  Orbit'er  with  a l46  ft  reference  length  (approx. 
15^  ft  overall)  Is  shown  in  the  general  arrangement  drawing  SKS  100021  (Fig. 
2,5-2).  The  arbiter  has  an  approximate  92  ft -span  and  stands  some  43  ft 
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high,  while  in  the  static  landing  attitude.  Principal  propellant  volumes 
and  aerodynamic  control  surface  areas  are  shown,  along  with  their  relative 
locations. 

Integration  of  the  principal,  systems  located  in  the  aft r section  of  the  orhi- 
ter  is  shown  in  drawing  SKG  100110  (Fig.  2.5-3).  The  relative  positions  of 
the  thrust  structure,  the  ascent  and  orbit  rocket  engine  systems,  the  drop- 
tank-  to-orbi  ter  aft  attachment  fittings,  the  main  rocket  engine  plumbing 
lines,  the  ascent  and  orbit  propellant  tankage  4nd  support  structure,  the 
jet  engine,  main  landing  gear,  and  lower  flap/ eleven  control  surface  stowage 
bays,  fin  spar  attachment  structure,  and  typical  heat  shield/alf frame  arrange- 
ment are  shown  with  respect  to  each  other. 

i • . : , ■ : ■ ' ;■  ■ ■■■■ 

Drawing  SKS  100026  (Fig.  2.5-4)  shows  a possible  alternate  concept  to  the 
drop  tank- to-orbi  ter  LOX  line  arrangement . A single  oxygen  line  is  indi- 
cated, requiring  a single  disconnect. 

Kie  candidate  concept  for  the  main  rocket  engine  System  pltmfting  arrangement 
is  shown  in  drawing  SKT  100218  (Fig.  2.5-5)  and  indicates  the  dual  droptank- 
to-orbiter  oxygen  lines  entering  the  spacecraft  at  the  nose  section.  The 
fluid,  vent,  and  pressurization  disconnects  located  in  the  aft  end  are  shown 
in  their  relative  locations  with  respect  to  the  droptank  attach  fitting  and 
the  orbit er  tankage  and  manifolding. 

A droptank  assembly  drawing  £KT  100219  (Fig.  2.5-6)  shows  the  dropable  tank 
arrangement  concept  for  the  Model  LS  200-5  stage-and-one-half  system.  It 
consists  of  two  tank  assemblies  interconnected  to  form  a single  system  ar- 
ranged in  a V-type  configuration.  The  design  details  are  similar  to  those 
described  f ot  the  droptanks  reported  in  the  fourth  letter  progress  and  status 
report  (l  Oct  to  1 Nov  1970)  except  as  follows: 
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• Hie  droptank  geometry  is  compatible  witb  the  Model  LS  200-5  orbiter. 

• The  droptank-to-orbiter  oxygen  lines  enter  the  orbiter  at  the  nose. 

• The  aft  attachment  fittings  reflect  the  separation  concept  of  tanks 
rotating  up  and  aft  with  respect  to  the  orbiter. 

•‘The  valve  disconnect  planes  are  perpendicular  to  the  separation  motion 

• The  polyurethane  insulation  is  essentially  removed  from  the  intertank 
structure , while  the  foam  insulation  thickness  arovind  the  hydrogen 
tank  has  been  increased.^ 

Drawing  SKN  100303  (Fig.  2-5-7)  illustrates  the  aft  separation  system  con- 
cept associated  with  the  droptank  arrangement  for  the  Model  LS  200-5*  ^fwo 
concepts  of  plumbing  line  separation  are  shown:  the  mechanical  separating 

valve  is  the  baseline  approach  and  an  ordinance-type  system , using  a pyro- 
technic device,  is  an  alternate  concept. 

An  inboard  profile  of  the  Model  LS  200-5  orbiter  system  is  shown  in  drawing 
SKS  100023  (Pig.  2.5-8). 

Space  allocation  for  a possible  12-man  arrangement,  in  which  all  the  pas- 
sengers are  located  in  the  nose  section  of  a typical  stage-and-one-half  or 
two- stage  orbiter,  is  shown  in  Design  Drawing  SKT  100035  (Fig.  2.5-9). 

Design  descriptions  of  major  systems  of  the  stage-and-one-half  concept  are 
illustrated  by  layout  work  performed  on  the  earlier  Model  LS  200-3  arrange- 
ment. From  a design  standpoint,  this  arrangement  is  essentially  the  same 
as  the  LS  200-5-  The  foUbwing  drawing snpoi^tirarjr these  typical  arrangements 
similar  to  both  systems; 

1,  Launch  Vehicle 

Delta-Body  Stage-And-One-Half 

• • - . Model  LS  200-3  - ■ 

SKS  1000114-  - Pig.  2.5-10 
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2.  General  Arrangement 

Delta-Body  Stage-And-One-Half 

Model  LS  200-3 

SKS  100013  - Fig.  2.5-11 

3.  Droptaak 

General  Arrangement  Stage-And-One-Half 

Model  LS  200-3 

SKT  100206  - Pig . 2 .5-12 

4.  Engine  Gimbal  Battem 

Delta-Body  Stage-And-One-Half  ' 

Model  LS  200-3 

SKS  100205  - Fig.  2.5-13 

5.  Contour  Lines 

Delta-Body  Stage-And-One-Half 

Model  LS  200-3 

SKS- 100011  - Pig.  2.5-14 

6.  Structural  Arrangement  (Basic) 

Delta- Body  Stage-And-One-Half 

Model  LS  200-3 

SKG  100106  - Fig.  2.5-15 

7.  Thrust  Structtire  Concept 

Delta-Body  Stage-And-One-Half 

Model  LS  200-3 
SKG  100109  - Fig.  2.5-16 
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8.  Major  Structural  Breakdown 

Delta-Body  Stage-And-One-Half 

Model  LS  200-3 

SKG  100107  - Fig-  2.5-17 


9.  Basic  Load  Paths 

Delta-Body  Stage -And- One-Half 

Model  LS  200-3 

SKG  100108  - Fig.  2.5-18 


10.  Visibility  Study 

Delta-Body  Stage-And-One-Half 
Model  LS  200-3  ^ ^ ^ ^ ^ ^ ^ 

SKS  100010  - Fig.  2.5-19 

11.  Plumbing  System  - Main  Propulsion 

Delta-Body  Stage-And-One-Half 
Model  LS  200-2,  Baseline 
SEE  100211  - Fig.  2.5-20 

12.  Propellant  Tank  Space  Allocation 

Delta-Body  Stage-And-One-Half 

Model  LS  200-3 

SKG  100210  - Fig.  2.5-21 

13.  Rocket  Engine  Arrangement 

Delta-Body  Stage-And-One-Half 

Model  LS  200-3 

SKT  100212  - Fig.  2.5-22 
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Ik.  ACPS  Aft  Thruster  Cluster 

Delta-Body  Stage-And-One-Half 

Model  LS  200-3 

SKS  100209  - Fig.  2.5-23 

15.  Flap  Stowage  Concept; 

Delta-Body  Stage-And-One-Half 

Model  LS  200-3 

SKS  100015  - Fig.  2.5-24 

16  . Jet  Engine  Deployment  Concept  ^ ^ 

Delta-Body  Stage-And-One-Half 

\ Model  :LS:, 200-3 V'y  \ - V - 

SKS  IOO3O&  - Eig. 

17.  Landing  Gear  Concept 

Delta-Body  Stage-And-One-Half 
Model  LS  200-3 
SKH  100301  - Pig> 

An  advanced  launch  vehicle  general  arrangement  was  configured  and  is  shown 
in  drawing  SKS  100014  (Fig.  2.5-10).  This  arrangement  const itues  the  Model 
LS  200-3  version  of  the  candidate  high-crossrange  stage-and-one-half  vehicle 
system . Hie  vehicle  has  an  overall  length  of  223  ft  and  width  of  approxi- 
mately 88  ft.  Indicated  on  the  drawing  are  the  nominal  line  of  thrust  of 
the  multiple  rocket  engine  system  and  its  relationship  to  the  various  esti- 
mted  system  center  of  gravity  locations  and  the  general  location  of  the 
droptank- to- spacecraft  forward  and  aft  attachment  points.  An  overall  hei^t 
of  35  ft  (end  view)  is  also  indicated. 

The  T«nri(?h  vehicle  arrangement  has  the  following  design  features: 

• Over-the-top  separation  a,'; ' 
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• Aft  D/T  to  S/C  pivot  tie  connection  is  mounted,  directly  to  the 
rocket  thrust  structure 

• System  centers  of  gravity  are  approximately  in-line  vith  the  nominal 
engine  th3mst  line  and  the  D/T  aft  pivot  ties 

• D/T  empty  center  of  gravity  is  well  above  the  D/T  aft  pivot  ties 

• The  propellant  system  plumbing  disconnects  are  installed  so  that  the 
disconnecting  motion  is  in  the  same  plane  as  the  sepaiation  motion 

The  orbiter  general  arrangement  is  illustrated,  in  drawing  SCS  100013  (^iS* 
2.5-11)  for  the  Model  LS  200-3  system.  This  diawing  also  serves  as  a cursory 
inboard  profile,  as  the  major  internal  components  are  indicated  throu^  the 
use  of  hidden  lines.  This  drawing  gives  an  oveiall  view  of  the  lifting  body 
approach  to  the  high-crossi'ange  concept  and  differs  from  the  baseline  arrange- 
ment (SKS  IOOCO7  - Model  LS  20O-2)  described  in  an  earlier  monthly  report 
with  regard  to  the  following  basic  areas: 

• The  aft  fuselage  lower  ramp  is  removed  resulting  in  a straight  bottom 
surface  as  shown.  This  change  in  body  contour  lines  required  the  re- 
locating of  the  rocket  engine  system  and  the  upper  surface  boat-tailxng 

■ ' 9:  Provisions  are  made  for  the  stowage  of  the  lower  flap  and  elevon  system 
during  the  laAmch  and  ascent  modes  of  ^ 

• The  nose  gear  is  located  further  forward  to  enhance  the  integration  of 

fuselage  structural  frames  needed  to  support  both  the  nose  gear  and 
the  crew  compartment. 

• The  general  location  of  the  attitude  control  propulsion  system  thrusters 
is  indicated  in  both  the  nose  and  aft  sections  of  the  fuselage 

Drawing  SKT  100206  (Fig.  2.5-12)  describes  the  general  arrangement  of  the 
droptank  system  for  the  Model  LS  200-3.  The  changes  over  the  baseline 

approach  (SKT  100204)  include: 
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• Relocation  of  the  tank  system  -with  respect  to  the  orbiter  to  enhance 
the  natural  separation  geometry  and  to  permit  separation  over-the- 
top  and  aft 

• Aft  and  forward  droptahk  attach  points  'were  relocated 

• OJank  diameter  was  reduced  to  reduce  mam^fp-cturing  requirements  and 
to  reduce  the  frontal  drag  of  the  total  launch  vehicle  configuration:- 


The  general  locations  of  the  di-optank  attachment  points  are  shown.  The  draw 
ing  indicates  the  three-point  attachment  system  and  the  geometry  associated 
vith  the  droptank/ofbiter  separation  scheme.  This  scheme  is  the  same  as 
described  in  the  second  monthly  report  except  that  the  separation  motion  is 
to  rotate  the  tank  system  up  and  aft  with  respect  to  the  orbiter. 


me  intertank  tie  and  the  droptank-to-spacecmft  forward  attachment  have 
been  integrated  and  are  shown  on  this  drawing.  The  intertaiik  tie  resists 
shear  and  torsional  loads  but  permits  tank  contraction  due  to  the  cryogenic 
propellant  environment.  The  pivot  pin  consists  of  a trianguiar  hangar-type 
arrangement  to  which  a pin-ended  link  is  attached.  This  link  is  connected 

to  a fitting  installed  in  the  nose  of  the  spacecraft  and  resists  loads  o^^^ 

in  the  pitch  direction.  The  total  integrated  structo^^ 

been  configured  to  be  installed  in  the  intertank  struct^^^^ 

me  rocket  engine  gimbal  pattern  is  show^  in  drawing  SKS  100205  (Fig.  2.5-13) 
The  five  center  engines  are  presently  gii^  square  gimbal 

pattern  is  available  as  shown  for  each ^ o^  along  with  the  re- 

quirement that  any  engine-out  condition  within  these  five  would  result  in 
that  engine  being  centered  and  stowed  in  its  neutial  position.  No  gang 
gimballing  is  required  with  this  arrangement  ( e = 53:l).  The  baseline  lo-^ 
cation  of  the  orbital  maneuvering  (EL-10)  rocket  engine  system  is  indicated 
with  ± 4 deg  gimballing  available.  An  alternate  installation  of  this  system 
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is  shown  along  with  the  estimated  locations  of  tb>‘  various  centers  of  gravity 
of  interest . This  alternate  location  implies  a fixed  installation  of  the 
RL-10  engines  with  any  center  of  gravity  excursions  compensated  for  by  the 
use  of  the  attitude  control  propulsion  system. 

The  Model  LS  200-3  orbiter  contour  lines  are  shown  in  Drawing  SKS  100011 
(Pig.  2.4“ l4).  The  dash  3 system  differs  primarily  from  the  baseline  (SKS 
10000  6)  Model  LS  200-2  with  respect  to  the  aft  fuselage  section  in  that  the 
lower  aft  ramp  has  been  eliminated. 

A basic  structural  arrangement  for  the  Model  200-3  orbiter  configuration  is 
shown  in  drawing  SKG  100106  (Pig.  2 . 5-15)  • This  drawing  indicates  the  loce- 
tion  of  the  main  structural  bulkheads^  frames^  rlngs^  longerons  and  spars. 

The  rocket  engine  thrust  structure  is  omitted  as  it  is  shown  in  relatively 
more  detail  in  drawing  SKG  100109  (Fig.  2«5“l8). 

The  airframe  construction  is  similar  to  conventional  aircraft  except  for  the 
fuselage  frames  which  are  arranged  external  to  the  primary  load-carrying 
Skin*  This  is  done  to  provide  a base  to  which  the  aerodynamically  shaped 

thei;t.  a protection  heat  shield  panels  can  be  conveniently  attached.  For 

descriptive  purposes,  the  airframe  structure  is  conveniently  divided  into 
four  basic  aerodynamically  shaped  sections . These  sections  are  individually 
depicted  in  drawing  SKG  10010?  (Fig-  2.5-1?)  - This  drawing  is  similar  to 
SKG  100101,  described  in  the  second  monthly  progress  report,  and  reflects 
principally  a change  in  the  location  of  the  droptank  attachment  points. 
Drawing  SKG  lOOlOS  (Pig.  2.5-18)  is  an  update  of  the  Model  LS  200-3  general 
arrangement  changes . 

Drawing  SKG  100109  (Pig.  2.5-16)  is  the  initial  layout  of  the  thrust  struc- 
ture concept  required  on  the  Model  LS  200-3  spacecraft.  The  thrust  structure 
geometry  is  determined  chiefly  by  the  rocket  engine  locations  and  the  shape 
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of  the  delta-hody  aft  section.  Ihe  major  structural  elements  for  the  thrust 
structure  consist  of  two  span  wise  beams  and  six  vertical  trusses.  To  ac- 
commodate the  engine  gimbal  fitting  attachments,  the  lower  beam  is  strai^t 
and  the  upper  spanwise  beam  is  bent.  Both  beams  are  I-beams  of  conventional 
j*j_veted  consti^ction  which  consist  of  T-section  caps,  Z—section  web  stiff- 
eners spaced  approximately  on  24  in.  centers  with  additional  stiffeners  added 
where  concentrated  loads  are  introduced,  and  a thin  sheet  material  web.  The 
vertical  trusses  are  located  to  accommodate  the  engine  gimbal  fittings  asso- 
ciated with  the  lower  bank  of  rocket  engines  (the  upper  bank  of  rocket 
engines  is  attached  on  the  upper  spanwise  beam  at  points  midway  between  the 
vertical  trusses).  All  the  trusses  are  built  up  of  elements  consisting  of 
I-beam  weldments  for  the  front  and  rear  chords,  circular  tubes  for  most  of 
the  horizontal  and  diagonal  members,  shear- connected  angles  to  the  inter- 
secting spanwise  I-beam  webs,  and  end  fittings  integral  with  the  end  members 
of  the  truss  assembly.  Support  attachment  lugs  are  provided  for  the  gimbal 
actuators,  engine  stabilizer  struts  and  spacecraft  propellant  tankage  support 
struts  on  the  appropriate  beam  or  truss.  For  the  upper  banl?  of  engines,  the 
pitch  gimbal  actuators  or  stabilizer  struts  are  attached  to  the  base  heat 
shield  moTinted  lug  system  which  is  stiffened  and  reinforced  locally  with 
diagonal  braces  (not  shown)  to  the  beams.  The  base  heat  shield  is  essen- 
tially mounted  to  the  smooth  backfaces  provided  by  the  T-section  aft  caps 

of  the  spanwise  beams  and  the  I-beam  aft  choM^ 

Me  base  heat  shield  also  serves  as  the  shear  material,  preventing  any  trans- 
lation of  the  beam  system  in  a sideways  direction. 

A preliminary  manufacturing  sequence  consists  of  the  following: 

• TIG  machine  weld  the  trusses  in  fixtiires 

• Set-up  trusses  in  a jig  to  assure  mating  with  the  spacecraft  airframe 

• Assemble  the  spanwise  beam  webs  to  the  trusses  with  mechanical  fasten- 
ers/rivets 
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# Bivet  the  beam  caps  to  the  webs  aad  fasten  to  the  trusses  with  splice 
plates 

• Install  spacecraft  tank  support  struts 

The  thrust  structure  is  attached  to  the  body  shell  in  this  concept  at  twenty 
(20)  places:  One  (1)  at  each  forward  end  of  each  truss  ( 12);  and  one  (l)  at 
each  end  corner  (cap)  of  each  spanwise  beam  (8).  Material  implied  here  is 
titanium  6AL-4V. 

Drawing  SKS  100010  (Fig.  2. 5-19 ) Illustrates  the  potential  pilot  visibility 
associated  with  this  configuration.  A landing  approach  vision  plot  is  shown 
for  the  side-by-side  pilots ' arrangement  and  windshield  opening  assumed.  The 
vision  evaluation  includes  the  view  of  a 300  x 10,000  ft  runway  on  a 3-deg 
glide  slope  at  distances  from  runway  end  of  1 mile,  I/2  mile,  and  l/ft  mile . 
The  specific  pilot  stations,  fuselage  angle  with  relation  to  the  horizon, 
and  the  approximate  rate  of  closure  in  feet  per  second  are  indicated.  The 
angle  of  incidence  throughout  the  assumed  windshield  panels  is  approximately 
45  deg  directly  in  front  of  the  pilots  and  increases  to  approximately  60  deg 
at  p ■ gles  left  and  right  of  the  pilot' s design  eye  position.  The  actual 
windshield  area  will  be  determined  after  a consideration  of  pilot  and  struc- 
tural weight  analysis  trade  studies. 

The  baseline  concept  to  the  main  rocket  engine  system  pltunbing  arrangement 
is  shown  in  drawing  SKT  100211  (Fig.  2.5-20).  The  baseline  launch  vehicle 
configiiration  (Model  LS  200-2)  was  used  as  this  layout  was  initiated  before 
the  dash  three  model  was  started.  The  only  basic  change  in  the  plumbing 
would  be  the  relocation  of  the  disconnects  between  the  droptanks  and  the 
spacecraft  to  a more  favorable  position;  namely,  on  top  of  the  spacecraft . 
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The  pltunhing  concept  illustrated  in  this  drawing  is  one  in  which  the  oxidizer 
is  cascaded  from  the  di'optank  system,  throu^  the  spacecraft  tankage,  and.- 
then  fed  to  the  engines.  The  fuel  system  is  a manifolded  concept  in  which 
the  fuel  during  droptarik  operation  is  routed  directly  to  the  spacecraft 
hydrogen  manifold  system  and  out  to  the  indiyidual  engines,  while  after  drop 
tank  separation,  the  fuel  is  fed  from  the  spacecraft  tankage  to  the  manifold 
and  out  to  the  operating  engines.  To  accommodate  this  system  approach  the 
following  design  considerations  were  necessary: 

• The  hydrogen  manifold  system  incorporates  the  necessary  isolation 
valves  to  shut  off  all  the  lines  except  those  associated  with  the 

three  remainirig  engines  and  the  spacecraft  fuel  tanks  after  the 

drop  tank  is  separated  and  the  eight  outhoard  rocket  engines  are 
shutdown . 

• The  spacecraft  oxygen  ascent  tanks  are  interconnected  to  permit  the 
feeding  of  oxidizer  to  the  eleventh  rocket  engine  as  well  as  to  form 
the  lower  half  of  the  oxidizer  circulation  system  line  to  prevent 
gysering  associated  with  the  long  slender  oxidizer  lines  shown  on 

the  droptanks.  The  droptank  oxidizer  tanks  are  plumhed  together  as 

shown  at  the  bottom  of  the  tanks  to  foim  the  other  half  of  the  oxi- 
dizer  circixLs#‘tioii  sys*b6iu« 

• The  system  fill  lines  are  layed-out  with  the  filJ.  valves  lo 

close  as  possible  to  their  respective  engine  feedline  assemblies  with 
the  remaining  line  arranged  to  allow  for  draining  after  the  fill  oper- 
at ion. 

• The  oxidizer  vent  is  located  at  the  base  of  the  spacecraft  as  a re- 
sult of  striving  to  install  all  e3q)ensive  valves  (lX)X  p^ 

quad  valve)  on  the  spacecraft,  and  to  minimize  heat  shield  penetra- 

. rtions.  \ 

• The  fuel  vent  line  is  routed  out  the  base  and  is  provided  with  a 
coupling  to  permit  connection  with  the  ground  facility  vent  stack 

, system. 

;v 
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• Sloping  lines  are  used  to  provide  a gravity  drain  between  tanks, 
manifolds,  and  engines. 

• Single  point  filling  of  the  total  latuseh  vehicle  is  provided  for  both 
fuel  and  oxidizer  systems.  The  oxidizer  tanks  are  filled  in  a reverse 
cascade  manner,  while  the  fuel  tanks  are  filled  in  larallel  with 
liquid  sensors  controlling  the  necessary  tank  shutoff  valves  when 

the  tanks  are  full. 

• !Che  pressurization  systems  for  the  oxidizer  and  fuel  are  similar,  as 
liquid  oxidizer,  and  fuel  is  changed  to  gas  at  each  rocket  engine  and 
then  plumbed  through  the  appropriate  system  of  tie  rod  bellows  into 

individual  manifolds  and  then  routed  by  a single  line  system  to  the 

tops  of  the  required  tankage . For  the  gimballed  engines  (5)  a set 
of  three  tie-rod  bellows  is  used  on  the  outlet  pressurization  lines 
to  allow  for  contraction  and  for  gimballing.  On  the  fixed  engines, 
only  one  tie-rod  bellows  is  necessary  for  the  contraction  motion . 

Drawing  SKG  100210  (Fig.  2.5-21)  is  an  indication  of  the  location,  siz®,  and 
suape  of  the  spacecraft  propellant  tankage  necessary  for  the  Model  LS  200-3 
concept . ■ 

Drawing  SET  100212  (Fig.  2.5-22)  is  a rocket  engine  arrangement  for  the  Model 
LS  200-3  orbiter.  The  engines  have  been  relocated  as  a result  of  the  change 
in  orbiter  contour  lines  and  the  engines  are  installed  on  a common  fuselage 
station  as  a result  of  the  more  favorable  center  of  gravity  history  reflected 
by  the  new  droptank  to  spacecraft  arrangement . 

To  provide  a three-axis  trcnslation  system  and  a three-axis  attitude  control 
system  for  the  spacecraft,  •‘■t  appears  necessary  to  deploy  certain  thrusters 
for  operation.  In  the  Model  LS  200-3  arrangement,  a concept  for  doing  this 
is  shown  in  drawing  SKS  100209  (Fig.  2.5-23)  for  the  aft  thruster  cluster 
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located  on  the  side  of  the  spacecraft.  Daring  the  reentry  mode  of  operation, 
this  set  of  thrusters  is  not  needed  and  is  retracted  within  the  spacecraft. 

The  concept  for  retracting  the  lower  flap/elevon  system  into  the  spacecraft 
base  area  is  shown  in  drawing  SKS  100015  (Fig.  2.5-2^)  . The  control  sur- 
faces assembly  is  stowed  so  that  no  portion  is  aft  of  the  rocket  engine 
nozzle  exit  planes  during  ascent  operation.  The  stowage  geometry  is  similar 
to  aircraft  flap  systems  and  was  chosen  to  permit  extension  into  the  operat- 
ing position  with  the  least  disturbance  to  the  vehicle  during  a possible 
abort  condition. 

The  conceptual  method  of  deploying  the  spacecraft  jet  engine  system  is  illus- 
trated in  drawing  SKS  100302  (Fig.  2.5-25),  The  five  (5)  jet  engines  are 
door-mounted  and  the  single  door  is  deployed  using  a parallelogram  linkage 
system.  The  engine  intakes  are  approximately  the  same  height  above  the 
ground  as  those  installed  on  present-day  commercial  jet  aircraft . 

Drawing  SKH  IOO3OI  (Fig.  2.5-26)  illustrates  the  landing  gear  concept  appli- 
cable to  the  stage-and-one-half  orbiter  system  and  specifically  to  the  Model 
LS  200-3  spacecraft . 

Shown  is  a conventional  tricycle  landing  gear  arrangement  with  approximately 
90  percent  of  the  weight  of  the  spacecraft  supported  by  the  main  gear  system 
Ample  load  during  dynamic  conditions  is  available  on  the  nose  gear  to  permit 
nose  wheel  steering.  The  basic  gear  geometry  is  shown  with  respect  to  the 
estimated  center  of  gravity  position  and  a stable  gear  is  provided  for 
ground  operation. 

The  nose  gear  system  consists  of  a shock  strut  (air-oil  system),  drag  brace, 
side  braces,  jury  strut,  torque  scissors,  retraction/ extension  actuator,  and 
dual  wheels  kinematically  arranged  to  permj.t  a fore-and-aft  retraction  and 
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extension  motion  whieh  provides  free-fall  capability  to  tbe  system.  A rack- 
and- pinion  steering  system  is  indicated  to  pemit  a steering  angle  of  approxi- 
mately ± 60  deg.  A jacking  point-  and  toe  Ivig  is  shown  to  accommodate  ground 
operations.  Tire  sizes  chosen  and  listed  are  capable  of  275  mph  ground  speeds 
and  are  currently  used  on  modern  jet  aircraft . 

The  main  landing  gear  system  is  similar  kinematically  to  that  of  the  nose 
gear.  A wheel  bogie  truck  is  employed  with  wheels  arranged  in  a dual- 
tandem  pattern.  To  prevent  porpoising  during  brake  applications,  a set  of 
brake  ecpaalizing  rods  is  installed.  To  position  the  bogie  truck  for  the 
stowage  condition,  a positioning  spring  would  be  employed  (not  shown)  and 
mounted  between  the  pivotable  truck  and  the  shock  strut.  An  antiskid  system 
would  also  be  installed  to  prevent  incipient  skidding  and  therefore  provide 
for  more  efficient  system  braking . Grotind  operation  handling  points  such  as 
towing  and  tie-down  lugs  are  provided.  The  tires  selected  are  capable  of 
operating  at  maximum  ground  speed  of  250  mph , and  are  currently  used  on  a 
commercial  supersonic  transport. 

A preliminary  set  of  basic  loads  is  shown  for  the  typical  landing  and  ground 
conditions  of  interest . 

To  indicate  the  compatibility  of  this  landing  gear  system  to  modern  jet  air- 
craft airfields,  a set  of  examples  for  a rigid  and  flexible  pavement  system 
is  shown  for  this  dual-tandem  arrangement.  The  pavement  design  procedure  is 
the  current  approach  used  by  the  PAA, 
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2.5.2  LS  200-10  System 

The  final  recommended  stage-and-one-half  configuration  system  design  was 
derived  from  the  initial  five  month's  design  studies  (LS  200-5)  and  the 
interim  work  on  a Model  LS  200-7  system.  Die  final  system  was  designated 
Model  LS  200-10  and  the  design  layout  work  documenting  the  physical  defini- 
tion of  this  arrangement  is  shown  in  the  following  drawings: 

1.  General  Arrangement 

Delta-Body  Stage-And-One-Half 

Model  LS  200-10 

SKS  100053A-Fig.  2.5-27 

2.  General  Arrangement  (l^B) 

Delta-Body  Stage -And- One- Half 
Model  LS  200-7  and  200-9 
SKP  100038  - Fig.  2.5-28 

3 . Launch  Vehicle 

Delta-Body  Stage-And-One-Half 

Model  LS  200-10 

SKS  100061  - Fig.  2.5-29 

4.  Volume  Curve 

Delta-Body  Orbiter 

Models  LS  200-7  and  200-8,  LS  400-5  and  400-6 
SKS  100046  - Fig.  2.5-30 

The  genersd.  arrangement  of  the  final  recommended  stage-and-one-half  orbiter 
is  shown  in  Drawing  SKS  100053  (Fig.  2.5-27)-  This  arrangement  is  an  up- 
dated version  of  the  earlier  LS  200-7  system.  The  major  changes  include  the 
installation  of  the  airbreather  engines  into  the  lower  fuselage,  the  instal- 
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lation  of  the  airbreather  engine  fuel  (JP-»f)  in  the  forward  end  of  the  mid- 
fuselage compartment,  and  the  space  allocation  for  a forward-mounted  payload 
deployment  mechanism  system.  All  these  changes  were  adopted  without  a change 
in  the  vertical  reference  length. 

Design  Drawing  SKT  IOOO36  (Fig.  2.5-28)  is  the  general  arrangement  of  the 
previous  stage-and-one-half  concept  (LS  200-7).  It  is  an  updated  version 
of  the  LS  200-5  system  reported  on  in  the  Fifth  Monthly  Progress  and  Status 
Report,  and  incorporates  the  following  principal  changes: 

A.  Aerodynamic  Shape  and/or  Geometry 

• Basic  shape  is  the  same 

• Overall  length  was  152  ft  - now  I59  ft 

B.  Main  Rocket  Engine  System 

• Number  of  Engines  - 9 instead  of  11 

• Nozzle  Area  Ratio  was  35^1  - “ow  53s! 

• Gimbol  Rattem  changed  from  four  center  engines  of  the  bottom 
row  and  the  top  centerline  engine,  to  three  center  engines  of 
the  bottom  row  and  two  center  engines  of  the  top  row 

C.  Main  Propellant  Tankage  System 

• Arrangement  and  Operation,-  Same 

• Number  of  Tanks  - Same 

• Capacity  Required  - Generally  Greater 

(Ascent  and  Orbital  oxygen  tanks  are  larfeer  with  the  orbital 

hydrogen  tank  smaller) 

• Load  Rath  - Princij-mlly  the  same 
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D.  Jet  Engine  System 

• Number  of  Engines  - 6 instead  of  5 

• Location  - Fuselage  Base 

• Operation  - Fixed  Engine  motuats  and  intake  ducting 

• Fuel  - JP4  instead  of  LHg  (separate  fuel  tank  is  used  and 
mounted  forward  to  beJ.ance-out  main  engine  installation) 

E.  Landing  Gear  Installation 

• Arrangement  - Ifeintained  tricycle  concept  with  main  gear 
installed  outboard  of  ascent  tankage 

F.  Control  Surface  Arrangement 

• Rudder  area  is  a greater  i>ercent  of  the  total  Fin/Rudder  area 

• Upper  surface  ^ap  hinge  line  \mskewed  to  reduce  adverse  yaw 
forces  on  adjacent  fin  surfaces 

G.  Nose  Cap  System 

Because  of  3J.00  mile  crossrange  requirement  and  attendant  reduction 
in  anticipated  temperatures,  a round  instead  of  elliptical  shape 
has  been  adopted. 

The  LS  200-10  launch  vehicle  arrangement  is  shown  in  Design  Drawing  SK3  100061 
(Pig.  2.5-29).  This  arrangement  is  an  updated  version  of  the  LS  200-5  system. 
The  major  change  in  the  system  was  the  incorporation  of  a greater  amount  of 
droptank  propellant  by  essentially  increasing  the  tank  diameter  from  26  ft  to 
27  ft.  This  permitted  the  intertank  structure,  which  contains  the  droptank- 
to-orbiter  forward  attachment  and  oxygen  lines,  to  remain  in  its  relative 
position  to  the  orbiter  nose. 

An  indication  of  the  usable  volme  for  a stage-and- one-half  orbiter  system, 
as  well  as  the  wetted  area  involved  is  shown  in  Drawing  S^S  lOOCA-6  (Fig. 

2.5-30). 
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2.^.3  Droptank  System 

The  Impact  of  droptank  weights  euid  cost  on  the  performance  and  economies  of 
the  stage-and-one-half  system  led  to  a decision  some  time  ago  to  perform  a 
far  more  detailed  design,  production,  and  cost  analysis  of  dropteuiks  than  Is 
usvially  associated  with  a Ihase  A study. 

To  enhance  the  credibility  of  weight  and  cost  estimates.  It  was  decided  to 
(1)  generate  a detailed  design  based  on  a conservative  approach,  utilizing 
only  state-of-the-art  materials,  design  concepts,  and  manufacturing  methods, 
and  (2)  assemble  a droptank  bid  package  emd  Invite  other  aerospace  companies 
to  make  independent  manufactviring  planning  and  cost  estimates  for  the  procure- 
ment of  the  required  number  of  tanks,  based  on  the  NASA  baseline  program. 

A bid  package  was  assembled,  consisting  of  a Statement  of  Work  for  the  Fabri- 
cation and  Test  of  Stage-and-One-Half  Droptanks  accompaxled  by  a Space  Shuttle 
Droptank  Data  Summary.  The  package  was  released  slmulta.ieously  on  20  October 
to  NASA/MSPC  (on  request),  GALAC»*,  GKLAC»**,  AVOO,  Chrysler,  Rohr,  and  UlSC. 

AVCO  and  Rohr  declined  to  bid. 

2. 5. 3*1  Droptaink  Program  Concept.  For  the  purpose  of  the  droptank  bid  pack- 
age, a separate  droptank  program  was  stipulated.  The  estimate  of  the  DDT&E  - 
design,  development,  testing  and  evaluation  - was  performed  by  IMSC  only; 
estimates  of  the  production  effort  for  the  total  oi>e ration  were  performed  by 
I^SC,  GALAC,  GELAC,  and  Chrysler. 

2. 5. 3. 2 Droptank  Schediile.  The  time  spans  required  to  develop  the  rather 
simple  droptanks  can  be  easily  accommodated  within  the  schedule  of  the  stage- 
emd-one-half  space  shuttle. 

*L(4SC/A9Bo^258A,  20  Octrht.-  1970 

♦♦Lockheed  Aircraft  Corporation,  CetLlfornia  Company 
♦♦♦Lockheed  Aircraft  Corporation,  Georgia  Company 
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As  shovm  in  Fig.  2.5-31*  the  critical  design  review  (CISt)  of  the  droptanks 
can  tedce  place  1^  to  1^  years  later  than  the  (3DR  of  the  orbiter,  allowing 
ample  time  to  change  design  requirements  for  the  droptanks  if  necessitated 
by  design  modifications  of  the  orbiter.  This  potential  for  late-in-the- 
program  changes  constitutes  a imique  opportvinlty  to  maintain  stage-and-one* 
half  performance  by  relatively  late  changes  in  droptank  size.  !Qie  time  spans 
shown  for  engineering  euid  manufacturing  are  considered  conservative;  the  sys« 
tern  test  schedule  shows  the  utilization  of  six  test  tanks.  33ie  production 
schedTole  shows  delivery  of  the  first  flight  tank  set  by  the  middle  of  I976 
for  a first  manned  orbital  flight  in  late  1976.  The  final  production  schedule 
based  on  the  NASA  baseline  program  starts  with  five  sets  of  tanks  in  1976  and 
builds  up  to  a maximum  rate  of  65  tanks  per  year  by  1983. 


2. 5. 3. 3 Groundniles . For  the  purpose  of  the  bid  package,  it  was  assumed 
that  the  following  would  be  produced: 

3 sets  of  full  size  test  tanks 
445  sets  of  operational  flight  teuaks 
5 sets  of  spare  flight  tanks 

Total  U53  sets  of  spare  flight  tanks 

The  following  additionsLl  assvimptlons  and  groundrules  were  used. 

e DDT&E  Effort.  Design  will  be  based  on  proven  materle4.s,  design 
principles  (fusion  welding),  and  meuiufacturlng  processes.  An 
alternate  design  - bond  spotwelding  - will  be  defined  to  enable 
expected  cost  differences  to  be  estimated.  Facilities  for  system 
testing  will  be  available  at  no  cost  to  the  program  at  MSFC  and 
IITF.  Facilities  will  be  modified  and  operated  by  NASA.  Test 
expendables  will  be  supplied  by  NASA. 
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• Production  Effort.  A final  assembly  facility  will  be  available  at  no 
facility  cost  to  the  droptank  program.  The  droptank  program  ends  with 
the  acceptance  of  tanks  at  KSC,  exceirt  for  some  liaison  engineering. 
Droptank  storage,  mating,  and  erection  costs  are  part  of  operations 
costs. 


• Ctosting  Rules.  All  costs  are  in  1970  dollars.  Costs  Include  a fee 
of  10  percent.  No  progreun  phaseout  costs  are  Included. 


2.3 Droptank  Design.  In  order  to  be  cble  to  establish  confidence  in 
the  droptank  weights  and  credibility  of  the  droptank  cost,  a detailed  pre- 
liminary design  of  the  droptank  structure,  propellant  system,  Instnmtentation, 
and  svqpport  system  to  the  orbiter  was  j^rformed  and  documented. 


The  droptank  configuration  at  the  time  of  the  start  of  design  analyses  was 
associated  with  steige-and-one-half  configuration  LS  200-2.  Ac  pointed  out 
earlier,  a baseline  droptank  design  was  established,  using  only  state-of-the- 
art  concepts.  This  design,  termed  "P\i8ion- Welded  Droptank,"  was  used  through- 
out the  droptank  bid  package.  An  advanced  design  using  bond- welding  tech- 
niques, has  been  defined  to  a lesser  degree  of  detail.  This  design,  celled 
"Bond-Welded  Droptank"  was  used  by  GELAC  to  establish  an  estimate  of  expected 
program  cost  differences  when  using  bond- welding  as  a Joining  technique. 


This  section  describes  the  resvilting  designs.  The  analytical  effort  in  sup- 
port of  the  design  is  described  in  the  following  Engineering  Memorandums  (iMs) 
documented  in  earlier  reports: 

L2-02-01-M1  Drop  Tank  and  Orbiter  Design  Loads 

L2-02-01-M1-2  Space  Shuttle  fhase  A Stage-And-One-Half 
Structural  Design  Criteria 

O 
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L2-02-01-M2  Structural  Analyses  of  Delta-Body  Orbiter 
Drop  Tbnke,  Model  LS  200-2 

• General  Arrangement.  T5ie  droptank  general  arrangement  shovn  in  Dwg. 

SKL  100214a  (Pig.  2.5-32)  consists  of  two  tank  assemblies  interconnected 
in  a V- configuration,  forming  a single  dropable  expendable  system.  The 
droptank  is  attached  to  the  orbiter  at  three  places:  at  the  orbiter  nose 

(forward  tie)  and  at  two  places  at  the  rear  to  the  orbiter  thrust  stiruc- 
ture  (aft  ties).  The  forward  tie  resists  only  pitch  loads,  while  the 
ball  Joint  rear  ties  resist  loads  in  all  directions,  with  moments  re- 
sisted by  the  droptan’'s  only. 

Bach  tank  assembly  consists  of  a forward- located  liquid  oxygen  tank, 
an  aft-located  liquid  hydrogen  tank,  an  intertank  structure  connecting 
both  tanks,  and  a thrust  cone  assembly. 

t- 

The  drawing  identifies  the  dimensions  and  locations  of  plvunblng  and 
plxanbing  equipment  for  the  pressurization,  venting,  fill,  and  drain 
lines  for  the  oxygen  and  hydrogen  tanks  as  well  as  the  operational  in- 
strumentation for  temperature,  pressure  and  liquid  level -sensing. 

Bie  drawing  also  identifies  the  insulation  required  to  protect  the  tankv. 
d\urlng  ascent.  C!ork  panels  l/4-ln.  thick  are  bonded  to  the  metallic 
surface  of  the  oxygen  tank  forward  dome  euid  conical  section.  Poly- 
urethane foam  3/8- in.  thick  is  used  for  all  remaining  external  surfaces 
of  the  oxygen  and  hydrogen  tanks. 

s Fusion- Welded  Design.  This  section  describes  the  baseline  design  used 
for  establishing  weights  and  drop  tank  costs. 

Liquid  Oxygen  Tank  (Dwg.  SKT  100213t  5 Sheets  - Fig.  2.5-33).  The  oxygen 
tank  (18,186  cu.ft.  volume)  is  constructed  of  aluminum  2219-TS7.  It  consists 

•- 
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of  k basic  elements:  a hemispherlced.  nose  dome,  a forward  conical  section, 

a cylindrical  section,  and  an  aft  hemispherical  dome.  The  nose  dome  is  of 
monocoque  design  and  is  built  up  of  chemically  milled  panels.  The  conical 
section  is  welded  to  the  partially  integral  stiffened  (L-sections)  cylindrical 
section  via  a T-section  ring- stiffened  partial  frame.  This  frame  is  the 
base  for  the  lug  attachment  forming  the  intertank  shear  tie.  The  cylindrical 
section  extends  in  a stub  skin,  partially  integrally  stiffened,  ending  in  a 
machined  ring  used  for  bolting  the  oxygen  tank  to  the  interbank  structure. 

The  aft  dome  consists  of  5 gores  and  a sp\m  end  cap  combining  the  oxidizer 
outlet.  The  dome  is  of  monocoque  design  with  chemically  milled  panels 
butt- welded  together. 

Intert-ftn>  Structure.  The  intertank  structure  is  constructed  of  alminum 
7075-T6.  It  consists  of  a cylindrical  shell  partially  stiffened  with  inte- 
gral stiffeners  stabilized  by  rings,  with  riveted  connections  between  the 
longitudinal  shell  panels.  An  access  door  is  provided  in  the  unstiff er.ed 
peuiel  area.  Both  ends  of  the  cylinder  are  formed  by  machined  rings  used  for 
holding  the  oxygen  teuik  and  hydrogen  tank  to  the  interbank. 

Liquid  Hydrogen  Tank.  This  taak  (51>58®  cu  ft  volume)  is  constructed  of 
sJ-uminum  2219-T67.  It  consists  of  5 basic  elements:  a hemispherical  for- 

ward dome,  a cylindrical  section,  a trcuasitlon  section,  an  aft  cone,  and  an 
aft  dome.  The  forward  dome  is  identlota  to  the  dome  of  the  oxygen  tank  and 
is  butt-welded  to  the  cylindrical  tank  section.  This  section  consists  of 
two  barrel  sections.  Bach  barrel  section  is  built  up  of  10  longitudinal 
panels,  partially  integrally  stiffened  and  butt-welded  together.  The  inte- 
gral stiffeners  increa.se  in  depth  toward  the  aft  end  of  the  cylinders. 
Z-section  rings  are  riveted  to  the  flanges  of  the  Integral  stiffeners;  kick- 
rings  are  welded  to  each  end  of  the  cylinders.  The  transition  section  forms 
part  of  a dome;  it  is  integrally  stiffened  and  butt-welded  to  the  adjacent 
tank  sections.  The  aft  cone  is  constructed  in  a manner  similar  to  the  cylin- 
drical section  with  internal  integral  tapered  stiffeners  and  rings.  A spun 
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monocoque  dome  is  butt-welded  to  the  cone  to  close  the  pressure  vessel.  The 
cone  aft  end  carries  a machined  ring  for  attachment  to  the  rear  thrust  cone 
assembly . 

Thrust  Cone  Assembly.  This  assembly  (Dwg.  SKG  100216A,  3 Sheets,  Pig.  2.5-34) 
consists  of  the  thrust  cone  proper  and  its  attachment  mechanism  to  the  orbiter. 
The  thrust  cone  is  built  up  of  6 flat  titeuaium  forgings  (Ti-6A1-4V)  rolled 
to  shape  and  welded  together.  The  attachment  beeun  and  mechanism  transmits 
the  teuik  loads  to  the  orbiter  thrust  structure.  A ball-bearing  and  piston 
arrangement  actuated  by  gas  pressvire  is  used  for  rapid  fi  '.sengogement  of  the 
rear  drop  tank  support  from  orbiter. 


Bond- Welded  Design.  Even  though  the  primary  effort  to  establish  hi^ly 
assured  droptank  weights  and  cost  was  based  on  the  fusion-welded  design 
described  earlier,  it  was  found  of  interest  to  identify  those  areas  in  the 
droptank  design  to  which  bond-welding  as  a Joining  technique  applies  and  to 
establish  an  estimate  of  the  cost  impact  when  using  the  bond-welding  technique. 


Considering  the  present  experience  with  bond  welding,  it  was  decided  to  apply 
it  to  the  design  of  the  interbank  and  the  forward  dome  and  cylinder  of  the 
hydrogen  tank.  In  these  areas,  line  loeuls  are  not  hlc^er  than  8000  Ib/ln, 
and  recent  tests  by  DISC  have  indicated  that  the  adhesive  strength  at  liquid 
hydrogen  temperature  is  at  least  eq\ial  to  strength  at  room  temperature.  The 
technique  is  not  used  for  the  oxygen  tank  because  compatibility  of  the  bond 
material  with  oxygen  has  not  yet  been  established.  The  design  of  the  bond- 
welded  interbank  and  hydrogen  tank  cylinders  is  shown  in  Dwg.  SKS  100215,  2 
Sheets,  Fig.  2.5-35.  The  design  uses  a fusion- welded  framelike  substructure 
(cage)  to  which  the  preassembled  skin  panels  and  dome  gores  are  attached. 

The  required  Z- stringers  are  bond- welded  to  the  skins  and  the  stiffening  rings 
riveted  to  the  stringer  flanges.  The  bond- welded  elements  as  described  are 
Joined  with  the  remainder  of  the  fusion-welded  droptank  elements  in  the  same 
way  as  in  the  fusion- welded  design. 

O 
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FUSION-WELDED  DESIGN 


ITEM 


WEIGHT  (LB) 


/ DROP  TANK  TOTAL 
STRUCTURE 


98, 050 


119,257 


102  TANK 

15,088 

i INTERTANK 

16,040 

LH2  tank 

49,056 

THRUST  CONE  AND  FiniNGS 

16, 866 

FORWARD  AHACH  MECHANISM 

1,000 

INSUUTION 

3,181 

L02  tank 

1,945 

INTERTANK 

145 

■ 

LH2  tank 

1,091 

, PLUMBING 

6,883 

L02 

4,017 

LH2 

2,866 

INSTRUMENTATION 

301 

L02 

93 

LH2 

108 

WIRE 

100 

CONTINGENCY  - 10  PERCENT 

10,842 

NOTE:  STRUCTURAL  FACTOR  • .042  LB/LB: 

X*  - a 957 
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as  follows: 


Plant  A (GEIAC) 
Plant  B (CAIAC) 
Plant  C (IWSC) 


Pabricavlon  of  tank  components,  less 
hemisphere  and  thrust>cone  forging 

Fabrication  of  LO^  teuik  components  plus 
ItH2  hemispheres 

Fabrication  of  the  Intertemk  components, 
wire  harness,  instrumentation,  piping,  euid 
thrust- cone  forging  assembly 


The  selection  of  these  plants  is  based  primarily  upon  related  hardware  e:q>er- 
ience  and  their  machine  and  facilities  capabilities. 


Size  of  raw  material  and  fabricated  parts  and  subassemblies  is  planned  to 
be  compatible  with  standard  Interstate  surface  transportation  with  the 
following  exceptions: 


Spun  Domes  Procured  from  Spincraft  of  Milwaukee, 

Wisconsin,  and  air-frei^ted  to  KSC 

Ring  Forgings  Procured  rough-machined  from  ladish  of 

Cudahy,  Wisconsin,  and  water- transported 
to  KSC 


Test  Hardware 
Assemblies 


Water- transported  from  KSC  to  the  Michoud 
and  MSFC  test  sites 


All  fabricated  parts  or  subassemblies  are  to  be  cleaned  and  protective  wrapped 
to  minimize  contamination  and  oxidation  during  transportation  and  storage. 

This  in  turn  will  allow  parts  entry  into  the  weld  cycle  without  further 
chemlcel.  processing. 

a Fabrication  and  Assembly.  In  developing  the  mantafacturing  plan  for 
the  droptank  system,  particular  emphasis  was  placed  on  the  economics 
of  manufacture.  The  integrally  milled  skins  were  sized  to  the 
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oaxlm\im  transportable  size  (lO  ft  x 30  ft)  to  reduce  setup  costs  and 
optimize  machine  run  time.  Maximum  utilization  of  full  ring  forgings 

f 

reduced  parts  count  and  subsequent  setup  and  run  time.  Specific  con- 
sideration was  given  to  tooling  rate  in  the  initial  phase  to  optimize 
veld  tools  to  reduce  load  and  unload  spems  euid  to  integrate  radiographic 
inspection  with  the  veld  tools. 


• LO^  Hank  gsbrlcation  and  Assembly.  Fabrication  of  the  primary  struo- 
t\ire  (Fig.  2. ^-39)  consists  of  machining  rings,  forming  baffles, 
explosive  forming  of  dome  gore  segments,  and  milling  of  Integredly 
stiffened  skins. 

LOX  Hank  assembly  (Pig.  2,^-ko)  consists  of  Joining  four  primary  sub- 
assemblies:  conical  section  assembly,  cylindrical  support  structure, 

and  forward  and  rear  dome  assemblies.  All  longitudinal  velds  are 
Jigged  verticedly,  and  internal  baffles  are  welded  horizontally. 

• Intertamk  Fiabricatlon  and  Assembly.  Fabrication  and  assembly  (Fig. 
2.3-Ul)  consists  primarily  of  milling  integrally  stiffened  skins, 
stretch  forming  of  rings,  and  machining  of  full  ring  forgings  for 
field  Joints.  The  doors  are  tooled  for  interchangeability.  The 
assembly  is  Joined  mechanically  with  bolts  and  rivets.  Assembly  is 
accomplished  in  the  vertical  position. 


s LH^  Tank  Fabrication  and  Assembly.  Fabrication  (Pig.  2. 5-^2)  consists 
of  stretched- formed  rings  and  full  ring  forgings,  milling  of  integrally 
stiffened  skins,  high-energy  forming  of  dome  skins,  eind  welding  of  the 
thrust  cone  consisting  of  six  forgings. 


Assembly  (Fig.  2. 5-^3)  consists  of  Joining  five  primary  subassemblies, 
the  forward  dome,  two  barrel  assemblies,  gore/cone/aft-dome  assembly, 
euid  thrust-cone  assembly.  The  longitudinal  welds  are  accomplished 
vertically,  circumferential  welds  horizontally,  and  closure  welds  of 
primary  subassemblies  horlzonts^-ly. 
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OXYOIZER  OUTLET 
ASSY 


. DOME  SKINS 


^^8*  2.5—39  LOX  Tank  Fabrication 
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LOX  TANK  ASSY 


FWO  DOME  ASSY 
PICKUP 


C>LOX 

TANK 

ASSY 

PICKUP 


CONICAL  SEaiON 
ASSY 


Fig.  2.5-40  LOX  Tank  Assembly 
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OUTLET  ASSY. 


AFT  DOME  ASSY. 


> 


4. 


ACCESS  COVER  ASSY. 


•TO  FINAL  ASSY. 


FWD.  DOME  FWO.  || 
PANEL  11 
ASSY.  V 


AFT  SHELL  SKIN 
PANEL  ASSYS. 


f 

FWD.^ 
DOME  ASSY 


FWD.  SHELL  SKIN 
PANEL  ASSYS. 


Fig,  2.5-42  LH2  Tank  Fabrication 
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AFT  DOME  ASSY. 


GORE  ASSY. 


AFT  SHELL  ASSY. 


=> 


AFT  CONE  ASSY 

GORE  AiW 
PICKUP  MEC. 


AR  CONE 
TO  GORE  ASSY. 


FWD.  SHELL  & DOME 
FWD  SHELL  ASSY. 


LHj  tank 
ASSY. 


SKIRT  SKIN 
PANEL  ASSYS 


2. 5-^3  LH2  Tank  Asseadsly 
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• Final  Assembly  Operations.  The  three  primary  assembllei. . JOg  and  LHg 
teuikB  and  Interteuik,  are  completed  structurally  and  are  then  prepared 
for  final  Installations , tests,  acceptance,  and  mating  (Fig.  2.3-^) • 


LOg  Tank.  The  fuel-level  sensors,  pressure  probes,  and  flat  cabling 
are  Installed;  the  temk  Is  then  deemed,  black-light  Inspected,  amd 
wipe  tests  and  mlllpore  analysis  conducted.  The  next  operation  Is  to 
proof /leeik  cycle  check  at  ranges  from  24.2  pslg  to  5 pslg  for  9 hours. 
Upon  acceptance  of  cleanliness  and  proof  pressure,  the  final  operation 
Is  the  Installation  of  the  thermal  protective  system.  Cork  panels  are 
bonded  to  the  nose  dome  and  conic  section.  The  application  of  the 
thermel  protection  system  to  the  barrel  section  emd  aft  dome  Involves 
the  following  operations: 

(1)  Extexnel  wash  and  mask 

(2)  Spray  coat  of  adhesive 

(3)  Spray  of  polyurethane  foam;  2 In  thick 

(4)  Surface  machine  to  3/8  In  thickness 

(5)  Spray  finish  coat  (cosmetic) 

(6)  Cure  cycle  at  25O  deg 


The  mlt  Is  then  acceptable  for  Final  Assembly  mating. 

Intertank.  The  Intertemk  is  cleaned  and  Instrumented,  ready  for 
mating,  emd  does  not  require  a thermal  coating. 


LHg  Tank.  Tte  lel-level  sensors,  pressure  probes,  and  flat  cabling 
are  Installed.  Cleemlng  Is  accomplished  In  the  same  manner  as  for 
the  LOg  tank.  The  proof /leak  cycle  Is  accomplished  at  pressures  ranging 
from  26  pslg  to  5 psig  for  9 hours.  Ultrasonic  leak  detectors  and 
pressure  monitoring  equipment  are  utilized.  Upon  acceptance  of  clean- 
liness and  pressure/leak  tests,  the  mlt  Is  then  readied  for  the 
application  of  the  thermal  protection  system.  This  assembly  is  then 
readied  for  Final  Assembly  mating. 
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• INSTRUMENTATION 
.•  CLEAN 

• PROOF  PRESSURE  & LEAK  TESTS 

• THERMAL  INSULATION 


INTERTANK 

• INSTRUMENTATION 


FINAL  ASSEMBLY 


MECHANICAL  MATE 
FUEL  & OXIDIZER  LINES 
INSTRUMENTATION  COMPLETE 
FINAL  LEAK  TEST 
FINAL  INSULATION 
ACCEPTANCE 


LHj  TANK 


INSTRUMENTATION 

CLEAN 

PROOF  PRESSURE  & LEAK  TESTS 
THERMAL  INSULATION 
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• Final  Assembly.  The  three  primary  aBsemblies  having  completed  instal- 
lations and  acceptance  are  then  reeuiled  for  final  mating,  acceptance, 
and  delivery. 

The  LOg  tank.  Intertank,  and  LH^  tank  assemblies  are  mated  on  Indlv- 
idueil  dollies  with  a three-axis  alignment  capability.  The  segments 
are  bolted  at  the  interchangeable  field  Joints.  The  piping  which  has 
been  pretested  and  InsTilated  with  polyurethane  foam  is  insteilled  and 
Joined.  The  system  is  then  repressurized  to  5 P^lg  for  final  leak 
tests,  primarily  to  check  the  pipe  Joints.  The  instrumentation 
harnesses  are  then  connected  and  acceptance  tested.  The  final  operation 
is  the  instellation  of  precast  polyurethane  foam  at  the  field  Joints. 

The  tank  assembly  is  then  readied  to  be  positioned  to  the  GFE  trans- 
porter for  delivery. 


The  fabrication  techniques  and  methods  of  assembly  utilized  by  GAIAC, 
GEIAC,  and  UtSC  were  very  similar.  Prlmaxy  differences  in  the  GEEAC 
euid  GAIAC  planning  are: 

GEIAC  The  thermal  protection  system  is  applied  after 

the  three  primary  assemblies  are  mated.  The 
cleaning  is  accomplished  veirticsQJLy  by  a shsdeer 
method. 


y 


GAIAC  Primary  weldments  and  final  mating  are  accom- 

plished in  the  vertical,  position. 


• Material . The  bll2.  of  material  for  the  stage-and- one-half  droptank 
program  was  derived  from  detailed  -engineering  drawings.  Tote^.  program 
material  costs  were  then  determined  by  detailed  analysis.  All  signif- 
icant material  dollar  areas  were  priced  based  on  verbeuL  vendor  quotes. 
All  costing  effort  was  based  on  1970  prices  with  total,  progreun  require- 
ments being  considered. 
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The  following  Is  a listing  of  suppliers  \A}io  furnished  costing  data 
on  major  cost  elements: 


Skins  and  extrusions 
Domes 

Ring  forgings  (Al) 
Forgings  (Ti) 
Disconnects 
Fluid  and  vent  lines 
Gimbals  and  bellows 


ALCOA  { 

Splncraft,  Inc. 
ladlsh  Compeuiy 
Arcturus  Mfg  Corp. 

Royal  Industries,  Inc. 

Bsirsons 

Solar  emd  Avlca 

j 


2.5*3*7  Cost  Estimates.  The  droptank  cost  estimate  was  prepared  In  accord- 
ance with  established  U4SC  estimating  and  accounting  policies  end  procedures. 
Basic  ground  rules  and  program  concepts  were  established  early  in  the  esti- 
mating cycle  and  used  to  generate  a well-defined  baseline  cost  for  the 
development  and  production  of  droptanks.  The  following  assmptions  were 
used,  as  discussed  earlier: 


• Drop  Tank  Program  separate  contract(s)  from  Orbiter  Program 


• Estimate  in  two  phases: 

- Design,  Development,  Test  and  Evaluation  (DDT8»E) 

- Production 

• Production  Hardware 


- Development  Test  Article 

- Plight  Hardware 

- Spare  Hardware 

• Schedule 

- DDT&E  Go-Ahead  1 January  1972 

- Production  Go-Ahead  li-th  QuEU*ter  1972 

- Pinal  60  sets  of  tanks 

delivered  1986 
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Sets  of  Droptanks 
Equivalent  to  3 sets 
445 
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• All  costs  in  1970  dollars  including  10  percent  fee 

• No  Program  Iliaseout  cost  included 

• Final  Assembly  Facility  available  at  KSC 

• Effort  under  Production  Hiase  on  each  droptank  set  is  complete  when 
the  tAnk  has  completed  final  accepteuice  checks.  No  storage,  mating, 
or  erection  costs  are  Included,  since  these  are  assigned  to  be  part 
of  operations  costs. 

• Test  Facilities  for  Full-Scale  Developmeut/Qualification  Testing  at 
MSFC  and  MTF  are  available  and  are  modified  as  necessary  and  oper- 
ated by  NASA 


Work  Statements  were  prepared  for  both  DDKaE  and  Production  Phases  and  distri- 
buted with  the  Droptank  drawings  to  organizations  responsible  for  performing 
tasks  to  develop  end  produce  the  droptemks.  These  responsible  orgeuaizations 
then  prepared  detailed  estimates  of  the  resources  (meuahours,  material,  computer 
usage,  etc.)  necesseu:*y  to  perform  their  required  effort.  These  resource 
estimates  were  Identified  by  the  estimators  to  WBS  elements  (Fig. 
and  spread  by  time  as  required  to  meet  development  and  delivery  schedules. 

Once  the  raw  resource  requirements  were  developed,  the  responsible  Industrial 


O 

/ 

‘i 


Accounting  personnel  applied  appropriate  rates  to  arrive  at  the  total  program 
costs  as  estimated  by  IMSC, 


The  following  table  summarizes  the  results  of  IMSC's  drop  tank  estimate. 
Additional  detail  is  presented  in  the  following  discussion. 


O 
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Fig.  2-5-45  Stage-and-One-Half  Droptanks  — DDT&E  + PRCD. 
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DROPmUK  PROGRAM  COST  SUMMARY  - IMSC 

i Minions 


DDTSeE,  Nonrecurring 

65 

Production,  Nonrecurring 

182 

Production,  Recurring 

— 

Total  Production 

2,014 

Total  Program 

L 

2,079 

• - j65  Mlllloa  Noorecurrlng . For  costing  purposes,  the 

entire  DCTScE  effort  vas  assumed  to  be  performed  by  IMSC/Sunnyvale. 
Currently  negotiated  rates  for  1970  were  utilized  to  arrive  at  the 
total  DIXr&E  costs.  The  results  are  summarized  in  Fig.  the  cost 

elements  Included  are  as  follows: 

(1)  Detail  Design  and  Analysis 

(2)  Materials  and  Production  Systems  Ibgineering 

(3)  Systems  Engineering  and  Systems  Effectiveness 

(k)  Specification  Preparation 

(5)  Program  Management  and  Technical  Publications 

(6)  Development  and  Qualification  Testing 

(7)  Manufacturing  Support  for: 


(a)  Mock-ups  and  models 

(b)  Development  hardware 

(c)  Soft  tooling 

(d)  Facilities  and  preliminary  manufact\iring  engineering 
and  planning 

(8)  Product  Assurance  Support  for: 

(a)  QueJ-ity  Program  Plan 

(b)  Test  Inspection 

(c)  Development  Hardware  Inspection 
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MANHOURS  ♦ 


• . 

(Thousands) 

(Millions) 

PROGRAM  MANAGEMENT 

141 

2.7 

ENGI^£ERiNG 

1,467 

27.7 

TEST  AND  OPERATIONS  SUPPORT 

802 

15.1 

MANUFACTURING 

696 

\Z2 

PRODUCT  ASSURANCE 

310 

5.2 

MATERIAL  AND  COMPUTER 

1 

2.4 

TOTAL  . 

3.416 

$65.3 

Fig.  2.5-46  Non-Recurring  DDT&E  Cost 
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(9)  Material: 

(a)  Mock-ups 

(b)  Development  hardware  and  soft  tooling 

(c)  Test  flxtvtres 


s Production  Estimate  - jl82  Million  Monrecxirrlng;  il.832  Million  Re- 
curring. As  a result  of  the  size  of  the  Droptank  Production  Program 
and  the  resources  required,  the  LMSC  manuffeicturlng  organization  pre- 
pared their  estimate  based  on  fabrication  labor  being  performed  In 
three  different  subassembly  plants  auad  final  assembly  at  one  facility. 
For  estimating  and  costing  purposes,  the  subassembly  plants  were  as- 
sumed to  be  three  Lockheed  Aircraft  Corporation  divisions:  Lockheed 

Missiles  & Space  Company,  Sunnyvale,  California;  Lockheed- California 
Company,  Burbank,  California;  and  Lockheed-Georgla  Compsny,  Marietta, 
Georgia.  Ihe  rates  used  In  costing  effort  at  these  three  locations 
are  currently  negotiated  1970  rates  euid  are  believed  to  be  represen- 
tative of  the  rates  that  exist  throughout  the  aerospace  Industry. 

The  final  assembly  facility  was  assumed  to  be  located  at  KSC  and  the 
rates  used  for  effort  at  KSC  are  based  on  a labor  rate  representative 
of  the  southeastern  U.S.  and  overhead  rates  developed  by  UtSC  based 
on  current  manvifacturlng  overhead  rates  at  IMSC  adjusted  to  reflect 
reductions  res\J.tlng  from  effort  being  performed  at  a Government 
facility. 


The  nonrecurring  production  costs  of  $ld2  million  (Fig.  2. 5-^7) 
elude  the  following  cost  elements: 


(1)  Manvifacturlng 

(a)  Initial  planning 

(b)  Tool  design 

(c)  InltleLL  tool  fabrication 

(d)  Manufacturing  Test  Equipment  (KTE)  Design  emd  Fabrication 
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Fig.  2.5-47 


MAfJHOURS 

(Thousands) 


$ 

(Millions) 


MANUFACTURING 
PRODUCT  ASSURANCE 
MATERIAL 

SPECIAL  MACHINERY 
TRANSPORTATION 

TOTAL 


8.877 

131.2 

364 

5.2 

18.3 

27.0 

• 

a6 

9,241 

$182.3 

Fig.  2.5-47  Non-Recurring  Production  Cost 
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(e)  Manvif&cturlng  Engineering  emd  Research 

(f)  Methods  emd  Time  Standards 

(g)  Initial  Ih.ckaglng  and  Handling 

♦(h)  Fabrication  and  assembly  of  full-scale  test  hardware 

(equivalent  to  3 sets  of  droptanks)  and  a Man\ifacturing 
Development  Unit  (MIXJ)  (l  set  of  droptanks) 

(2)  Product  Assurance 

(a)  Initial  Quality  Engineering 

(b)  Tooling  Inspection 

(c)  Test  Hardware  Inspection 

(d)  Initial  Source  Product  Verification 

(3)  Material 

(a)  MaterieQ.  for  equivalent  of  k sets  of  droptanks 

(b)  Tooling  and  MTE 

(4)  Transportation  costs  from  supplier  and  subassembly  plants 
to  assembly  facilities  for  the  Test  Hardware  and  MDU  and 
transportation  of  test  hardware  to  test  facilities. 

(5)  Special  fab  and  assembly  machinery  and  equipment. 

The  recurring  production  costs  of  $1,832  million  (Fig.  2.5-48)  include 
the  following  cost  elements: 

( 1 ) Man\ifac  turlng 

(a)  Fabrication  and  assembly  of  450  sets  of  droptanks 

(b)  Sustaining  tool  design  and  maintenance 

(c)  Sustaining  planning  and  manufacturing  engineering 

(d)  Sustaining  packaging  and  handling 

♦NOTE:  Development  and  Qualification  Testing  Costs  of  Full-Scale  Test 

Hardware  Included  in  DDT&E  estimate. 
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MAMHOURS  $ 

(Thousands)  (Millions) 
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Va> 

I 

VJI 
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PROGRAM  MANAGEMENT 

466 

7.6 

SUPPORT  ENGINEERING 

Z6 

MANUFACTURING 

42.763 

636.0 

PRODUCT  ASSURANCE 

6.713 

95.5 

MATERIAL 

1.074.6 

TRANSPORTATION 

1 

15.7 

• 

• • 

TOTAL 

% 

• 

50.099 

$183^0 

Fig.  2.5-48 

Recurring  Production  Cost 
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(2)  Product  Assurance 

(a)  Sustaining  Quality  &igineering 

(b)  Fab  and  Assembly  Inspection 

(c)  Continuing  Source  Product  Verification 

(3)  Program  Management  and  Support  fiigineering 

(4)  Material  for  4^0  sets  of  droptanks 

($)  Transportation  from  supplier  and  subassembly  plants  to 

assembly  facility 

• Conclusions . The  distribution  of  costs  by  cost  element  (Fig.  2. 5-49) > 
by  hardware  item,  and  by  material  type  (Fig.  2.5-30)  resulted  in  the 
identification  of  areas  requiring  further  design  effort  and  continuing 
cost  analysis  to  ensure  the  design  and  development  of  the  lowest  cost 
droptanks  consistent  with  system  requirements.  Hie  prime  cost  drivers 
identified  are  the  ring  forgings,  the  thrust-cone  forgings,  euid  the  ^ 

thick  plates  from  which  integrally  stiffened  skin  panels  are  machined. 

The  distribution  of  costs  by  time  (Figs.  2.5-51  and  2.5-52)  indicates 
the  necessity  for  a commitment  of  substantial  nonrecurring  costs  for 
planning  and  tooling  to  enable  a manufacturer  to  attain  the  lowest  possible 
recurring  production  costs. 

2. 5. 3.8  Summary  of  Cost  Estimates.  In  an  earlier  section,  details  of  the 
UtSC  production  and  cost  estimating  effort  was  described  euad  essential  dif- 
ferences between  the  approaches  taken  by  I^C,  GELAC,  and  GALAC  were  discussed. 

This  section  shows,  in  summary  form,  the  results  of  the  three  Independent 
costing  estimates  (Fig.  2.5-53)>  and  the  differences  in  estimates  for  the 
major  cost  elements  (Production  labor.  Quality  Assxurance  labor.  Material  and 
others).  The  total  program  cost  for  producing  the  required  453  sets  of  drop- 
tanks  ranges  from  $2.08  billion  to  $3*45  billion,  representing  an  average 
cost  of  $4.6  million  to  $7*6  million  for  each  droptank  set.  With  a dry  weight 

. ) 

2.5.3-56 

LOCKHEED  MISSILES  dc  SPACE  COMPANY 


Fig»  2.5-50  Material  Cost  Distibution  - IKSC 


LMSC-A989142 

Vol  II 


CUMUIATIVE  COST  (JMILLIONS) 


S254  MILLION 


CUMULATIVE 
COST  V 


- NONRECURRING 


“ RECURRING 


ANNUAL. 

COST 


72  73  ' 74  75  76  77  78  79  80  8 1 82  83  84  85  86 

CALENDAR  YEAR 


Fig.  2.5—52  Production  Cost  Distribution  - LMSC 
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2.6  AERODYNAMICS 

2.6.1  Introduction 

Aerodynvnlc  characteristics  are  presented  for  the  entry  and  launch  configurations 
of  the  Lockheed  version  of  the  stage- and- one- hedf  concept.  The  system  consists 
basically  of  a reusable  delta  lifting-body  orbiter  on  which  are  instedled  the 
total  ascent  propulsion  system  and  expendable  propellant  droptanks. 

2.6.2  Aerodynamic  Requirements  (Orbiter) 

Several  basic  aerodynamic  requirements  have  been  imposed  on  the  orbiter 
configuration  - either  from  the  NASA  or  from  Lockheed.  Since  the  majority 
of  entry  flight  time  is  in  the  subsonic  and  hypersonic  speed  regimes,  the 
aerodynamic  design  emphasis  has  been  largely  influenced  by  the  requirements 
associated  with  these  particular  regimes.  The  basic  aerodynamic  performance 
philosophy  is  to  attain  the  majority  of  the  required  UOO-nm  crossrange  thro\igh 
the  use  of  the  hypersonic  llft-to-drag  ratio  (l/d)  and  to  eujhieve  adequate 
subsonic  L/D  for  an  acceptable  landing  appro£u:h;  subsonic  L/D  also  significantly 
impacts  the  orbiter  ferry-rsmge  capability.  Therefore,  the  transonlc/super sonic 
performance  heis  been  purposely  desensitised— the  prime  requirements  in  this 
regime  being  stability  and  control.  Neutral  or  better  longitudinal,  lateral, 
and  directional  static  stability  have  been  emphasized  throughout  the  operating 
attitudes  and  Mach  numbers.  Sufficient  trim  authority  must  be  available  to 
accommodate  the  center-of-gravity  extremes  afforded  by  the  various  payload 
combinations  — both  with  and  without  airbreather  engines.  When  aerodynamic 
heating  is  severe , an  additional  requirement  has  been  imposed  to  limit  the 
windward  trim  and  control  surface  deflections  to  5 deg  or  less  thus  assuring 
TPS  material  compatibility  with  anticipated  thermal  environment. 

2.6.3  Configuration  Description  (Orbiter) 

The  orbiter  is  a delta  planform  lifting-body  with  appropriate  aerodynamic 
surfaces,  configured  for  adequate  performance,  stability,  and  coiitrol.  Leading 
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edge  sweep  and  radii  have  been  parametrically  studied  to  assure  aerodynamic 
and  aerothermodynamlc  compatibility.  A triangular,  flat-bottom  body  surface 
is  required  to  assure  a s\iccessful  compromise  between  subsonic  trim  and 
hypersonic  longitudinal  stability  and  trim.  TOie  aft  body  is  shaped  to  eliminate 
flow  separation  and  to  minimize  the  large  base  area  associated  with  the  stage- 
and-one-half  concept.  Aft-body  compression-sharing  surfaces  have  been 
u'tlllzed  in  an  attempt  to  optimize  the  beislc  body  shape  for  hypersonic  yaw 
stability  considerations.  Ideally,  the  body  sides  are  rolled  in  to  prevent 
excessive  heating,  drag,  and  loss  of  directional  stability  at  the  hypersonic 
d.esign  angle- of-attack.  To  feuiilitate  improved  packaging  capability  — 

specifically  where  it  enhances  a forward  eg  location  - the  forebody  side  roll- 
in  requirement  has  been  relaxed  to  some  extent. 


To  accommodate  the  aft  eg  locations  inherent  in  the  delta-body  stage- and- one-half 
orbiter,  the  addition  of  aerodynamic  s\irfaces  is  necessary  to  provide  acceptable 
longitudinal  and  dlrectloneG.  static  stability  margins.  Two  aft-mounted  side 
fins  have  been  sized  and  positioned  (toe-in  and  rollout),  based  on  directional 
stability  requirements  throughout  the  operating  speed  regime.  Also,  the  fins 
contribute  significantly  to  the  low-speed  llft-to-drag  performance  and  longl- 
tiidinal  stability. 


An  aft  trim  flap  hinged  at  the  body-bottom  base  has  been  sized  to  allow  accept- 
able hypersonic  stability  and  subsonic  trim  authority.  Pitch  control  is 
accemplished  by  deflection  of  two  elevon  surfaces  which  comprise  the  aft  portion 

of  the  trim  flsp.  These  same  surfaces  can  be  differentially  deflected  for  roll 
control  and  roll  damping* 

Roll  coordination,  dutch  roll  mode  damping,  crosswlnd  landing  and  sideslip 
control  capability,  pitch  trim  axithority,  emd  hypersonic  yaw  stability  €U*e 
provided  by  two  rudders  (one  on  each  fin).  A speed  brake-control  surface  is 
located  beneath  each  rudder  to  provide  glide  path  control  and  also  can  be  used 
to  increase  hypersonic  yaw  stability. 
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Two  elevons  are  moiinted  on  the  orhlter  upper  surface  hetween  the  vertical  fins. 
The  functions  of  these  surfaces  are  roll  control  emd  damping,  takeoff  rotation, 
landing  trim  emd  derotation,  transonic/supersonic  pitch  stability,  and  trim 
authority. 

2.6,4  Flight  Characteristics  (Orblter) 

An  experimental  wind  tunnel  program  was  funded  under  the  Alternate  Concept 
Study  to  Investigate  the  aerodynamic  characteristics  of  the  Lockheed  (LS  200-5) 
delta  lifting-body  orbiter  and  the  stage-and-one-half  launch  vehicle  in  the 
NASA  Ames  6 ft  x 6 ft  £md  the  Langley  Unitary  Plan  Wind  Tunnels.  Concurrent 
with  this  contract  effort,  a 0.03  scale  model  of  the  LS  200-5  orbiter  with 
parametric  variations  was  designed,  fabricated,  and  tested  by  IMSC  in  the 
Lockheed  8 ft  x 12  ft  Low  Speed  Wind  Tunnel.  The  objectives  of  both  programs 
respectively  were;  (1)  to  provide  an  experimental  data  verification  of  the 
aerodynamic  estimates,  and  (2)  to  define  a credible  baseline  of  data  for  future 
engineering  studies. 

The  current  orbiter  configviration,  identified,  as  LS  200-10,  utilized,  the  findings 
of  the  LS  200-5  wind  tuxmel  tests  and,  consequently,  reflects  minor  external 
geometry  differences.  Ifaless  noted  otherwise,  the  LS  200-5  aerodynamic 
characteristics  presented  in  the  following  discussion  are  considered  to  be 
representative  of  the  current  LS  200-10  desitm. 

The  stage-and-one-half  orbiter,  depending  upon  mission  requirements,  can  have  a 
eg  location  between  75.1  and  78  percent  of  the  reference  length  (l46  ft)  i.e. 

F.S.  1316  and  1367,  respectively.  The  loilowing  charts  will  present  pertinent 
aerodynamic  characteristics  throughout  the  entry  speed  regime,  emphasizing  these 
two  centers-of-gravity  and  the  flexibility  of  the  delta-body  orbiter  to  accom- 
modate these  extremes. 

These  data  will  be  discussed  by  speed  regime  - subsonic,  transonic/supersonic 
and  hypersonic  - followed  by  summary  charts  of  general  aerodynamic  characteristics 
and  specific  cases  relating  the  reference  entry  trajectory.  Figure  2.6-1  identi- 
fies the  axis  system  and  the  nomenclature  used  throughout  this  section. 
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2. 6. 4.1  Subaonlc.  A low-epeed  wind  tvsmel  test  (Fig.  2.6-2)  vets  conducted 
at  the  Lockheed  8 ft  x 12  ft  Low-Speed  Wind  Tunnel  on  a 0.03  scale  model 
of  the  delta  Uftlng-hody  orblter.  A wide  variety  of  configuration  comiblnatlons 
were  run  In  an  effort  to  optimize  the  low- speed  aerodynamic  configuration  (see 
Ref.  2.6*1).  Figure  2.6-3  Indicates  acceptable  longitudinal  stability  and 
trim  characteristics  for  the  anticipated  center- of-gravlty  extremes.  The  trim 
lift  coefficients  and  Uft-to-drag  ratio  cure  presented  In  Fig.  2.6-4.  Maximum 
trimmed  Uft-to-drag  ratios  of  5*45  and  5»05  are  predicted  for  the  fore  and  aft 
eg,  respectively.  All  L/D  data  Include  the  total  drag  of  the  vehicle  (including 
realistic  bane  drag) . Lemdlng  speeds  have  been  computed  at  various  angles-of- 
attack  using  the  aforementioned  trimmed  lift  coefficients.  Aged.n,  the  mission 
extremes  have  been  presented  to  Illustrate  the  range  of  anticipated  1 iwfli ng 
speeds  and  attitudes  (Fig.  2.6-^). 


Tiandlng  Speed 
Condition  at  »L/Dj^ax 

4cac  lb  Cargo  In/Alrbreather  Engines  195  Kt 

Out  (Most  Forward  CG) 


Landing  Speed 

at  «*  - 

Tedlscrape 

164  Kt 


Cargo  Out/Alrbreather  Engines  In  l82  Kt  l46  Kt 

(Most  Aft  (XJ) 


♦Tallscrape  = 22  deg 


It  should  be  emphasized  that  ground  effects  have  not  been  Included  but  are 
available  and  Indicate  reduced  landing  speeds  and/or  attitudes  from  those 
shown  In  the  above  table. 


2. 6.4 .2  Transonic /Supersonic . A 0.01  scale  steel  model  of  the  orblter 

configuration  was  tested  In  the  NASA/Ames  6 ft  x 6 ft  tunnel  and  the  NASA/ 
Langley  IMltary  Plan  Wind  Tuimel  (see  Fig.  2.6-6).  The  majority  of  effort 
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was  concentrated  on  obtaining  configuration  combinations  which  would  allow 
acceptable  static  stsblllty  and  trim  authority  for  the  eg  range.  Considerable 
pitch  and  sideslip  data  are  available  between  Mach  0.6  and  4.6  (see  Section  3.5, 

Ref.  2.6-2).  Figure  2.6-7  presents  the  longitudinal  stability  and  trim 

characteristics  at  Mach  1.2  and  is  typical  of  this  speed  regime. 

I^ersonic.  Hypersonic  characteristics  are  presented  in  Figs.  2,6-8 
and  2.6-9.  These  are  bas^d  on  the  Hypersonic  Arbitrary  Body  Computer  Program 
modified  to  reflect  previously  obtained  increments  between  experimental  and 
analytical  resxats  on  a similar  configuration. 

The  vehicle  is  longitudinally  stable  and  trlmmable  over  a wide  reuige  of  angles- 
of-attack.  Consistent  with  the  anticipated  thermal  environment  and  the 
thermal  protection  system  material,  no  windward  deflections  in  excess  of  2 deg 
are  required  for  hypersonic  trim.  Maximum  trimmed  L/Ds  of  1,62  to  I.65  are 
attained  for  the  fore  and  aft  eg  location.  The  LS  200-10  configuration  has  a 
hemispherical  nose  cap,  rather  than  the  2:1  ellipsoid  of  revolution  employed 
by  LS  200- 5.  Also,  it  has  reduced  fin  leading  edge  radii.  These  differences 
should  produce  decreased  hypersonic  drag  resulting  in  maximum  trimmed  L/Ds  of 
1.87,  No  significant  change  in  stability  would  be  predicted. 

2, 6.4 .4  Summary.  Directional  stability  has  been  expressed  in  terms  of  the 

dynamic  yaw- stability  derivative,  Cn*  , where; 

“Dynamic 

Cno  = Cna  cos  a - C/«  sin  cr  ) 

^Dynamic  “Body  Axis  ®Body  Axis  V^xx/ 

Figures  2,6-10  through  2.6-12  are  plots  of  ^gpynamlc  nvunber  and 

angle-of-attack  at  various  rudder  ccanbinations;  rudders  deflected  in  20  deg, 

0 deg,  and  out  10  deg.  The  selected  mode  of  rudder  biasing  is  dependent  on 
the  Mach  number.  Bnphasizing  aerodynamic  heating  constraints,  the  rudders  are 
nominally  set  at  0 deg  above  Mach  6.0.  In  the  speed  regime  of  Mach  2 to  6,  the  rudders 
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are  flared  10  deg  out  to  Increase  directional  stability, 

thus  effectively  increasing  the  euigle-of-attack  range  where  stability  is  main- 
tained, The  rudders  are  biased  inward  20  deg  between  Mach  0.6  to  2,0  to  improve 
the  trim  authority  as  required  for  the  far  forward  eg  locations.  In  the  landing 
approach  (Mach  0.6  to  touchdown),  the  rudders  have  been  nominally  set  at  25  deg 
and  15  deg  in  for  the  fore  and  aft  eg  location,  thus  taking  advantage  of  the 
positive  trim  pitching  moment  increment,  increased  L/D,  and  slightly  Increased 
longitudinal  stability  offered  by  the  rudder  biasing. 

Maximum  trimmed  lift-to-drag  ratio  is  presented  versus  Mach  number  for  the 
eg  extremes.  Full-scale  subsonic  conditions  indicate  trimmed  of  5.45 

and  5.85  and  1.62  and  I.65  for  the  hypersonic  conditions  (see  Fig.  2.6-I3). 

The  hypersonic  L/Ds  are  representative  of  flight  conditions  at  Mach  20  and 
200,000  ft  altitude.  As  previously  discussed  under  hypersonic  llft-and-drag 
characteristics,  (Fig.  2.6-9),  the  maximum  trimmed  L/D  of  the  LS  200-10 
orbiter  is  estimated  at  I.87  rather  than  I.65. 

The  most  descriptive  summary  plots  illustrating  the  delta-body  orbiter  flight 
capability  are  shown  in  Figs.  2.6-14  and  2,6-15.  These  plots  cleeu*ly  Illustrate 
the  trimmed  angle- of-attack  range,  where  neutral  or  better  static  stability  are 
achieved  by  indicating  the  boundaries  where  neutral  stability  occurs.  The  figures 
also  indicate  areas  where  the  boxmdaries  are  determined  by  criteria  other  than 
stability  “ e.g,  pitch  trim  authority.  As  can  be  observed  from  both  figures, 
there  is  a sizable  operating  corridor  throughout  the  entry  Mach  numbers  where 
the  vehicle  is  staticaQly  stable  and  trlmmable.  There  are  "NO  OPERATING  AREAS 
OF  AERODfNAMIC  INSTABILITI. " 


Figure  2.6-16  is  a typical  reference  entry  trajectory  for  the  high- crossrange 
mission  •“  illustrating  angle- of- attack,  Mach  number,  altitude,  and  crossrangc. 
Since  the  majority  of  crossrange  is  attained  at  hypersonic  speeds,  considerable 
freedom  is  available  to  tailor  the  trajectories  below  Mach  6.0  to  conform  with 
the  aforementioned  aerodynamic  operating  corridor,  Figvtres  2.6-17  2.6-18 
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present  the  pitch  stability  margin  and  the  directional  stability  summaries  of 
the  delta-body  orbiter  for  this  particular  reference  entry  trajectory.  As  is 
evident,  the  configuration  is  longitudinally  and  dlrectloneLily  stable  and 
attains  at  least  UOO-nm  crossrangc  for  all  cases. 

In  conclusion,  it  can  be  stated  that  the  Lockheed  delta  lifting-body  orbiter 
has  excellent  eierodynamlc  chareu:terlstlcs  and  is  acceptable  eis  a candidate 
for  the  space  shuttle  orbiter. 

2.6.5  Aerodynamic  Requirement  (Laxonch  Vehicle) 

Aerodynamic  performance  considerations  have  been  minimal  in  the  launch  vehicle  system  i 

arrangement.  However,  acceptable  relationships  between  the  launch  system 

center- of- gravity  locations  with  available  aerodynamic  static  stability  and 

engine  gltnbal- control  capability  — have  influenced  the  tank  placement  on  the 

orbiter.  Also,  the  tanks  forebody  shape  and  arrangement  was  considered  in 

trade  studies  on  minimizing  ascent  drag  losses. 

2.6.6  Configuration  Description  (Launch  Vehicle) 

The  lataich  configuration  consists  of  the  previously  described  orbiter  with 

two  external  side-mounted  propellant  (LOg  emd  L^)  droptanks.  These  are 

described  in  considerable  detail  in  Section  2.5.  Ihe  launch  vehicle  axis 

system  is  referenced  to  the  orbiter  system  shown  in  Fig.  2.6-1.  All  moments 

are  referenced  about  the  lavaich  vehicle  nose  station  with  the  reference  length 

equal  to  2472  in.  and  the  reference  area  equal  to  12,463  ft  . = 

2.6.7  Flight  Characteristics  (Launch  Vehicle) 

The  stage- and- one-half  launch  configuration  was  tested  between  Mach  Nxmiber  0.6 
and  2.0  in  the  NASA  Ames  6 ft  x 6 ft  Wind  Tunnel  (Fig.  2.6-19)  with  the 
transonic  region  of  maximum  dynamic  pressure  being  of  most  Interest.  Carpet 
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plots  of  the  vehicle's  normal  force,  axial  force,  and  pitch  stability 
chareujterlstics  with  Mach  number  (0.6  < < 2.0)  and  angle- of- attack 

(-6  deg  < ^ deg)  ®^e  presented  in  Figs.  2.6-20  through  2.6-22. 

A s\anmary  of  pertinent  longitudinal  linear  characteristics  (normal  force 
coefficient  slope,  pitch-plane  ewrodynamlc  center  location,  and  zero  lift-drag 
coefficients)  is  shown  in  Fig.  2.6-23.  A similar  summary  of  lateral-directional 
characteristics  (side- force  derivative,  yaw-plane  aerodynamic  center  location, 
and  rolling-moment  derivative)  is  presented  in  Fig.  2.6-2U. 


The  pretest  estimates  have  €aso  been  included  on  these  summary  plots  and  are 
indicative  of  reasonable  correllation.  Comparing  with  the  estimated 
aerodynamic  characteristics,  the  data  show  less  drag,  more  , approximately 

the  same  pitch  plane  aerodynamic  center  location,  further  aft  yaw  plane 


aerodynamic  center  locations,  and  mol’s  negative 
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Fig.  2.6-9  Lift  and  Drag  Characteristics 
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2.7  AEROTHERMODYMMICS  AND  TPS 


Thermodynamic  emalyses  were  performed  to  establish  orblter  entry  heating  bound- 
aries, to  define  the  entry  thermal  environment,  and  to  determine  thermal  pro-  j 

tectlon  system  (TPS)  materlali  ind  Insvilatlon  requirements.  Prlmeury  res\ilts 
of  these  studies  are  presented  below,  following  a discussion  of  orblter  heat- 
ing prediction  methods.  Predictions  of  the  droptaxik  thermed  environment  and 
TPS  requirements  are  contained  In  Appendix  A. 

a 

2.7>1  Aerothermodynamlc  Prediction  Methods 

During  the  past  several  years,  approximately  1000  wind-tunnel  occupancy  hotirs 
have  been  ejq>ended  by  Lockheed  in  obtaining  heat  transfer  and  flow  field  data 
on  delta-body  configurations.  In  addition,  extensive  wind  txinnel  testing  of 
lifting -body  configurations  has  been  accomplished  by  NA.SA.  and  the  Air  Force. 

Analysis  and  correlation  of  these  data  have  resulted  in  aerodynamic  heating 
prediction  methods  suitable  for  orblter  preliminary  design  calculations. 

Table  2.7-1  summarizes  the  methods  used  to  generate  the  aerothermodynsmlc  data  * 

presented  In  this  report.  In  all  cases,  heating  rates  sore  based  on  I962  Stsuad- 
ard  Atmosphere  data  (Ref.  2.7-1)  and  Hansen's  equilibrium  air  properties  (Ref. 

2.7-2).  Heating  rates  to  the  body-  and  fin-leading  edges  are  based  on  iso- 
lated swept-cylinder  theory  , with  emplricsuL  corrections  applied  to  fin-leading 
edge  predictions  to  account  for  flow- interference  effects.  No  evidence  of 
shock  impingement  has  been  observed  on  the  fins  smd  the  slight  heating  in- 
creases, relative  to  Isolated  cylinder  theory,  are  assumed  to  resvilt  from  flow 
disturbances  created  by  the  body  shockwave.  15ae  leading-edge  boundary- layer- 
transition  criteria  are  (l)  Re^p  = 800,000  for  \indlsturbed- leading  edges,  such 
as  the  body-leading  edge,  and  (2)  Re^  «=  200,000  for  the  fin.  These  criteria 
are  based  on  recommendations  of  Bushnell  (Ref.  2.7-3)* 
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Lower- svirface  heating  rates  are  computed  by  the  reference  enthalpy  (Ref.  2. ?-*♦•) 
and  Spalding-Chi  (Ref.  2.7-5)  methods  for  laminar  emd  turbulent  flow,  respec- 
tively. anpirical  outflow  corrections  (Ref.  2.7-6)  are  applied  to  accovint  for 
stresunline  divergence  at  high  angles -of -attack.  Local  flow  properties  are 
based  on  real  gas  oblique  shock  theory  whenever  the  shockwave  is  attached 
(aS  U5  deg)  and  by  swept-cylinder  theory  when  the  shock  lb  detached.  Except 
for  leading  edge  regions,  the  onset  of  bo\mdary  layer  transition  is  based  on 
the  following  criteria,  as  recommended  by  the  Space  Shuttle  Heating  ftinel 
(Ref.  2.7-7): 


(Re^/ft)^*^  * ^ 

where  the  local  angle-of -attack  fvuaction,  f (»l)  , is  10  for  0?^  k 20  deg  and 
increases  to  20  for  <>^“60  deg.  Progressive  transition  is  assvuned  with  the 
end-of- transition  Reynolds  nmber  twice  the  onset  vBd.ue. 

Base  heating  rates  for  both  ascent  and  entry  were  computed  using  NASA-generated 
data  (Ref.  2.7-d)>  Although  the  base  heating  levels  diurlng  engine  operation 
(ascent)  establish  the  peak  heat  shield  temperature,  the  base  TPS  is  sized 
from  entry  considerations. 

References  2.7-6,  2.7-7#  ajid  2.7-9  contain  more  detailed  descriptions  of  the 
heating  prediction  methods.  Including  the  equations  solved  and  the  mechanics 
of  the  computational  procedures. 

2.7.2  Entry  Heating  Botindaries 

Heating  bovindaries  have  been  generated  for  the  delta-body  orbiter  to  serve  as 
a constraint  in  entry- trajectory  analyses.  As  shown  in  Fig.  2.7-1#  the  heat- 
ing boundaries  are  based  on  temi)erature  limits  of  2300°P  for  the  lower  surface 
«mt^  fin-leading  edge,  and  26 '0  F for  the  nose  cap.  These  temperatures  are  the 
assvuned  design  limits,  with  200°F  margin,  for  the  proposed  heat  shield  materials 
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(^“1500  up  to  2300°P;  coated  tanted.vim  up  to  2600°P).  The  governing  con- 
straint at  high  velocities  and  low  luigles-of -attack  is  laminar  heating  to 
stagnation  regions,  whereas  the  constraint  at  lower  velocities  is  ttarhulent 
heating  on  the  lower  surface.  Pigure  2.7-2  shows  the  individual  heating 
boundaries  from  Pig.  2.7-1  in  composite  form. 

To  satisfy  fin  heating  constraints,  a minimum  angle-of -attack  of  about  32  deg 
is  employed  at  puUup.  The  angle -of -at  tack  is  subsequently  reduced,  for  large 
crossrange  missions,  to  increase  the  lift-to-drag  ratio.  Ihe  bank  angle  is 
also  modulated  during  entry  to  follow  the  heating  boundaries  and,  thereby, 
minimize  entry  duration  and  TPS  insulation  weight. 

2.7*3  Entry  Thermal  Ekivlronment 

Pigure  2.7-3  shows  the  stage-and-one-half  design  entry  trajectory.  “nilB  tra- 
jectory, designated  RE-21U,  generates  1,126-nm  crossrange  frf>^  a 270-nm,  55-deg 
Inclination  orbit.  Entry  time  from  U00,000  ft  to  touchdown  is  2,600  sec,  in- 
cluding approximately  500  sec  for  go-around.  The  heating  duration,  however, 
is  less  them  1,700  sec. 

Pigure  2.7-^  shows  surface-temperature  histories  at  representative  stagnation 
region  and  lower  centerline  locations  for  trajectory  RE-21U.  Pigvjre  2.7-5 
shows  the  LS  200-10  orbiter  peedc  surface  temperatures  in  the  form  of  isov.herms; 
these  are  radiation  equilibrium  temperatures  based  on  a surface- emittance  of 
0.8.  Peak  temperatures  are  201O°P  on  the  nose  cap,  2H0°P  on  the  body  leading 
edge,  2280  P on  the  fin  leading  edge,  2210°P  on  the  lower  surface,  and  gen- 
erally less  than  8OO  P on  the  upper  surface . Turbulent  heating  determines 
peak  temperatures  on  vlrtvBlly  the  entire  lower  surface  but  is  relatively  in- 
significant for  leading  edge  regions. 

i 

i 

Surface  temperatures  for  the  design  entry  trajectory  are  relatively  high,  be-  I 

cause  the  tmjectory  is  be,sed  on  minimm  TPS  weight.  Figures  2.7-6  and  2.7-7  [ 

i 
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show  surface-temperature  histories  and  peak-temperature  isotherms  for  an  alter- 
nate, cooler  1,100-nm  crossrange  trajectory  designated  RE-216  (see  paragraph 
2 A. 5).  Peak  teinperatures  are  26lO°F  on  the  nose  cap,  190O°F  on  the  body  lead- 
ing edge,  2080°F  on  the  fin  leading  edge,  2050°F  on  the  lower  surface,  and  less 
than  800°F  at  most  leeward  stirface  locations.  Altho\agh  the  temperatures  are 
considerably  less  than  those  for  the  design  trajectory,  the  350"Sec  increase 
in  heating  duration  results  in  a 2^CX)-lb  Increase  in  TPS  insulation  weight. 

Trajectory  RE-216  would  be  appropriate  for  a metallic  TPS,  since  the  moderate 
temperatures  permit  use  of  a nonrefractory  heat  shield  on  the  lower  surface 
and  body  leading  edges.  Furthermore,  because  the  metallic  TPS  would  use  an 
insulation  with  a density  of  about  6 Ib/ft^,  compared  to  15  Ib/ft^  for  the 
nonmetallic  system,  the  TPS  weight  penalty  associated  with  the  longer, 
cooler  trajectory  is  smaller  for  the  metallic  system. 

O 

2. 7 A Thermal  Protection  System 

Figure  2.7-8  shows  the  thermal  protection  system  selected  for  the  delta-body 
orbiter.  Heat  shield  materleJ.s  are  titanium  for  temperatrires  up  to  1000°F, 

LI-I5OO  for  1000°F  s T < 2SOO°F,  and  coated- tantaivim  for  temperatures  up  to 
2800°F.  Approximately  60  percent  of  the  orbiter  surface  area  is  protected  by 
LI-1500,  which  is  a 15  Ib/ft^,  all-silica,  rigid,  external  insulator  being 
developed  for  NASA  by  Lockheed.  On  the  orbiter-body,  the  LI-I50O  is  bonded 
to  a titanium  subpanel  which  is  attached,  thro\i^  rigid  insulators,  to  the 
aluminum  primary  frames.  On  the  fin  and  lower- trim  surface  (eleven),  LI-I5OO 
is  bonded  directly  to  the  titanium  structure.  For  leeward  surfaces  which 
experience  temperatures  below  1000°F,  the  TPS  consists  of  a titanium  heat 
shield  with  fibrous  insulation  attached  to  the  interior  surface.  Coated  tan- 
talum is  used  only  on  the  nose  cap,  since  this  is  the  only  region  which 
experiences  temperatures  above  2300°F. 

O 
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Hie  only  nonreusable  TPS  is  the  flexible  flame  curtain  used  to  seal  the  base 
area  around  the  gimballed  engines.  No  thermal  protection  Is  applied  to  areas 
where  heating  rates  are  insufficient  to  cause  temperatures  to  exceed  6CX)°F  on 
the  titanium  structure.  Affected  areas  include  the  payload  bay  door,  upper 
surface  of  the  retractable  lower-trim  surface  ( elevon) , €uad  most  of  the  fin- 
interior  surface. 


Thermal  analyses  were  performed  to  size  insulation  at  various  orbiter  locations, 
based  on  temperature  limits  of  6CX)°F  for  titanium  structure  and  300°F  for  alum- 
inum structure.  Figure  2.7-9  shows  the  thermal  conductivity  data  used  to  size 
LI-1500  insulation.  These  data  were  obtained  by  Southern  Research  Institute 
(Ref.  2.7"10)  at  pressures  of  1 and  lO"^  atmospheres  (Fig.  2.7"9)*  The  vari- 
ation of  thermal  conductivity  for  intermediate  pressure  is  assumed  to  be 
identical  to  that  obtained  for  Dyna-Flex  insulation  (Ref.  2.7“H)*  At  1 atmos- 
phere pressure,  the  LI-I5OO  conductivity  is  roughly  10-percent  higher  than  the 
conductivity  of  I5  Ib/ft^  I^yna-Flex  (Ref.  2.7-12). 

Figure  2.7-10  shows  results  of  the  LI-I500  sizing  analysis  for  the  orbiter 
lower  centerline  at  50  percent  of  the  vehicle  reference  length.  Two  TPS/ 
structure  arrangements  were  analyzed:  (l)  the  baseline  concept  with  U-I500 

bonded  to  a titanium  subpanel  which  is  mecheuaically  attached  to  external 
frames,  and  (2)  an  alternate  concept  \diereby  the  frames  are  internal  the 
LI-1500  is  bonded  directly  to  the  aluminum  skin.  In  both  cases,  the  aluminum 
skin  is  the  temperature-critical  surface.  As  shown  in  Fig.  2.7-lOa,  the  re- 
quired insulation  thickness,  based  on  a 300°F  design  temperature,  is  1.82  in. 
for  the  baseline  concept  and  2.28  in.  for  the  alternate.  Because  the  subpanel 
weight  exceeds  the  difference  in  insulation  weights,  the  baseline  TPS  is  0.27 
Ib/ft  heavier  than  the  alternate,  as  shown  in  Fig.  2.7-lOb,  However,  the 
structure  weight  for  the  alternate  concept  is  higher  and,  as  shown  in  Fig. 
2.7-lOb,  the  combined  TPS/structure  weights  for  the  two  concepts  agree  within 
two  percent.  The  concept  with  subpanel  was  selected  as  the  baseline  because 
of  its  simplier  refurbishment  requirements. 
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liable  2.7-2  summarizes  Insulation  thicknesses  emd  TPS  weights  for  the  baseline 
LS-200-10  stage-and-one-half  orbiter.  These  weights  cure  based  on  the  UOO-nm 
design  entry  trajectory  with  an  assumed  ^00-sec  go*aro\md.  To  minimize  insul- 
ation weight,  the  aluminum  structure  is  assumed  to  be  cooled  with  air  supplied 
by  ground  support  equipment,  starting  five  minutes  after  touchdown.  This  is 
accomplished  by  passing  low-velocity,  eunblent-temperatiure  air  throvigh  the  fuse- 
lage; therefore,  a minimum  of  ducting  is  required. 


I 

C 

b 


p 


Due  to  the  small  spatial  variation  in  total  heat  input,  a constant  LI-1^00 
thickness  of  1.82  in.  is  used  on  the  lower  surface.  Insxilatlon  thickness 
shown  in  Table  2.7-2  for  other  locations  are  averages  for  the  particular  s\ir- 
face  areas.  For  example,  the  body  leading-edge  insulation  thickness  varies 
from  1.82  in.  at  the  lower-surface  tangent  point  to  1.23  in*  a.'t  the  upper- 
surface  tangent  point,  for  an  area-avezaged  thickness  of  1.40  in. 


Table  2.7-2 

STAGE-AND-ONE-HALF  ORBITER  TPS  WEIGHTS* 


LOCATION 

Area  (ft^) 

t (in) 

w (lb) 

Body  Lower  Surface 

3,952 

1.82 

Body  Leading  Edge 

2,753 

1.40 

Body  l^)per  Surface  (T  i 1000°F) 

937 

1.20 

Body  Upper  Surface  (T  < 1000°F) 

3,73^ 

0.30** 

Fin  Leading  Edge 

284 

0.90 

403 

Fin  Side 

1,482 

0.70 

1,715 

Lower  Trim  Surface  (Bottom) 

1,086 

1*55 

2,468 

Nose  Cap  cuid  Skirt 

203 

— 

Base 

1,229 

0.75 

Base  Flame  Curtain 

— 

— 

777 

TOTAL 

15,660 

35,716 

♦LS-200-10  Ctonfiguration  (Drawing  SKS  100053) 
**6  PCF  I^yna-Flex;  Remainder  is  15  POP  LI-I50O 
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As  shovn  1q  Table  2.7-2>  total  TPS  weight  for  the  stage-emd-one-half  orblter 
is  35>716  lb,  based  on  application  of  thermal  protection  to  15,660  ft  of 
surface  area. 

In  addition  to  the  reaxxlta  deacribed  above  for  the  baaeline  TPS,  an  analysis 
was  performed  to  compare  active  and  passive  TPS  wel^ts  for  the  LS  200-5 
delta-body  orblter  lower  surface  as  a function  of  entry  crossrange  (Refs. 

2.7-13  and  2.7-14) . As  shown  schematically  in  Fig.  2.7-11,  the  active  TPS 
is  a redundant.  Indirect  cooling  system  vAlch  uses  water-glycol  as  the 
transport  fluid,  and  water  and  ammonia  as  expendable  coolants.  For  this 
study,  LI-1500  Insxilation  was  assumed  to  bo  bonded  directly  to  the  aluminum 
skin,  vdilch  is  cooled  by  flowing  water-glycol  through  al  ^nn^  nmn  tubes  attached 
to  the  backface.  TPS  Insulation  thickness  and  hardware  are  optimized 
for  minimum  weight  at  1,500-nm  crossrange,  and  the  reduction  is  expendable 
coolant  and  APU  fuel  weights  was  computed  for  shorter  crossrange.  For  the 
passive  system,  TPS  insulation  was  sized  as  a function  of  crossrange. 

Figure  2,7-12  compares  active  and  passive  TPS  weights  vers\xs  crossrange.  The  active 
system  weighs  about  2,900  lb  less  than  the  passive  at  minimum  crossrange, 

4,500  lb  less  at  1,100  nm,  and  5>300  lb  less  at  1,500  nm,  based  on  a lower- 

p 

surface  area  of  4,455  ft  . In  addition  to  TPS  weight  advantages,  the  active 
system  allovB  for  TPS  integration  with  other  thermal  conditioning/life- supi>ort 
systems,  provides  the  ability  to  reduce  TPS  weight  for  missions  requiring  less 
than  the  design  crossrange,  reduces  TPS  weight  sensitivity  to  crossrange,  and 
eliminates  the  requirement  for  ground  cooling.  Primary  disadvantages  of  an 
active  TPS  are  increased  costs  and  decreased  reliability,  relative  to  a pas- 
sive TPS.  Consequently,  until  more  detailed  studies  are  performed  to  sub- 
stantiate the  predicted  weight  savings  and  to  assess  cost  and  reliability 
aspects  of  an  active  cooling  system,  it  is  recommended  that  the  passive  system 
be  retained  as  the  baseline  TPS. 

O 
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2.8  STRUCTURES 
2.8.1  Introdtiction 

The  stage-and-one-half  atructural  ayetem  en?)loy8  the  delta-body  orbiter  In 
combination  with  two  nonreooverable  propellant  tank  systena  interconnected 
and  arranged  to  form  a aingle  V-type  droptank  modulo.  The  droptank  aaeembly 
ia  attached  to  the  apacecraft  at  three  looationa:  one  forward  In  the  noae 

aection  and  two  aft  at  the  apacecraft  rocket-engine  thruat  atructure.  During 
the  aoquenco  of  eventa  from  prior  to  la\jnch  releaae  to  aeparatlon,  the  drop- 
tank  module  la  aelf-a\q)portlng  to  reaiat  axial  and  bending  loade. 

The  droptank  module  atructural  concept  makea  use  of  the  elementary  three-hinged 
arch  concept.  Droptan&s  are  comprised  of  rmm  shell  elements,  stiffened 
with  longitudinal  atringors  and  circumferential  rings,  placed  internally  to 
facilitate  external  Insvilation  and  minimize  aerodynamic  heating. 

The  delta-body  orbiter  airframe  and  aerodynamic  stnrfacos  compriao  the  assemblage 
of  shell  elements  and  structural  shapes  common  to  the  aerospace  industry.  As 
will  be  dlscxissed  subseqxiently , the  airframe  structure  consists  of  aluminum 
zee-stiffened  p>anel8  s^qiported  by  aluminum  frames  cud  longerons. 
bulkheads  are  located  where  heavy  concentrated  loads  are  introduced.  Trade 
studies  revealed  that  use  of  titanium  in  the  airframe  does  not  result  in  weight 
savings.  Studies  further  revealed  (EM-L2-01-01-M1-3,  Sixth  Letter  Progress 
Report)  that  the  lightest  weight  thermal  protection  system  (TPS)  makes  use  of 
titanium  subpanels  to  which  U-1500  is  bonded.  These  subpanels,  which  are 
designed  for  airload  and  differential  pressures,  are  si5>ported  from  the  fuselage 
frames.  A titanium  payload-compartment  door  was  selected  over  aluminum,  how- 
ever, because  the  maximum  temperature  of  that  area  of  the  fuselage  is  less 
than  1000°F. 

Aerodynamic  surfaces  are  conventional  aircraft  structure  design  except  for  the 
provisions  for  supporting  ths  TPS.  Trade  s todies  revealed  that  use  of  titanlom 
In  Ueu  of  aluminoan  resiiLts  in  weight  savings.  Where  surface  teaqMratures 
exceed  1000°F,  LI-1 500  is  bonded  to  the  tltanlojm  airin  and  limited  to  a bond- 
line  teiqoeratozre  of  600°F. 
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The  stage-and-one-half  thxnist  structure  represents  about  one-third  of  the 
orbiter  velght  and  acts  essentially  as  the  "strongback"  of  the  vehicle; 
siq}portlng  the  internal  tanks,  droptanks,  and  fins.  Trade  stxxlies  resulted 
in  the  selection  of  titanivan  to  yield  the  least  velght  for  a thrust  structure. 

Conventional  materleds  are  employed  throughout  the  vehicle  system  except  for 
the  TPS.  Stxidles  show  that  considerable  weight  savings  oo\ild  be  achieved  with 
the  employment  of  beryllixan  to  such  areas  as  the  payload- compartment  door,  TPS 
subpanels,  and  aerodynamic  surfaces,  but  program  direction  required  such  con- 
siderations only  for  trade  information. 

Aluminum  is  emplc^ed  on  the  airframe  skin  where  conventional  mechauiical 

fasteners  are  \ised  and  surface  temperatures  are  limited  to  300^.  AT nm { mim 
2219-T87  is  selected  for  all  propellant  tankage,  on  the  basis  of  excellent 
fracture  toxighness,  good  ueldablllty,  axid  excellent  compatibility  with  cryo- 
genics. Tltanl\jm  6A1-4V  is  used  for  areas  where  added  strength  and/or  where 
ten^erature  extremes  prohibit  the  use  of  aluminm  without  protection.  Titanium 
6A1-4V  is  limited  to  600^.  Titanium  6Al-2Sn-4Zr-2Mo  is  selected  for  rpeoial 
areas  such  as  Mrodyncunlc  surfaces  cuid  the  payload— compartment  doors  where  the 
surface  temperatiires  are  permitted  to  reach  1000®F  without  thermal  protection. 
Also,  this  material  is  used  for  TPS  panels  for  the  fuselage,  where  it  is  em- 
ployed in  combination  with  dynaflex  for  s’jrface  temperatures  below  1000°F,  and 
with  LI- 1500  for  surface  temi>eratures  above  1000°F. 

Subseqtient  pages  of  this  section  discxxss  in  detail  the  conditions  affecting 
design,  various  structiareJ.  aspects  contributing  to  the  major  weights,  and 
structvural  concepts  peculiar  to  the  stage-and-one-half  system. 

2.8.2  Materials 

2.8.2. 1 Survey  of  Materials  and  Selection  Criteria.  Selection  of  a material 
or  material  system  is  determined  by  the  stTength,  mechanical  and  metallurgical 
stability,  and  oxidation  resistance.  Table  2.8-1  is  a compilation  of  selected 
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Table  2.8-1 

CADDIDAIE  METALLIC  SUMMARY 


Light  Metals 


Superallovs 


Melting 

Point  _ 

Designation 


Max.  Structviral 
Utilization 
Temperature 

i^y 


2219-T81 

300 

Aluminum 

1,200 

606I-T6 

7075-T6 

8A-1  Mo-lV 

250 

Titanium 

3,100 

6A1-UV 

600 

5Al-2.5Sn 

6Al-2Sn-4Zr-2Mo 

1,000 

Beryllium 

2,345 

Cross -rolled 

1,000 

Area  of 
Proposed 
Application 


Internal  load -carry- 
ing  structures,  and 
tanks 


Internal  load-carry- 
ing structiures,  and 
heat  shields 

Aerodynamic  surfaces, 
payload  -compartment 
door,  TPS  subpanels 


Nickel  Base 

2,650 

Inconel  718 
Inco  625 
Rene  4l 

1,400 

1,400 

1,600 

External  load-carry- 
ing structure  wd  heat 
shields  (l,800^) 

Dispersion- 

Strengthened 

2,650 

TD  NiCr 
TD  Ni 

2,200 

External  load-carry- 
ing structure  and 
heat  shields 

Cobalt  Base 

2,700 

Haynes  I88 

1,800 

External  load-carry- 
ing structure  and 
heat  shields 

Refractory  Alloy 

Tantalum 

5,425 

90Ta-lCW 

3,000 

No^’e  cap 

Columblum 

4,380 

Cb752 

2,500 

Heat  Shields 

Tungsten 

6,100 

V-2i  ThOg 

3,200 

Nose  cap 
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candidate  alloys,  based  on  an  analysis  of  availability,  fabrlcablllty,  mech- 
anical and  physical  properties,  and  their  maximum  structiiral  utilization 
temperature.  Illustrated  in  Table  2,8-2  are  merit  indexes,  devised  to  relate 
representative  materials  to  various  design  ;:har  act  eristics  and  to  provide  an 
efficient  index  for  materials  comparison.  Data  included  in  preparation  of 
these  indexes  incliide  the  following  factors: 

a.  Structural  stability  during  cyclic  exposure  (p/E 

c 

b . Fabricability 

c.  Physical  properties  (a,  K,  C^,  and  emissivity) 

d.  Mechanical  properties  (F^^/p,  F^y/p»  creep) 

e.  t : material  practical  minimum  gage  thiclmess 

n 

f.  Oxidation  characteristics 

g.  Metallurgical  stability  during  cycling  environment 

O 

2. 8. 2. 2 Light  Metals.  Use  of  low-density  metals  and  their  alloys,  within 
the  operating  limits  of  the  materials,  usually  results  in  an  optimum  wel^t 
stzoicture.  The  most  importeuit  considerations  in  comparison  and  selection  aure 
that  candidate  materials  be  capable  of  s\irviving  cyclic  thermal  exposures  of 
service,  have  adequate  strength,  and  are  easily  fabricated.  Material  conpeu:- 
isons  in  terms  of  the  stability  index  are  shown  in  Fig,  2.8-1. 

2. 8. 2. 2.1  Aluminum  Alloy.  Aluminvun  alloy  2219-T81  is  a leading  candidate 
for  unpressxffized  structural  applications  requiring  welding  because  of  its 
superior  strength  and  thermal  stability  at  hi^  temperatures  in  the  heat- 
treated  condition.  This  alloy  offers  excellent  formability  and  weldabilitj 
6Uid  is  available  in  all  mill  forms.  Maximum  service  temperature  should  not 
exceed  3<X)°F.  Aluminum  alloy  2219-T87  was  selected  for  teuikage  because  of 
increased  tensile  strength. 


Aluminum  alloy  7075-T6  was  selected  for  skin  panel  applications  not  reauiring 
welding  on  the  basis  of  its  high  strength,  stability,  and  good  fabricability. 
Long  service  temperatures  should  not  exceed  300°F  maximum. 
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Table  2.8-2 

MERIT  TT7TEXES  FOR  CANDIDATE  MATERIALS 


HAMM 

CAKO;OATf 

l^’ATUOAU 


WUDAilUTY^*^ 


CANOtOAH 

MATOIAL^'^ 


smjauKAL 

AffUCATlON 


22lf-Ttl 


«INC.tANK\ 

•coy 

mucnjK 


GOOD  ACIOAftllTY^  MOOOUMf 

STUNGTH 

NICM  STIENOTN.  NC 

ftACTICAL 

NOT  YiUDAMi  i 


OOOO  STt&^CTH  AHO  f AJttCAMfTT 
GOOD  STtiNGTN  ANO  PAMICAilUTV 
tow  stungth,  good  •AMICAJIUSV 


1A1-IAW-1V 

4AWV 

«A1*2,9b« 


it  SUVACl 
J^AAIY  ANO 
|S£riDh®A£Y 
.tTtJCTUif 

iHiCLO 


ANNCALB)  IAAT0UAL  WTTM  *iOOI9IATi 

TfNSiii  rtofurrifs,  oooo  omoavo 
ttStf  TANCI  TO  l.40(rp 


kYNCS  ts 


NICKEL  IASI 
ALlOYi 
INCO  A2S 


MATtlX  fTlENGT>«NO  ALLOT  KTM 
MoouATf  Ttmtii  ptopuna, 
MnALUKGICAUY  UKSIAIU  AAO^ 
l/aTf 

AC€>HAJtOCNAiU  ALLOT  WitH  MOM- 
UNSltl  ftOfUTlC.  MOOOtATl  CHT 
ttLISTANa 

uraiot  OXIDATION  ttSSTANQ 
TO  2.0001F 

AVUAGC  WllOAMUTT.  SUIJKT  fO 
lAOUrrUMLNT  AHO  AUOT  MTUTIOP 
AiOVE  l,#QCll*P 

NOT  COMmiTIVf  wnH  MECHANICAL 

piorams  of  otio  sup&uuoyi 

CANOIOATC  UNQOATCD  MA701AL  POt 
AfnJCATK)N  TO  


nt 


NAHALiOT  I 
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Fig.  2.8-1  Structural  Stability  Comparison  of  Alumin\un,  Titanixam  Alloys  and 
Beryllium 

2. 8. 2. 2. 2 Titanivun  Alloy.  Titanium  alloy  6AL-UV  has  been  examined  for  appli- 
cations up  to  600®F  because  of  its  excellent  response  to  fabricability,  high 
strength,  and  extensive  history  of  use  in  manufacturing.  Titanium  alloy 
6Al-2Sn-4Zr-2Mo,  according  to  preliminary  investigations,  will  survive  contin- 
uous service  at  1,000°F  with  good  hot-salt  stress  corrosion  characteristics  and 
is  a leading  candidate  for  heat  shields  at  temperatures  less  than  1,000°F. 


2. 8. 2. 2. 3 Beryllixjm.  Beryllium  cross-rolled  sheet  has  been  examined  for  appli- 
cations up  to  1,000®F  because  of  its  unique  combination  of  properties.  Its  hi^ 
modulus  of  elasticity  is  beneficial  to  stability-critical  structure  (e.g.,  aero- 
dynamic surfaces)  and  structure  s'ijected  to  CL’tter,  acoustic,  and  dynamic  envlrcmnents 
Its  elevated  temperature  capability  in  combination  with  its  hig^  specific  heat 
coefficient  reduces  TPS  anc*  insulation  requirements.  The  material's  high  ther- 
mal conductivity  and  dimensional  stability  leads  to  low  thermal  gradients, 
stresses,  and  warpage.  Althou^  beryllium’s  fatigue  resistance  is  excellent, 
it  i.as  other  characteristics  which  must  be  evaluated  in  terms  of  material  char- 
acterization, design  technique,  and  fabrication  methods.  Beryllium  can  be  sub- 
jected to  temperatiires  up  to  1,400^  without  material  degradation,  but  it  is 
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recoomended  that  the  temperature  should  not  exceed  1,000 *F  for  structural 
utilization. 

2. 8. 3. 3 Superallovs . The  term  superalloy  usxially  defines  the  nickel-,  cobalt- 
and  iron-base  alloys  that  are  intended  for  structural  use  in  the  tentperature 
range  of  1,000*  to  2,000 *F,  They  have  more  oxidation-resistance  than  stainless 
steels  and  display  considerably  more  strength  above  1,000*F.  Generally,  the 
cobalt -base  alloys  are  more  chemically  and  metallurgically  stable  at  hl^er  tern 
peratures  than  the  nickel-base  alloys.  Most  superalloys  display  good  weldabil- 
ity with  the  exception  of  the  thoria -dispersed  strengthened  alloys.  Therefore, 
the  me+allurgical  and  chemical  stability  must  be  considered  in  determining  the 
relative  merits  of  the  candidate  alloys  for  this  program.  Figure  2.8-2  shows 
temperature-property  data  in  terms  of  the  structural  stability  index. 


Fig.  2.8-2  Structural  Stability  Comparison  of  Candidate  High -Temperature 
Materials 

Superalloys  are  oxidation-resistant  but  will  oxidize  at  hig^  temperatures. 
Oxidation  behavior  of  a metal  or  alloy  is  dependent  upon  not  only  the  composi- 
tion of  tne  reacteuits  and  the  environment,  but  also  can  be  affected  by  the  in- 
ternal and  surface  structxire,  state  of  stress,  and  geometry  of  the  part. 

\ 
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Additionally  the  process  of  oxidation  is  sensitive  to  velocity,  density,  com- 
position, and  the  flow  pattern  of  the  oxidizing  environment.  Alloys  designed 
for  strength  may  not  have  maximum  oxidation  resistance;  when  maximum  strength 
is  desired,  protective  coatings  should  be  considered.  Usually  a ll^t  s\irf ace- 
oxide  is  desirable  for  hij^  emlttance;  however,  intergranular  oxidation  in 
small  amounts  can  be  a serious  problem  on  thin  sections.  It  not  only  reduces 
the  cross  section  but  can  act  as  a notch  in  notch-sensitive  materials.  Of  the 
super-alloys,  the  precipitation  hardenable  nickel-base  alloys,  such  as  Rene  Ul, 
are  the  most  susceptible  to  intergranular  oxide  penetration.  As  previously 
mentioned,  stress  also  affects  the  oxidation  rate.  It  appears  that  oxidation 
proceeds  at  a constant  rate  with  Increasing  stress  until  a threshold  level  is 
reached,  where  oxidation  then  proceeds  more  rapidly.  Static-oxidation  behavior 
at  one  atmosphere  is  used  for  initial  alloy  compeurlson  as  Illustrated  in  Fig. 
2.8-3.  Depth  of  penetration  per  side  for  the  candide.t  i superallcys  is  presen- 
ted — assuming  that  there  is  uniform  oxide  attack;  that  depth  of  penetration, 
extrapolated  frcmi  cvirrent  data,  is  iiniform  and  linear  with  respect  to  time  and 
temperat\ire  to  the  extrai>olated  points;  and  that  there  is  no  stress.  These 
published  data  are  substantiated  by  static  thermal  stability  tests  conducted 
in  the  NASA  Hypersonic  Wing  Stvidy.  (See  Ref.  3*8-1.) 


2. 8. 2. 3.1  Inconel  625.  Inconel  625  nickel-base  alloy  was  evaluated  for  tem- 
peratures up  to  1,400*F  (heat  shield,  1,800 *F)  because  of  its  combination  of 
desirable  properties  and  oxidation  resistance.  Haynes  alloy,  H.S.  25  (L605), 
is  considered  a backup  rather  than  primary  material  choice  because  of  higher 
weight  as  canpared  to  Inco-625.  However,  Haynes  l88  is  superior  in  thermal 
and  metallurgical  stability  and  is  the  leading  candidate  to  a maximum  service 
temperature  of  1,800  F for  heat  shields. 


2. 8. 2. 3. 2 TD-NiCr . Thoria-dlspersed  strengthened  allo^ , TD-NiCr,  was  eval- 
uated for  application  to  heat  shields  and  leading-edge  designs  up  to  2,200  F. 
TD-NiCr  is  a nickel/chromium-base  alley  strengthened  by  an  ultrafine  and  a 
hi^ly  uniform  dispersion  of  thorlc.  (ThO^)  that  has  outstanding  oxidation  re- 
sistance, structural  stability,  and  moderate  strength  up  to  2,U00*F.  This  al 
loy  was  primarily  developed  for  long-time  service  in  severe  applications  at 
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Fig.  2.8-3  Depth  of  Oxidation  Versus  Temperature  for  Rene  Ul,  TD-NiCR, 
and  H.S.  25 


temperature  ranges  bridging  that  served  by  superallcys  and  coated  refractory 
metals.  However,  the  limited  area  for  application  of  this  material  led  to 
dropping  it  from  consideration  for  this  study. 

2.8.2.U  Refractory  Metals.  Increasing  demand  for  struct\iral  materials  capable 
of  operating  at  temperatures  higher  than  superallcys  requires  consideration  of 
refractory -base  materials. 

2. 8. 2. 4.1  Colxunbium.  Columbi\am  possesses  several  outstanding  properties  that 
make  it  attractive  for  high-temperature  structural  applications.  The  metal 
and  most  of  its  alloys  possess  excellent  fabricability  and  its  density  is  less 
than  most  of  the  refractory  materials.  However,  use  of  columbium  at  tempera- 
tures greater  than  1,000*F  requires  an  oxidation-protective  system,  because 
the  oxide  of  columbium  is  nonprotective . 
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Unprotected  columbl'uin  reacts  with  oitygen  to  form  a nonadherent  oxide  at  a rate 
dependent  on  alloy  con^sition,  temperat\ire , and  environment.  At  temperatures 
greater  than  2,700*F,  the  rate  is  apparently  great  enough  to  produce  an  exo- 
thermic reaction;  i.e.,  self-sustaining.  This  pressure  and  temperature  depen- 
dent phenomenon  is  called  auto- ignition.  At  lower  temperatures,  diffusion  of 
OT^gen  causes  embrittlement  of  the  substrate.  Columbium  retains  useful  strength 
to  temperatures  approaching  3»000*F.  Consideration  of  the  appeurent  auto- 
ignition restricts  its  mEucimum  useful  temperature  to  2,700 *F.  Reuse  of  coated 
columbium  should  be  considered  to  be  2,^00 *F  maximum. 


2.8.2.U.2  Tantalum.  Tantalum,  with  its  high-melting  point,  retention  of  duc< 
tility  at  low  temperatures,  euid  excellent  fabricability,  offers  the  greatest 

rs 

ten5>eratvire  range  of  structural  usefulness  of  any  metal.  Its  greatest  poten- 
tial aa  a structural  material  lies  in  the  temperature  range  greater  than  that 
served  by  columbium.  Like  columbium,  unprotected  teuitalum  oxidizes  at  a high 
rate  when  exposed  to  temperatures  over  1,000  *F.  At  some  hig^  and  undefined 
temperature  (3,000 *F)  auto-ignition  can  occur.  Hence,  a protective  coating 
system  must  be  employed  when  service  temperatures  exceed  1,000 *F  in  oxidizing 
environments. 


2. 8. 2. 4. 3 Tungsten.  Tungsten  is  a candidate  material  for  ultrahigh  tempera- 
ture application.  If  used  in  a materials  system  employing  a silicide  protec- 
tive coating,  maximum  service  temperatures  under  oxidizing  environments  are 
limited  to  3,200 *F  because  of  coating  limitations.  Possible  use  of  this  ma- 
terial as  an  uncoated  nose  cap  is  practical  because  of  the  oxidation  mode  at 
ultrahi^  temperat\ares . However,  the  optimum  potential  of  this  candidate  sys- 
tem has  not  been  Investigated  fully  nor  considered  in  this  survey. 


2.8.3  Structural  Criteria 


Basic  criteria  and  interpretive  information  governing  structural  design  for 
all  service  conditions  to  be  analyzed  during  Iliase  A studies  are  discussed. 
Included  herein  are  design  objectives  pertinent  to  structural  design  and  basic 
design  characteristics  which  the  vehicle  must  exhibit. 
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2. 8. 3.1  Design  Ob.lectlves.  The  basic  philosophy  of  these  studies  is  that 
struct\u:al,  mechanical,  and  propulsion  elements  shall  be  designed  for  minimum 
wei£^t,  vhile  retaining  structviral  capability  for  100-mission  cycles. 

2. 8. 3. 1.1  Fail-Safe /Safe -Life . Generally,  both  fail-safe  and  safe-life  philo- 
sophies shall  be  applied  to  the  structvural  design.  In  certain  structure  cases, 
such  as  pressurized  vessels  and  landing  gear  where  this  is  In^ractlceO.,  safe-life 
philosophy  shall  be  applied. 

2.8. 3. 1.2  Performance.  Structural  design  shall  be  based  only  upon  critical 
fli^t  conditions  and  no  additional  fli^t  weight  shall  result  from  nonfli^t 
loadings  and  environments  associated  with  hniuiling,  transportation,  testing, 
erection,  static  firing,  explosions  of  support  equiianent  or  other  space  vehicles, 
or  sonic  booms.  Overall  vehicle  loads  associated  with  ferry  conditions  shall 
not  exceed  design  levels  associated  with  other  operational  modes  by  restric- 
tions on  the  aircraft  performance  envelope. 

2. 8. 3. 1.3  Safety . Structural  design  shall  be  consistent  with  strict  safety 
requirements  and  consideration  shall  be  given  to  crew  and  passenger  safety  in 
the  selection  of  concepts  and  materials  — including  flammability,  toxicity, 
escape  times,  raidiation  and  meteoroid  shielding,  amd  thermal  and  dynamic  en- 
vironments . 


2.8.3 .1.4  Mlscellameous . Structural  design  shall  (l)  en^haslze  simplicity 
and  minimum  wei^t  concepts;  (2)  enable  application  of  proven  producibllity 
techniques;  (3)  provide  for  ease  of  maintainability  euid  accessibility  with 
minimal  cost  and  fli^t  wei^t  penalties;  (4)  provide  for  interchangeability 
of  parts  without  degradation  of  struct\iral  characteristics;  and  (5)  incorpor- 
ate materials  compatible  with  parts,  components,  systems  fluids,  and  gases. 

2. 8. 3. 2 Design  Characteristics.  The  structiire  shall  be  designed  to  withstand 
simultaneously  limit  lo€uis,  presevures,  temperatures,  and  accompanying  environ- 
ments without  detrimental  deformation  or  detrimental  degradation  of  strength 
throu^out  its  senrice  life. 
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2. 8. 3 >2.1  Limit  Loads.  Vehicle  design  Unit  loads  shall  be  determined  from 
steady-state  and/or  dynamic  analyses  which,  as  appropriate,  shall  account  for 
the  following: 

a.  Vehicle  inertia,  flexibility,  and  structural  damping 

b.  Engine  thrust  auxi  thrust  perturbations 

c . Aerodynamic  characteristics 

d . Fluid  dynamics 

e.  Control -system  interactions 

In  lieu  of  dynamic  analyses,  appropriate  factors  shall  be  used.  Limit  loads 
shall  be  based  upon  combin actions  of  loads  from  various  sources  occurring  at  a 
particular  instant,  rather  than  "worst -on -worst"  approaches. 

2. 8. 3. 2. 2 Limit  Pressure  Loctds. 

Regulated ♦ Design  limit  values  for  regulated  pressure  (e.g.,  propellant  tanks, 
crew  and  cargo  compartments)  shall  be  based  upon  the  upper  limit  of  the  relief - 
valve  setting  when  pressure  is  detrimental  to  the  load-carrying  capability  of 
he  structure.  When  pressure  increases  the  load-carrying  capability,  the  lower 
limit  of  the  operating  pressxire  shall  be  used  to  determine  design  limit  load. 

Nonregulated.  Nonregulated  press\ires  (e.g.,  vented  compartments,  external  aero- 
dynamics ani  buffet  excitations)  shall  be  determined  on  the  basis  of  a rational 
statistical  analysis  of  parameters  affecting  these  load  sources  (e.g.,  trajec- 
tories) . When  the  pressure  is  detrimental  to  structure  load-carrying  capability, 
the  99.9-percent  nonexceedance  level  shall  be  used  to  determine  limit  design 
load.  When  the  pressxire  Increases  load-carrying  capability  of  the  structure, 
the  0.1-percent  nonexceedance  value  shall  be  used  to  determine  limit  design 
load. 


2.6. 3.2. 3 Design  Factors. 

Factors  of  Safety.  Factors  of  safety  shall  be  applied  only  to  mechanically 
induced  limit  loeuls  and  pressures;  thermally  induced  limit  loads  shall  not  be 
multiplied  by  a factor  of  safety.  The  factors  of  safety  shown  in  Table  2.8-3 
shall  be  used. 
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UltiBiate 

Component 

Yield 

Proof 

Liftoff 

Through 

Orbit 

Deorbit 

Through 

Landing 

General  structure 
(vented) 

1.0 

(1) 

1.4 

1.5 

Pressurized 

Compartment 

1.5 

(2) 

2.0  (3)(4) 

2.0  (3)(4) 

Cryogenic 

Pressure 

Vessels 

LHp 

(2)(5) 

2.0  (3)(4)(5) 

2.0  (3)(4)(5) 

(applied  to 
ullage  plus 
hydrostatic 
' pressure) 

^2 

(2)(5) 

1.78  (3)(4)(5) 

1.78  (3)(4)(5) 

Hydraulic - 
System  Complete 

(2) 

1.5 

2.5 

2.5 

Pneumatic  Sys- 
tem Complete 

(2) 

2.0 

4.0 

4.0 

Droptanks  Struc- 
ture, General 
_ 

1.0 

(2) 

1.4 

(1) 

( l)  Not  applicable 


(2)  To  be  determined 

(3)  In  ccmpression-critioal  cases  for  load -carrying  tanks,  a factor  of  1.5  Is 
applied  to  flight -manevtver  loads  where  the  pressure  is  stabilizing,  in 
which  case  no  factor  is  applied  to  the  pressure.  In  noncompression-critical 
cases  (where  pressure  is  nonstabilizing),  a factor  of  2.0  or  1.78  (as  appli- 
cable) shall  be  applied  to  the  line  loading  (determined  firom  combining  the 
pressure  loiid  and  the  maneuver  load)  . 

(4)  Applied  to  limit  press\ire  when  flij^t -maneuver  loads  are  insignificant 

(5)  Based  on  fracture -mechanics  analysis 


Table  2.8-3 
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Miscellaneous  Factors.  Appropriate  hazard,  fitting,  casting,  bearing,  weld, 
and  stress  concentration  factors,  as  well  as  other  special  factors  that  may 
be  relevant  to  personnel  safety,  strength,  compatibility  of  materials,  or  type 
of  construction,  shall  be  defined  and  accounted  for  In  addition  to  factors  of 
safety. 

2.8.3.2.U  Material  Allowables.  Material  strength  emd  stiffness  properties 
shall  be  based  on  sufficient  authoritative  test  data  to  establish  design  values 
on  a statistical  basis.  In  establishing  allowable  strength  properties,  the  ef- 
fects of  temperature,  thermal  cycling,  environments,  and  corrosive  agents  shall 
be  accounted  for. 


Documents  cited  In  MIL-HDBK-5A,  MIL-HDBK-17,  and  MIL-HDBK-23  are  acceptable 
sources  of  data  for  allowable  strength  properties  of  materials  emd  Joints  and 
fasteners . 


Material  A (99-percent  exceedance)  allowables  shall  be  used  In  all  applications 
where  failure  of  a single  load  path  would  resvilt  In  catastrophic  loss  of  vehicle 
structToral  Integrity.  Material  B (90-percent  exceedance)  allowables  may  be  used 
In  redundauit  structures  In  which  the  failure  of  an  element  would  not  result  In 
catastrophic  vehicle  fall\ire. 


2. 8. 3. 2. 5 Stiffness . In  addition  to  fulfilling  strength  requirements  of  the 
preceding  paragraph,  structural  design  must  satisfy  the  following  stiffness 
requirements.  The  effect  of  temperatvire  environments  on  stiffness  properties 
shall  be  accounted  for. 


Deformation  at  Limit  Load  and  Pressvge.  The  structvire  sheOLl  not  experience  ex- 
cessive deformation  when  subjected  to  limit  loads  and  pressures  In  the  coexist- 
ing thermal  environments.  Structural  deformations  shall  be  considered  excess- 
ive if  they:  (l)  cause  \mintentional  contact,  or  (2)  cause  components  to  ex- 

ceed specified  dynamic  envelopes.  There  shall  be  no  permanent  detrimental 
deformation  at  limit  load. 


2.8  ,-lk 


LOCKHEED  MISSILES  & SPACE  COMPANY 


IHGC-A989142 
Vol  II 


Deformation  at  Ultimate  Loads  and  Pressures.  Structviral  deformation  shall  not 
precipitate  a strength  failvire  when  subjected  to  ultimate  loads  aixi  pressures 
in  the  expected  coexisting  thermal  environment. 

Buckling.  Structural  components  consisting  of  thin,  cxirved,  isotropic,  or  com- 
posite sheet  shall  be  designed  so  that  (l)  buckling  resulting  in  collapse  of 
the  component  will  not  occur  from  application  of  ultimate  loads  and  (2)  buck- 
ling deformation  resvilting  from  limit  loads  shall  not  impair  functions  of  near- 
by equipment  or  produce  undesirable  changes  in  loading  distribution. 

Dynamics  and  Aeroelasticlty.  The  structvire  shall  be  designed  to  (l)  minimize 
all  detrimental  instabilities  associated  with  coupling  mechanisms  of  structur- 
al vibration  modes;  (2)  minimize  detrimental  effects  on  loads  and  dynamic  re- 
sponse which  are  associated  with  structural  flexibility;  (3)  minimize  detri- 
mental interaction  between  the  structure  and  other  vehicle  systems;  (4)  pre- 
clTide  impairment  of  safety,  performance,  and  comfort  of  crews;  and  (5)  avoid 
detrimental  effect  on  vehicle  stability  and  control. 

Provisions  shall  be  made  in  propellant -tank  design  for  possible  incorporation 
of  fuel-slosh  supporting  devices.  Necessity  for  such  devices  shall  be  deter- 
mined on  the  basis  of  the  impact  of  slosh  damping  on  overall  vehicle  loads, 
control -system  effectiveness,  and  overall  vehicle  stability. 

Vehicle  design  shall  prevent  structure-propulsion  system  coupling  (POGO)  to  the 
extent  that  (l)  loads  in  excess  of  design  values,  established  by  other  condi- 
tions, are  not  develoi>ed  and  (2)  accelerations  in  excess  of  those  specified 
for  man-rating  are  not  exceeded.  If  instabili\^  is  evidenced,  suitable  modi- 
fication to  the  coupled  system  shall  be  incorporated. 

Dynamic -Induced  Environments.  The  vehicle  shall  be  designed  to  limit  the 
structural  response  due  to  acoustic  and  aerodynamic  noise,  and  vibration  and 
shock  environments  in  such  a meuieuver  as  to  preclude  (a)  structural  failTire, 

(b)  reduction  in  service  life  to  an  unacceptable  level,  (c)  system  or  component 
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malfunction  or  performance  degradation  beyond  specified  limits,  and  (d)  im- 
pairment to  safety,  performance,  and  comfort  of  the  crew. 

Vehicle  load  structures  (such  as  brackets  eund  trusses)  shall  provide  required 
structural  stiffness  and  transmissibility  characteristics  to  limit  response 
due  to  vibration  and  shock  environments  to  those  compatible  with  component  or 
system  environmental  specifications. 

2. 8. 3. 2. 6 Tnermal  Characteristics.  The  structure  shall  be  designed  to  with- 
stand effects  of  natural  and  induced  thermal  environments  throu^out  its  ser- 
vice life.  Thermal  environments  shall  not  (l)  precipitate  failure  or  detri- 
mental deformation;  (2)  exceed  limiting  temperatures  set  for  crew,  payload, 
and  components  of  other  systems  specifications;  nor  (3)  cause  failure  to  meet 
mission  objectives. 

2. 8. 3. 2. 7 Thermal  Protection  Srstems. 

Elevated  Temperatures . The  thermal  protection  system  (TPS)  for  elevated  tem- 
peratures shall  be  designed  to  maintain  the  structure  and  other  affected  com- 
ponents in  the  vehicle  at  temperat\ires  within  design  constraints  for  all  ground- 
and  flight -operating  conditions  resulting  from  mission  requirements.  Thermal 
protection  shall  be  compatible  with  the  cryogenic  TPS  and  adjacent  structvire 
in  terms  of  temperatTire  limitations,  deflections,  and  loads. 

Cryogenic  Temperatures.  The  cryogenic  TPS  shall  be  designed  to  maintain  struc- 
tures and  other  related  components  at  temperatures  within  design  constraints 
for  all  ground-  and  fli^t -operating  conditions  resulting  from  mission  require- 
ments. Also,  it  must  be  compatible  with  the  elevated  TPS  and  adjacent  struc- 
ture in  terms  of  temperature  limitations,  deflections,  and  loads. 


I 
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2.8.4  Structural  Loads 

2. 8. 4.1  Loads  Criteria  and  Asemptlons.  The  loads  criteria  are  contained 
in  L-1 -02-1 0-MI . Excerpts  and  deviations  are  included  in  the  following 
paragraphs. 


2. 8. 4. 1.1  Maximum  aq  Condition.  The  design  maximum  product  of  pitch 
angle-of-attack  and  dynamic  pressure  diuring  ascent  is  assumed  to  be  +2000 

deg  psf.  This  value  is  substantiated  by  guidance-trajectory  computer  analysis 
which  includes  the  effects  of  a 95  percentile  quaai-steady-state  wind-speed 
envelope  for  ETR  combined  with  85  percent  of  the  99  percentile  qiiasi-square 
wave  gust.  Also,  the  trajectory  analysis  shows  that  for  the  sidewind  condi- 
tion (Pq  ),  a roll  maneuver  is  p>ossible  which  reduces  the  Pq  condition  to 
non-critical  values. 

2. 8. 4. 1.2  Orbiter  Landing.  The  orbiter  landing  condition  was  investigated 
and  found  to  be  a critical  condition.  The  criteria  sink  rate  of  10  ft/sec 
combined  with  a 1g  airload  has  been  used  for  orbiter  landing  loads  analysis. 
The  main  gear  reaction  was  found  to  be  1.7  times  the  landing  weight  of  the 
orbiter. 

2. 8. 4.1 .3  Lavuich  Release.  The  launch  release  condition  was  found  to  be  a 
critical  droptank  loading  condition.  A thrust- to-weight  ratio  of  1.25  was 
assumed.  A load  factor  of  + 0.25  6 axial  was  combined  with  the  rigid-body 
axial  load  factor  to  account  for  elastic  response  during  liftoff. 

2. 8. U. 1.4  Noncrltlcal  Conditions . Loading  conditions  Investigated  and  found 
to  be  noncritical  for  either  the  droptanks  or  orbiter  fuselage  are  as  follows; 

a.  Post  release  with  one  engine  out.  Axial  load  factor  of  1.25g  and 
+0.1g  dynamic  axial  factor. 

b.  Maximxjm  axial  load  factor  of  3g  (including  dynamic  effects). 
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2.8.4«2  Results.  The  analysis  consisted  of  determining  design  loads  for  the 
droptanks  and  orblter  for  the  critical  fll^t  conditions  of  a vehicle  design- 
ated as  LS  200-5.  Loads  found  to  be  critical  to  the  design  of  major  structural 
components  are  presented  on  the  following  Table  and  Figures: 

a.  Tanks  to  Orblter  Attachment  Reactions  and  Ascent  Load  Factors 
(Table  2.8-4) 

b.  Launch  Release  Drop  tank  Loads  In  the  Pitch  Plane  (Fig.  2.8-4) 

c.  Laiinch  Release  Droptank  Loads  In  the  Yaw  Plane  (Fig.  2.8-5) 

d.  Maximum  oq  Droptank  Loads  In  the  Pitch  Plane  (Fig.  2.8-6) 

e.  Maximum  oq  Droptank  Loads  In  the  Yaw  Plane  (Fig.  2.8-7) 

f.  Delta  Body  Orblter  Fuselage  Design  Loads  (Fig.  2-8-8) 

g.  Delta  Body  Orblter  Reentry  Pressiires  on  Fuselage  Lower  Surface; 

378  nm  Crossrange  (Fig.  2.8-9) 

h.  Delta  Body  Orblter  Reentry  Pressiires  on  Fuselage  Lower  Surface; 

1500  nm  Crossrange  (Fig.  2.8-10)  ^ 

2. 8. 4. 3 Droptank  Design  Loads.  The  determination  of  preliminary  design  loads 
for  the  droptank  was  based  on  an  evaluation  of  three  distinct  loading  condi- 
tions; those  considered  were  the  most  severe  for  the  prelaunch,  launch,  and 
ascent  phases.  The  three  condltjons  analyzed  were  (1)  launch  release  (all- 
engines operating  ),  (2)  postrelease  (one  outboard -engine  out),  and  (3) 
maximum aq  (95-percent  headwind  pl'ia  gust).  It  was  found  that  the  tank 
loads  during  the  launch  release  condition  were  more  severe  than  In  either 
tank  for  the  postrelease  case;  therefore,  the  load  distributions  for  the  post- 
release  condition  have  not  been  presented. 

Limit  loads  on  the  droptank  structure  during  the  launch-release  condition  are 
shown  In  Figs.  2.8-4  and  2.8-5  for  the  pitch  and  yaw  planes,  respectively. 
Distributions  of  bending  moment  and  axial  lead  are  given  over  the  tank  length 
and  apply  to  either  tank.  These  loads  are  entirely  Inertia-  and  -geometry- 
produced.  It  Is  considered  that  ground  winds  would  have  a relatively  Insigni- 
ficant effect  on  loads  of  this  magnitiode,  and  accordingly  they  have  been 
Ignored  In  this  analysis.  ^ 
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Table  2.8-4 

TANKS  TO  ORBITER  ATTACHMENT  REACTIONS  AND  ASCENT  LOAD  FACTORS 
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Droptank  loading  distribution  for  the  maxiimiin  a q condition  are  presented  in 
Figs.  2.8-6  and  2.8-7.  Fig.  2.8-6  shows  the  bending  moment  distribution  in 
the  pitch  plane,  resulting  from  an  angle-of-attack,  while  Fig.  2.8-7  shows 
the  momen  distribution  in  the  yaw  plane,  along  with  the  axial  load  distri- 
bution. Note  that  in  the  yaw  plane;  the  resultant  (total)  bending  moment  is 
the  root-sum-sq\iare  of  the  moments  in  the  pitch  and  yaw  planes . ^ The  loading 
for  this  condition  is  symmetrical;  therefore,  the  loading  distributions  are 
the  same  in  each  tank. 

2.8 .4.4  Orbiter  Fuselage  Design  Loads.  The  orblter  fuselage,  since  it  is 
essentially  a "shroud"  enclosing  the  payload,  crew  compartment,  and  internal 
tankage,  and  since  it  is  generally  shielded  from  aerudynamic  loading  during 
ascent,  is  subjected  to  comparatively  low  load  levels.  Althouf^,  in  the  final 
analysis,  many  separate  loading  events  must  be  examined,  it  is  considered  at 
this  time  that  the  maximum  otq  condition  during  ascent  and  the  landing- Impact 
condition  will  produce  the  most  severe  fuselage  structure  loading.  ^ 


Loading  distributions  for  the  maximum  ct  q and  landing- impact  conditions  are 
shown  in  Fig.  2.8-8.  These  loads,  as  are  the  others  presented  herein  are 
limit  loads.  Since  the  ultimate  safety  factor  for  the  orbiter  is  different 
for  ascent  than  for  descent,  a comparison  of  load  magnitudes  for  the  two 
conditions  must  take  this  into  account. 

2. 8. 4. 5 Orbiter  Lower  Surface  Reentiry  Pressures.  Orbiter  lower-surface 
pressure  time  histories  have  been  detennined  for  high-  and  low - crossrange 
reentry  trajectories.  The  high-crossrange  trajectory  information  is  contained 
in  EM  L2-06-01-M2-3,  trajectory  RE171. 

The  pressures  shown  in  Figs.  2.8-9  and  3.8-10  are  considered  to  be  uniformly 

distributed  over  the  orbiter  surface,  in  accordance  with  hypersonic  flow 

theory,  and  are  the  dynamic  component  of  total  pressure  - orbiter  internal  / 
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Fig.  2.8-7  Droptank  Loads  Max  a q Condition  Tank  Loads  in  the  Yaw  Plane 
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pi*e88tir6  a88um6d  to  b6  free— 8treain  ambient  pi^essure*  Tli/.’ever»  becauee  of  un- 
certainties in  venting  878tem  performance,  0.5  pel  ie  to  be  added  to  the  valuea 
ahown  to  obtain  deaign  differential  preeexirea  acroee  the  lower-8urface  heat 
ahield  during  reentry.  The  maximum  differential  preaaxxre  acroee  the  heat 
shield  subpanels  has  been  estimated  to  be  40.25  pel. 

2.8.5  Structural  Arrangement 

2. 8. 5.1  Droptanks . The  droptank  general  arrangement  shown  in  Pig.  1.2-3 
consists  of  two  tank  systems  interconnected  and  arranged  to  form  a single 
V— type  nonrecoverable  droptank  module,  ^is  assembly  is  attached  to  the  delta- 
body  orblter  at  three  locations:  the  forward  tie  in  the  nose  section,  and  at 

two  places  on  the  spacecraft  rocket-engine  thrust  structure.  The  forward  tie 
is  a compound  Joint  which  provides  for  pin  connection  between  each  taivk  system 
to  resist  loads  in  the  yaw  plane,  and  a link  tie  to  the  spacecraft  to  ireact 
loads  in  the  pitch  plane.  The  intertank  pin  connection  between  tank  systems 
also  provides  for  roll  stability.  Linkage  attachment  to  the  spacecraft  per- 
mits free  thermal  deformations  between  the  droptanks  and  the  spacecraft. 

Aft  attachments  to  the  spacecraft,  being  ball— Jointed  pins,  resist  loads  in 
all  directions.  The  droptanks  are  a primary  load-carrying  structure  only 
from  the  stanipoint  of  self-support  during  the  sequence  of  events  from  ground 
assembly  to  the  time  they  are  Jettisoned  prior  to  orbit  injection  of  the 
spacecraft.  The  critical  load  for  sizing  occurs  at  launch  release.  However, 
the  oq  load  condition  affects  the  design  of  the  forward  intertank/space- 
craft attach  tructure.  Tankage  external  Insulation  consists  of  a layer  of 
cork  bonded  to  the  forward  dome  and  conical  portions  of  the  oxidizer  tank, 
and  polyurethane  foam  bonded  to  the  remaining  STirfaces. 

Each  tank  system  consists  of  the  following  major  components:  LO2  tank, 

intertank  structure,  LH2  tank,  and  forward  and  aft  support  structures.  The 
prapellant  tank  material  is  aluminum  alloy  2219-T87,  selected  on  the  basis 
of  excellent  fracture  toughness,  good  weldability,  and  excellent  compatibility 
with  cyrogenic  fluids.  Aluminum  alloy  7075-T6  is  selected  for  the  intertank 
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and  forward  support  structure  on  the  basis  of  excellent  strength-to-density 
and  modulus  ratios  and  because  conventional  mechanical  fasteners  can  be  used. 
The  aft  support  structure  is  made  from  the  titanium  alloy  6A1-4V-STA,  because 
of  the  added  strength  required  to  resist  the  highly  concentrated  load  in  that 
area. 

Tank  presstire  and  temperature  criteria  are  presented  in  Tables  2.8-5  and 
2.8-6;  the  loads  are  presented  in  Section  2.8.4.  Internal  pressure  during 
the  ascent  intervals  establishes  minimum  tank  membrane  requirements.  Two 
critical  conditions  are  investigated:  launch-release  (liftoff)  condition 

and  droptank  burnout  condition.  At  liftoff,  the  load  factor  (lncl\xiing 
dynamic  response)  is  1.50.  Thus,  the  combination  of  ullage  presssure  at 
liftoff  and  hydrostatic  pressure  of  the  fluid  head  establishes  a linear 
pressure  variation  along  tho  tank  length,  but  the  tank,  in  contact  with  the 
cryogenic  fluid,  is  at  constant  temperature.  In  the  xiUage  area,  hot  gas 
causes  the  wall  temperature  to  be  hotter,  as  noted  in  Table  2.8-6.  At  tho 
conclusion  of  burn  when  the  tank  is  void  of  fuel.  Internal  pressure  is  con- 
stant thro\i^out  the  tank  (due  to  ullage),  but  wall  temperature  varies 
(linearly)  along  the  length  of  the  tank  within  the  temperature  range  shown 
in  Table  2.8-6.  In  addition  to  internal-pressrire  conditions,  the  overall 
droptank  system  is  sized  to  resist  axial  and  bending  loads  occurring  during 
ascent  while  attached  to  the  orbiter.  These  load  conditions  are  shown  and 
discussed  in  Section  2.8.4.  The  critical  load  for  design  occurs  Just  after 
laimch  release. 


Table  2.8-5 

Ullage  Pressiire 
(Eixcluding  Hydrestatic) 


Flight  Interval 

Ullage  Pressure  * (psia)  j 

L02 

WEsm 

Start  transient  to  1 sec  at  full  thrust 

18.2 

26.2 

1 to  280  sec 

18.2  sl0|g  21 .2 

23.5 

280  to  300  sec 

21.2 

27.6 

*A11  pressures  include +3  psia  to  account  for  valve  tolerance. 
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Table  2.8-6 
Tank  Wall  Temperatures 


Flight  Interval 

Taidc  Wall  Temperature  * (°R) 

“2 

LH2 

Boost  Burn 

600  Top  (village) 
162  Wetted  Tank 

360  Top  (ullage) 
40  Wetted  Tank 

* Assume  linear  temperature  profile  as  a fiuiction  of  station  from  forward 
ullage  level  to  aft  end  of  tank. 


To  facilitate  the  tank  wall  structure  design,  the  interaction  of  the  external 
loads  with  internal  ullage  pressxire  lt>  transposed  into  ultimate  shell  stress 
res\iltants  in  the  following  manner: 


Maximum  compression 

^ULT 


Maximum  tension 


F.S.  X 
F.S.  X 


A 

4.  -iS- 

• p^R 

2 

4. 

2 

me 

where: 


A = axial  force,  lb 

M =:  bending  moment,  lb- in 

Pj.  = minimum  relieving  internal  gage  pressvu*e 

(ullage  gage  pressure  less  valve  tolerance) 

p = maximum  internal  gage  pressTire 

(ullage  gage  pressure  with  valve  tolerance  inclxided) 


R = shell  mean  radius 

F.S.  = droptank  factor-of-safety  = 1.40  for  this  study 

The  droptank  stress  resultant  envelope  for  the  maximum  ultimate  tension  and 
compression  loads  is  shown  in  Fig.  2.8-11  for  the  LS  200-5  droptank  configur- 
ation. Shoxild  a tank  leak  develop  during  ascent,  compression  loads  will  not 
increase  significantly,  because  bulk  vapor  pressures  of  15.2  and  16.7  psia 
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will  be  maintained  in  the  LO2  and  LH2  tanka,  respectively,  as  long  as  fluid 
is  present.  The  LOg  value  of  15.2  psia  is  the  relieving  value  used  to  estab- 
lish launch-release  loads,  and  the  value  of  16.7  psia  is  6.5  pals  less  than 
relief  pressvure  used  to  establish  design-stress  resultants  for  the  LH2  tank. 

This  is  an  equivalent  of  526  ppi  (maximum).  Using  fail-safe  technology,  the 
effect  of  pressure  loss  at  limit  load  will  not  exceed  design  tiltlmate  loads. 

3 

2. 8.5.1 .1  Liquid-Oxygen  Tank.  This  tank  has  a voltime  of  approximately  18,200ft  , 
an  overall  length  of  62  ft,  and  a maximum  diameter  of  26  ft.  It  consists  of 
four  baric  elements:  hemispherical  nose  dome,  truncated  cone,  aft  hemispherical 

dome,  and  stub  skirt. 

The  nose  dome  contains  an  access  cover  providing  a 20-in  diameter  manhole. 

This  spun  dome  is  of  monocoque  construction  and  is  buttwelded  to  the  forward 
conical  section  which  is  also  of  monocoque  construction  and  is  builtup  of 
chemically  milled  and  rolled  plates  that  are  buttwelded.  T-section  ring- 
baffles  sectioned  together  are  located  in  this  conical  section.  The  conical 
section  is  welded  to  the  aft  hemispherical  section. 

The  aft  dome  consists  of  stretch-formed  goires  and  a spun  cap.  Parts  are  of 
monocoque  construction,  chemically  milled,  and  buttwelded.  The  cap  contains 
a 19-ln  dlamater  oxidizer  outlet.  A stub  skirt  is  welded  to  the  external 
tank  surface;  the  aft  end  of  the  skirt  contains  a ring  riveted  to  the  skirt 
shell  to  form  the  attachment  base  for  connecting  the  oxidizer  tank  assembly 
to  the  intertank  structure. 

The  propellant  volume  requirements  per  tank  include  Tillage  requirements  for 
the  orbiter  ascent  LOg  tank.  Tank-membrane  sizing  considers  two  conditions: 
liftoff  (LO)  and  droptank  burnout  (BO).  At  liftoff,  the  combination  of  load 
factor,  ullage,  and  hydrostatics  results  in  a linear  variation  of  gage  pressure 
from  top-to-bottom  of  the  tank.  In  the  ullage  area  (top),  hot  gas  causes  the 
wall  temperature  to  be  hotter  than  the  area  in  contact  with  the  cryogenic 
fluid;  this  temperature  variation  affects  material  strength  significantly 
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(Ref:  MIL-HDBK-5A,  Pig.  3.2.25>5*1 (a) ) . Material  strength,  gage  pressure, 

and  shell  i*adl\;is  determine  membrane-thickness  requirements  at  liftoff. 

At  conclusion  of  b\irn,  when  the  tank  is  void  of  oxidizer,  internal  pressure 
becomes  constant  throu^  the  tank,  but  as  the  tank  empties,  the  hot  gas 
expands  and  warms  the  tank  wall.  For  purposes  of  preliminaiy  design,  it  is 
assumed  that  the  temperatxire  variation  is  linear  from  top  to  bottom.  Linear- 
temperature  variation  causes  a nonlinear  material  strength  variation.  A 
second  set  of  membrane-thickness  requirements  are  then  determined  from  this 
condition  of  constant  pressui*e  at  BO  in  combination  with  a nonlinear  wall- 
strength  variation.  The  envelope  of  these  two  design  requirements  establishes 
gage  requirements.  A combined  plot  quickly  shows  where  each  condition  is 
critical.  All  designs  show  that  approximately  the  upper  two-thirds  of  the 
tank  is  designed  by  the  BO  condition  while  the  lower  third  is  designed  by 
LO.  Another  consideration  that  quite  often  dictates  membrane-thickness 
requirements  is  minimum  gage  limits.  Usually,  the  upper  dome  of  the  LOg 
tank  is  dictated  by  this  limitation  which  is  set  for  this  design  at  0.025  in. 

Investigation  and  design  for  external  loading  follows  the  design  for  membrane 
requirements;  two  types  of  design  may  be  considered.  The  first  design  is  a 
monocoque  shell  with  Intermediate  rings  and  the  second  design  Includes  longi- 
tundinal  stiffeners.  All  designs  of  this  class  of  vehicles  show  that  membrane 
shell— thickness  must  be  increased  beyond  that  requlied  for  maximum  Internal 
presstire  to  resist  external  bending  and  axial  loading  if  it  is  to  be  designed 
as  a monocoque  shell.  To  avoid  thickening  the  shell,  the  alternate  procedure 
of  adding  longitudinal  stiffeners,  in  general,  will  be  the  more  structurally 
efficient  (lighter  design)  way  to  resist  added  loading.  This  investigation 
requires  examination  of  throe  Important  modes  of  buckling:  local  buckling  of 

stiffeners,  panel  buckling  (between  stiffeners  and  rings),  and  general  buckling 
(across  rings  and  stiffeners). 

From  a comparison  of  the  two  concept  designs,  it  is  revealed  that  small  weight 
savings  can  be  achieved  by  consideration  of  the  longitudinal  stiffeners  for 
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the  LO2  tank.  Omitting  stiffeners  reduces  the  conijiLexity  factor  for  fabri- 
cation, decreases  proof-test  complexities,  and/or  decreases  operating-pressure 
limitations.  It  was  therefore  decided  to  use  the  monocoque-ring  stiffened 
configuration.  Details  of  this  analysis  are  presented  in  EM  L2-01-02-M5-2 

3 

2. 8. 5. 1.2  Liquid -Hydrogen  Tank.  The  tank  having  a volume  of  49,900  ft  , con- 
sists geometrically  of  six  basic  elements!  hemispherical  forward  dome,  for- 
ward stub  skirt,  cylindrical  section,  transition  section,  aft  cone,  aft  dome, 
and  the  forward  dome. 

The  forward  dome,  containing  a 20- in  diameter  manhole  system  is  similar  in 
construction  to  that  described  for  the  oxidizer  tank  domes  and  is  buttwelded 
to  the  integrally  stiffened  cylindrical  section.  This  section  is  arranged  to 
vise  five  rolled-panels  equally  spaced  and  buttwelded  to  form  a 26-ft  diameter 
barrel  section.  Two  barrel  sections  buttwelded  together  are  reqviired  to  form 
the  total  cylindrical  section.  The  integral  stiffeners  are  L-shaped,  increas- 
ing in  section  depth  toward  the  aft  end  of  the  cylinder.  Appropriate  Z-section 
rings  spaced  approximately  60  in.  apart  are  riveted  to  the  stiffener  flanges. 
Kick  rings  ars  welded  at  each  end  of  the  cylinder  at  tangent  points  with  the 
dome,  buttwelded  to  the  aft  end  of  the  tank  cylinder,  and  then  scarf ai  to  form 
butt  joint  for  welding  this  section  to  the  aft  cone.  The  aft  cone  is  construc- 
ted in  a manner  similar  to  the  cylindrical  section  with  Internal  integral 
tapered  stiffeners  and  rings  riveted  to  the  stiffener  flanges.  The  cone  is 
extended  past  the  appropriate  station  at  which  the  aft  spun  dome  is  buttwelded 
and  forms  the  aft  stub  skirt  shell.  Z-section  stiffeners  are  riveted  to  the 
internal  surface  of  this  stub  skirt  between  the  aft  dome  attachment  weld  and 
a buttwelded  er^  ring  used  for  attachment  of  the  thrust  cone  assembly. 


Volvunetric  sizing  included  3-percent  ullage  volume.  Tank  membrane  sizing 
(similar  to  the  LO2  tank  sizing)  considers  the  two  conditions:  liftoff  and 

burnout.  The  procedure  for  determining  thickness  requirements  for  each 
condition  is  the  same  as  previously  discussed  for  the  LO2  tank.  Results 
show  that  the  liftoff  condition  is  not  critical  for  the  LH2  tank.  The  aft- 
dome  thickness  is  based  on  minimum  gage  requirements.  The  aft-cone  section 
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membrane  thickness  is  sized  for  external  load  requireiaents . Internal  pressure 
is  not  a design  consideration.  As  in  the  case  of  the  LO2  tanky  the  membrane 
thickness  required  for  pressure  is  not  adeqviate  for  the  ascent  axial  and  bend- 
ing loads.  Internal  integral  stiffeners  and  rings  are  required  1 even  though 
internal-pressure  stabilization  is  considered  in  the  analysis  * Stiffeni'ig 
requirements  are  determined  using  minimized  weight  vide— column  equations  f 
equating  wide-column  buckling  to  local  buckling,  for  the  L-stlffened  shell. 

For  optimum  efficiency  (minimum  weight),  the  equation  reduces  to 


where; 

t 
R 
E 

Fig. 2. 8-12  is  a plot  of  the  above  eqimtlon  as  a function  of  (by/bg),  letting 
tw/tg  = *0.  Note  that  as  by/bs  is  reduced  from  1 .0,  I becomes  less  effi- 

cient (weight  goes  up).  Although  desirable,  optimum  efficiency  is  not  always 
possible  because  of  the  driving  parameter,  shell  thickness,  tg.  Internal- 
pressure  requirements  establish  the  minimum  membrane  thickness  that  the  tank 
must  have. 


= effective  shell  thickness,  stiffeners  combined  with  skin 
= cylinder  radius 

= material  modulus  of  elasticity  in  compression 
= plasticity  factor  = (E.p/E)^^^ 
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Fig.  2.8-12  Design  Parameters  for  L-Stiffened  Cylindrical  Shells 


Using  the  above  equation  at  discrete  locations  along  the  tank  will  yield  sets 
of  geometric  parameters  which  are  not  compatible ^ i.e.,  the  stiffener  geometry 
varies.  Compromise  is  required  to  establish  a uniform  stiffener-spacing  along 
the  length  of  the  tank,  while  providing  the  discrete  cross-sectional  area 
requirements  at  each  location  and  preserving  membrane-thickness  requirements. 
Since  bending  moment  is  a predominant  loading  and  because  the  droptank  has  a 
permanent  fixed-position  with  reference  to  loading  axes,  effective  thickness 
requirements  can  be  reduced  circumferentially  in  proportion  to  reduced  line 
load.  A practical  way  to  design  for  reduced  loading  is  to  vary  the  spacing 
of  stiffeners  arovmd  the  circximf erence . Therefore,  the  tank  is  subdivided 
into  four  quadrants  with  one  quadrant  having  the  maximum  number  of  stiffeners, 
one  quadrant  having  no  stiffeners  where  tension  exists,  and  two  qxiadrants 
having  half  the  number  of  stiffeners.  This  procedure  was  used  to  determine 
the  tank  cylinder  and  cone  weight.  Similarly  to  design  of  the  LOg  aft  stub 
skirt,  a forward  monocoque  stub  skirt  is  provided  to  facilitate  mechanical 
attachment  to  the  intertank  shell.  Also,  an  aft  stub  skirt  is  provided  to 


2.8-36 


LOCKHEED  MISSILES  A SPACg  COMPANY 


LMSC-A989142 
Vol  II 


which  the  thrust-cone  aft  stioicture  is  attached  mechanically.  The  analytical 
detail  for  this  tank  are  presented  in  EM  L2-01-024i5-2,  of  the  Fifth  Letter 
Progress  Report. 

2.8.5.'’ .3  Intertank  Structiure.  The  cylindrical  intertank  structure  is 
21.5-ft  long,  uses  two  field  Joints  to  connect  the  LO2  tank  with  the  LH2  tank, 
and  Incorporates  an  access  door.  Since  the  shell  is  not  required  to  operate 
at  si^eclfled  internal  pressures,  the  shell  geometry  is  designed  for  optimum 
Integrally  stiffened  proportions  of  longitudinal  L-stiffeners  and  circum- 
ferential rings.  To  take  advantage  of  higher  strength  pnropertles,  alvmdnum 
alloy  7075-T6  with  conventional  mechanical  fasteners  is  selected  in  lieu  of 
fusion-welded  2219  alumlnxm.  No  advantage  can  be  achieved  by  using  titanium 
in  this  area,  since  the  line  load  level  is  relatively  low  (and  cool). 

An  alternate  shell  geometry  using  open-faced  trapezoidal  shell  is  Investigated 
for  wel^t  comparison  only.  Even  though  there  is  a theoretical  weight  advant- 
age to  open-faced  corrugated  shell,  it  becomes  a poor  choice  for  this  design 
for  the  following  reasons: 

e Besides  providing  continuity  between  LO2  and  LH2  tanks,  this 
structure  also  is  used  to  connect  the  two  droptank  systems 
together  to  form  a Vee-droptank  system  and  to  provide  interstage 
attachment  to  the  spacecraft  (delta-body  orbiter).  Localized 
load  i*eactions  occur  in  the  Intertank  shell  caused  by  the  struts 
and  frames  performing  these  functions. 

e Secondly,  a slight  overpressure  occurs  around  the  shell  due  to 
ascent  angle-of-attack.  For  purposes  of  design,  it  is  assumed 
that  the  shell  must  be  capable  of  sustaining  a crushing  pressure 
of  0.7  pslg  (ultimate)  dxrring  maximum  oq.  However,  maximum  axial 
loads  do  not  occur  when  this  pressure  is  present. 

e Finally,  aerodynamic  heating  during  ascent  in  the  area  of  the 
intertank  shell  does  not  require  insvilation  if  a smooth-faced 
shell  is  used,  whereas,  open-faced  corrugation  causes  higher 
temperat\ires  which  require  insulation. 
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2. 8. 5*1  *4  Droptank  Support  Struct\ire.  The  droptank-to-epacecraft  forward 
tie  consists  of  a set  of  struts  arranged  to  permit  contraction  of  the  tanks 
vriiile  serving  as  the  base  for  supporting  a two-force  member  attached  between 
the  strut  and  the  spacecraft  nose  section.  This  tie  permits  contraction  of 
the  tanks  when  filled  with  the  cryogenic  propellant.  The  two-force  member  is 
connected  to  the  st}*uctures  via  a ball-joint  so  as  to  allow  relative  motion 
between  the  spacecraft  and  droptank  system  except  in  the  pitch  plane. 

The  aft  support  structuro  is  made  from  titanium  alloy  6AL-4V-STA  because  of 
the  added  strength  required  to  resist  the  highly  concentrated  load  in  this 
area.  This  structure  ties  the  aft  section  of  the  droptank  to  the  orblter. 

The  circular  forward  section  is  a ring-stringer  stiffened  conical  shell  which 
attaches  to  the  aft-stub  skirt  of  the  droptank  at  its  forward  end.  T^ie  aft 
end  is  a field  joint  which  attaches  to  the  aft  section  of  the  ait  support 
stnicture . 

The  aft  section  includes  a transition  from  the  circular  field-joint  section 
to  a rectangular  boxbeam  at  the  aft  end,  having  a lug- type  fitting  at  its 
end  to  which  a cylindrical  eject  pin  attaches.  This  section  performs  a dual 
i*ole  in  also  providing  the  primary  laimch  support  pjads  which  are  integrated 
into  this  structure. 

2. 8. 5. 2 Delta-Body  Airframe.  The  basic  airframe  material  is  alximinum  alloy 
with  construction  similar  to  conventional -aircraft  airframes,  consisting  of 
stressed-skin  stiffened  by  frames,  longerons,  and  stringers.  Bulkheads  are 
located  at  stations  where  heavy  concentrated  loads  are  Introduced  into  the 
basic  shell.  To  provide  a convenient  stioictural  attachment  for  the  thermal- 
protection  panels  that  form  the  external  aerodynamic  shape  of  the  spacecraft 
the  fuselage  frames  are  arranged  external  to  the  skin  rather  than  inside  as 
in  conventional  aircraft  design. 
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Designs  of  the  cover  panel  and  supporting  frane  structure  to  carry  the  critical 
» 

compression  line  loads  were  based  upon  the  following  groiudrule  constraints: 

(1)  heat-shield  design  constrains  the  primary  load-carrying  structure  to  a 
maximum  temperature  of  300°F,  (2)  the  maximum  differential  pressure  across 
'the  primary  structure  carried  by  aerodynamic  venting  loads  is  constrained  to 
0.25-psl  limit  at  the  critical  flight-loading  conditions.  To  achieve  the 
lightest  weight  structural  panel,  initial  screening  of  several  cover-panel 
configurations,  based  upon  wlde-column  analysis,  showed  that  the  corrugated- 
panel  concept,  shown  in  Fig.  2.8-13,  is  the  most  efficient  construction.  A 
comparison  of  the  weight  penalty  associated  with  the  other  configtirations 
compared  to  the  corrugated-panel  design  is  also  presented  in  the  figure. 

Values  shown  in  Fig.  2.8-13  are  based  upon  the  generalised  instability 
equation: 


2 


where 

N = line  load,  Ib/ln. 

€ = efficiency  factor 

i = average  thickness  per  unit  width,  in. 

L = panel  length,  in. 

2 

E = modulus  of  elasticity,  Ib/in 

Althoiigh  open-faced  corrugation  is  theoretically  the  moot  efficient  structural 
concept,  it  is  not  the  most  ideal  for  application  to  this  vehicle  which  is 
conically  shaped,  and  in  many  areas,  has  double  cujrvature.  Running  corruga- 
tions having  variable  pitch,  and  accommodating  changes  in  load  magnit\iie 
make  the  corrugation  concept  very  difficult  to  handle  both  for  design  and 
manufacturing.  StructuralDy,  it  also  requires  difficult  splicing  and  attach- 
ment procedures  for  doors,  frames,  and  bulkheads,  which  will  detract  from 
its  efficiency.  For  these  reasons,  the  Z-sti.'fened  panel  concept  was 
selected  as  the  primary  structural  concept  for  the  delta-body  orblter 
airframe. 
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Fig.  2.8-13  Ideal  Structxiral  Efficiency  of  Panel  Concepts 


The  orbiter 
Panel  cross 
modes  occur 
designed  to 
rigidity  is 


fuselage  panel  and  frames  are  sized  in  the  following  manner, 
sections  are  sized  such  that  local  and  general  instability  failure 
sijnultaneously . (See  equation,  page  2.8.1-39).  Frames  are 
provide  the  stiffness  required.  The  required  frame  flexural 
given  by  Reference  2.8-1 . 


where 


b = longeron  spacing,  in. 
L = frame  spacing,  in. 

= panel  line  load,  in. 
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and  the  frame  croea-eeetion  area  is 


A conventional  aircraft  fuselage  is  cylindrical  and  the  frame  sise  and  spac- 
ing is  dependent  on  shell  radivis*  The  shape  of  the  delta-body  orbiter  class 
vehicles  is  composed  essentially  of  three  flat-sided  elements,  however,  so 
that  other  techniques  are  required  for  selecting  frame  spacing  and  sise.  A 
severe  weight  penalty  occurs  if  the  frame  length  i^meins  unsupported  over  the 
entire  flat-sided  surface.  To  minimise  this  penalty,  longerons  and  posts  are 
employed  to  add  stiffhess  to  the  frames.  Longeron  s;>aclngs  of  1CX)  in.  are 
recommended  (Reference  2.8-2).  Post  supports  can  be  used  efficiently  in  the 
payload  compartment  region  as  shown  in  Fig.  2.8-lU. 


Fig,  2.8-14  Typical  Intermefiiate  Frame  Support 
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Panel  ani  frame  equivalent  thicknesses  (where  the  thickness  is  the  panel  area 
divided  by  its  width,  b,  and  the  frame  thickness  is  the  frame  area  divided 
by  the  frame  spacing,  L)  are  presented  in  Figs.  2.8-15  and  2.8-16,  respectively, 
as  a function  of  fiiselage  line  load.  The  two  materials  investigated,  7075-T6 
and  6A1-4V  titaniiam,  are  considered  to  act  at  two  discrete  temperatures: 
room  temperature  for  both,  2CX)°F  for  aluminum,  and  600°F  for  titanium. 

Titanium  at  600°F  assumes  that  TPS  reduces  the  backface  skin  temperature 
to  600^F,  and  aluminum  at  200°F  assumes  that  the  TPS  is  capable  of  reducing 
the  backface  skin  temperature  to  200°F.  The  allowable  compressive  line  load 
for  a dcin  minimum  gage  of  0.015  in.  is  also  shown  in  Fig.  2.8-15* 


The  orbiter  fuselage  loads,  presented  in  Section  2.8.4,  are  transposed  to 
line  load  intensities  using  an  LMSC-developed  computer  program.  Details  of 
this  analysis  are  presented  in  EM  L2-01-01-M1-3,  of  the  Sixth  Letter  Progress 
Report.  The  maximum  upper-  and  lower-surface  line  loads  are  shown  here  in 
Figs.  2.8-17  and  2.8-18,  respectively.  The  critical  loading  conditions  for 
the  upper  surface  is  + o»q,  while  the  lower  surface  is  critical  at  -otq  and 
landing  impact.  It  is  noted  that  most  of  the  orbiter  fuselage  shell  structure 
is  sized  by  ascent-loading  conditions.  The  1 ending- impact  condition  is 
critical  over  a relatively  small  area  of  the  lower  surface. 

Based  on  optimum  material/structure  concept  and  frame  spacing,  Z-stiffened 
aluminum  panel  and  frame  average  unit-weight  distributions  versus  fuselage 
station  are  shown  in  Fig.  2.8-19  for  the  LS  200-5  orbiter.  For  a given 
fuselage  cross-section  (station),  the  average  unit  weight  is  obtained  from 
the  ratio  of  total  cross-section  weight  per  inch  divided  by  the  cross-section 
perimeter.  The  maximum  unit  fuselage  weight  of  1.4  Ib/ft^  includes  the  weight 
of  the  payload-compartment  trough  and  a nonoptimum  factor  of  1 .25  to  account 
for  fasteners,  panel-edge  closeouts,  and  frame  stiffeners. 
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Comprculv*  Line  Load,  (It^ln.) 


Fig,  2,8-16  Effect  of  Compressive  Line  Load  on  Frame  Eqiiipnient  Thickness  for 
Frame  Spacing  of  50- in  and  Longeron  Spacing  of  100- in 
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Fig.  2.8-17  Typical  Maximum  Upper-Surface  Design  Loads  of  Delta-Body 
Stage-and -One-Half 


Fig.  2.8-18  Typical  tfeximum  Lower-Surface  Design  Loads  of  Delta-Body 
Stage-and-One-Half 
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Fig,  2,8-19  Z-Stiffened  Aluminum  Panel  and  Frame  Average  Unit  Weight 

The  value  of  1 .4  Ib/ft^  may  seem  low  in  comparison  to  aircraft  fuselages , 
but  essentially,  the  orbiter  fuselage  is  a "shroud"  enclosing  a payload, 
crew  compartment,  and  internal  tankage,  since  it  is  generally  shielded 
from  aero-dynamic  loading  by  the  droptanks  during  ascent,  and  is  subjected 
to  comparatively  low  load  levels. 

Typical  low— surface  panel  and  frame  dimensions  and  detail  design  data  for 
the  fuselage  are  presented  in  Figs.  2.8-20  and  2,8-21, 
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Fig.  2.8-20  Typical  Lower-Surface  Panel  Dimensions  of  Orbiter  Fuselage 
Structure 
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Fig.  2.8-21  Typical  Lower-Surface  Frame  Dimensions  of  Orbiter  Fuselage 
Structure 
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2‘8«5»3  Thrust  Structure.  The  delta-body  stage -and -one -half  thrust  structure 
consists  of  six  vertical  trusses^  two  horizontal  beams,  supports  for  ascent 
and  orbital  propellant  tanks,  vehicle  aft  skirt,  and  vehicle  aft  bulkhead. 

The  structural  function  of  each  thrust  structure  component  Is  as  follows. 
Vertical  trusses  distribute  thrust  loads  to  the  aft  vehicle,  provide  lateral 
stability  and  Intermediate  support  to  the  horizontal  beams,  and  act  as  a base 
for  the  tank  supports  and  engine  pitch  actuators.  Horizontal  beams  distribute 
thrust  loads  to  the  droptanks  by  bridging  the  vehicle  base;  they  provide  a 
tension  tie  for  droptank  kick  loads  and  attach  points  for  engine  yaw  actuators. 
Ascent  and  orbital  propellant  tank  supports  provide  a smooth  transition  of 
longitudinal  and  shear  loads  from  the  tank  skirt  to  the  forward  edge  of  the 
truss/beam  grid  work.  Tank  shear  loads  are  transmitted  by  vee  diagonal 
trusses  on  each  quadrant  of  the  tank  supports.  The  vehicle  aft  skirt  trans- 
mits thrust  loads  to  the  drop  tank  by  shear  flow  and  provides  a smooth  trans- 
ition of  peak  stresses  due  to  large  thrust  and  droptank  point  loads  into  rela- 
tively light  vehicle  structure.  The  vehicle  aft  bulkhead  is  formed  by  the 
aft  edge  of  the  vehicle  skirt  and  the  forward  edge  of  the  trussAeam  grid  work. 
Diagonal  members  provide  shear  stiffness  to  the  vehicle  base. 

Support  attachment  lugs  are  provided  for  engines,  glmbal  actuators,  and 
spacecraft  propellant -tankage -support  struts  on  the  appropriate  beam  or  truss. 
For  the  upper  bank  of  engines,  the  pitch -glmbal  actuators  are  attached  to  the 
base  heat-shield -mounted  lug  system,  which  is  stiffened  and  reinforced  locally 
with  diagonal  braces  to  the  beams.  The  base  heat  shield  is  mounted  essentially 
to  the  smooth  backfaces  provided  by  the  T-sectlon  aft  caps  on  the  spanwise 
beams  and  the  I-beams  aft  chorts  of  the  vertical  trusses.  The  base  heat 
shield  also  serves  as  the  shear  material,  preventing  any  translation  of  the 
beam  system  in  a sideways  direction.  Deflection  of  the  thrust  structure 
under  ascent  loading  and  resulting  effects  on  vehicle  systems  was  also  investi- 
gated. The  thrust  structure  has  been  examined  in  a materials  trade  study,  and 
titanium  was  chosen  as  the  baseline  material. 

The  LS  200-5  orblter  thrust  structure  was  sized  using  the  SUAP/FSD  finite 
element  code,  which  automatically  generates  fully  stressed  designs  of  large 

2.8  -U7 

LOCKHEED  MISSILES  A SPACE  COMPANY 


mSC-A989142 
Vc'.  II 


bar/shear  panel  structures.  The  SNAP/FSD  computer  output  Inclxides  optimum 

structural  weights,  internal  loads,  stresses,  deflections,  and  member  sizes. 

Because  of  structured  and  assigned  loading  symmetry  only  hedf  of  the  thrust 

structure  was  represented  in  the  structural  model.  Tbe  finite  element  model 

included  283  bars,  37  shear  panels,  and  122  Joints.  Minlmvun  bar  area  and 

2 

sheeu:  peutiel  thickness  was  0.5  in.  and  0.02  in.,  respectively.  The  thi^ist 
structure  factor-of -safety  for  ascent  loading  conditions  was  F,S,  ■ l.U. 

Details  for  the  LS -200-5  thrust  structure  analysis  are  presented  in  £M  L2-01- 
02-M6-1,  of  the  Fifth  Letter  Progress  Report.  Four  materials  were  originally 
considered:  (l)  T075-T6  Aluminum,  (2)  6A1-4V  Titanium,  (3)  Beryllium  cross- 

rolled  sheet,  and  (U)  260  ksl  H.T.  Alloy  Steel.  The  results,  shown  here  as 
Table  2.8-5»  were  reported  in  EM  L2-01-04-M6  of  the  Third  Letter  Progress 
Report.  Note  that  beryllium  offers  considerable  weight  savings  over  the 
conventional  materials.  The  titanium  thrust  structure,  being  the  lightest 
among  the  conventional  materials,  was  selected  as  the  baseline. 

A diagram  of  the  model  used  for  analysis,  indicating  the  load  conditions  con- 
sidered, is  shown  in  Pig.  2.8-22.  Ihe  baseline  thrust  structure  weight 
summary  for  the  LS  200-5  orbiter  vehicle  is  shown  in  Table  2.8-6.  To  estab- 
lish actual  thrust  structure  weights  for  the  IB-200-5  orbiter,  a conservative 
non-optimum  factor  of  1.5  was  applied  to  the  SNAP/FSD  model  weight  bars  and 
1.25  was  applied  to  shear  panels.  The  nonoptimum  factor  conservatively 
accounts  for  practical  design  constraints  such  as  gussets,  end  fittings,  local 
stiffeners,  standard  sheet  gages,  and  standard  structural  shapes.  Thrust 
structure  weight  for  the  LS  200-5  orbiter  is  20,757  lb. 

In  addition  to  preliminary  weight  assessment  of  the  thrust  structure,  deflec- 
tions were  examined.  Longitudinal  and  angular  deflections  of  the  horizontal 
engine  thrust  beams  for  the  LS  200-5  orbiter  are  shown  in  Fig.  2.8-23 
2.8-24  respectively.  Maximum  longitudinal  engine  deflection  on  the  upper- 
and  lower-thrust  beams  was  1.6  deg  for  engine  numbers  3 and  4 and  2.15  <ieg 
for  engine  numbers  9 and  10,  respectively.  Engine  thrust-beam  deflections 
will  be  considered  in  the  design  of  the  thrust  vector  control  system. 
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Table  2.8-5 

WEIGHT  C(»!FARISON  OF  CANDIDATE  THRUST  STBUCIURE  MATERIALS^ 
DELTA-BODY  STAGE-AND-ONE-HALF,  LS  200-2 


Candidate  Material 

SNAP/FSD 

Model  Weight  (lb) 

7075"T6  Aluminum  Extrusion 

15,51^6 

6A1-UV  Titanium  S.T.A. 

Extrusion 

12,680 

Cross -Rolled  Beryllium  Sheet 

9,746 

260  ksi  H.T.  Alloy  Steel 

(AlSl  4340  and  D6A) 

14,202 

Notes : 

1 Thrust  structure  weight  Includes: 

2 Horizontal  beams 
6 Vertical  trusses 
LHg  Orbital  tank  support 
LHg  and  LOg  ascent  tank 
Vehicle  aft  skirt 
Vehicle  aft  bulkhead 

• 

Table  2.8-5 
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Table  2.8-6 

BASELINE  THRUST  STRUCTURE  WEIGHT  SUMMARY, 
DELTA-BODY  STAGE-AND-ONE-HALF, 
ORBITER  LS  200-5 


Thrust  Structtire  Component 


Actual  Struct\ire  Weight  (lb) 
LS-200-5* 


Vertical  Trusses  at  BL 

± 48 

2,004 

Vertical  Trusses  at  BL 

± 144 

1,272 

Vertical  Trusses  at  BL 

± 2kO 

1,000 

Upper  Horizontal  Beam 

3,962 

Lower  Horizontal  Beam 

3,9*»0 

Orbital  Tank  Support 

221 

Ascent  Tank  Supports 

492 

Vehicle  Skirt 

3,382 

Vehicle  Aft  Bulkhesid 

1,772 

Droptemk  Attach  Structxire 

2.712 

Total  Thrust  Structxrre 

20,757 

Notes: 

* Nonoptiinuni  Factor,  NOF 

NOF 


1,5  for  bars  and 
1.25  for  shear  panels 


Table  2.8-6 
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Fig.  2.8-23  Longitiidinal  Deflection  of  Engine 
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l^e  results  of  this  study  further  revealed  that  a deflection  constraint  on 
thrust  structure  Incurs  a severe  wel^t  penalty.  This  Is  shown  in  Fig.  2.8- 
25 • Reducing  deflections  50?^  will  double  the  thrust  structure  weight. 

2.8.5.^  Aerodynamic  Svirfaces.  Aerodyneunlc  surfaces  are  most  weight-sensitive 
on  delta-body  orblters  because  of  their  aft  iK)sitlon  on  the  vehicle.  Fins, 
elevons,  rudders,  and  flaps  should  be  as  light  as  possible  from  both  weight 
and  forward  eg  standpoints.  Trade  studies  Involving  both  structural  materials 
and  TPS  revealed  that,  ed though  titanium  structure  is  heavier  than  aluminum, 
the  TPS  weight  saved  by  the  hl^er  operating  temperature  more  than  compensated 
for  the  use  and  provided  a total  weight  advantage  of  about  30  percent. 

Beryllium  has  a further  advantage  over  either  titanium  or  aluminum  because 
of  beryllium's  excellent  stiffness,  lower  density,  and  greater  specific-heat 
coefficient.  These  three  properties  not  only  yield  a light  structural  weight 
but  also  less  TPS  requirements.  Althou^  berylllm  has  potential  prospects 
of  being  cost-effective  in  this  area,  tltani\xm  is  selected  as  the  baseline  ) 

material  for  all  aerodynamic  sxirfaces  because  of  the  program  directive  not  to 
consider  beryllium  as  a primary  cemdldate  material  for  this  s*‘udy. 

2.8.5*^*1  Flap  and  Elevoc.  Tlje  orblter  trim-flap  structure  is  basically 
titanium,  protected  on  the  lower  surface  by  LI-I5OO  rigid -insulation  to  a 
temperature  of  600°F.  As  previously  noted,  choice  of  titanium  was  based  on 
a trade  study.  Because  of  the  flat  shape,  the  requirement  for  elevon  hinges 
at  midchord  and  the  high  loads,  a conventional  cellular  construction  was 
adopted  which  is  a combination  of  skins,  shear  panels,  and  treuisverse  panels. 

Skin  panels  will  be  Z-stlffened  for  hlgl  structural  efficiency  and  for  allow- 
ing the  attachment  of  the  TPS  directly  to  the  surface.  Since  the  upper- 
surface  temperatures  will  not  exceed  1000°F,  a TPS  will  not  be  necessary 
because  the  basic  material  6-2-4-2  titanium  can  withstand  short-time  exposure 
to  these  levels  with  little  or  no  degradation. 

Tlie  material  trade  study,  performed  and  documented  in  EM  L1-02-14-M5,  con- 

2 

sidered  a flap  planform  area  of  1, l48  ft.  . The  configuration  used  for  study 
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Fig.  2.8-25  Effect  of  Allowable  Stresses  on  SNAF/FSD  Thrust  Structure  Model 
Wei^t  fjid  Upper  Horizontal  Beam  Deflection  (Model  LS-200-2) 
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Pig.  2.8-26  Orbiter  Trim-Flap  Assembly 

is  shown  in  Fig.  2.8-26.  Three  materials  for  this  specific  design  were  studied 
aluminum,  beryllium,  and  titanivim.  The  TPS  is  considered  attached  to  both  svir- 
faces  for  the  aluminum  configuration  but  is  considered  attached  only  to  the 
lower  STirface  for  the  latter  cases.  The  basic  design  parameters  euid  study  re- 
sults are  shown  in  Table  2.8-7. 

Several  structural  configurations  of  this  control  surface  are  under  considera- 
tion. The  results  i>resented  here  are  only  preliminary  steps  in  the  optimiza- 
tion i)rocedure  planned.  Additional  vel^t  savings  may  be  possible  by  increas- 
ing the  depth-of-flap  at  the  actuator -fitting  beam.  The  upper/lower  skin  line 
loads  would  be  reduced,  and  the  structural  efficiency  of  the  actuator  crossbeam 
would  be  Increased. 

2.8.^.U.2  Fin  Structure.  Evolved  during  this  study  was  a fin  concept  consist- 
ing of  a conventional  two-spar,  stiffened -skin,  raultiribbed  box.  The  two  spars 
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Table  2.8-7 

TRIM-FLAP  WEIGHT  COMPARISON 


Material  Entry  CG  Structvire  TPS  Wei^t  Total 

(op)  body  length)  Weight  (lb)  (lb)  Weight  (lb) 


Aluminum  (200°) 

77.1 

3,615 

9,244 

12,859 

Titanium  (800°) 

76.6 

4,510 

3,910 

8,420 

Beryllium  (600°) 

76.5 

3,073 

3,242 

6,315 

2 

Control  surface  area  = l,l48  ft 

Average  design  pressure  = 200  psf 

Lower  TPS  svirface  temperature  = 2,?00°F 
Upper  TPS  surface  temperature  = 1,000°F 
Structured,  materials: 

• Aluminum  alloy  7075 -T6 

• Titanixim  alloy  6Al-2Sn-UZr-2Mo  duplex  annealed 

• Beryllium  cross -rolled  sheet 

are  swept  with  the  fin  at  approximately  the  5"  and  60 -percent  chord  positions. 
Considerations  involved  in  determining  actual  locations  were: 

1.  Obtaining  maximum  spread 

2.  Providing  for  rudder  hinge  supports 

3.  Establishing  convenient  tie-in  with  fuselage  or  thrust  structure 

The  spanwise-stiffened  skin  is  supported  by  chordwise  ribs  varying  in  spacing 
from  25  in.  near  the  tip  to  50  in.  at  the  root.  A truss-type  rib  was  selected 
to  permit  ingress  by  a man  for  internal  inspection.  The  box  structxire  formed 
by  the  stiffened -skins,  spars,  aiKi  ribs  follows  both  spars  as  they  make  the 
transition  from  the  external  fin  area  into  the  fuselage  structxire.  A transi- 
tion rib  is  located  at  this  point.  The  fuselage  structure  provides  normal  re- 
actions to  the  fin  structure  where  the  transition  rib  and  terminal  rib  inter- 
sect the  two  spars. 
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The  material  choice  was  made  in  the  same  manner  as  for  the  flap.  With  the  de- 
creased TPS  requirements,  titanium  under  the  present  groundrules  provides  the 
lightest  structure/TPS  combination. 

Fovir  self-aligning  hinges  support  the  rudders.  These  hinges  are  held  in  brack- 
ets supported  by  the  rear  spar  and  cover  skins. 

2. 8. 5. 5 Orbiter  Intemal  Propellant  Tanks. 

2. 8. 5. 5.1  Material  Considerations.  Reusable  LH^  and  LOg  tank  designs  depend 
upon  fracture  mechanics  analysis  methods  to  assure  reliability  and  minimum 
wei^t.  A fracture  mechanics  technique  is  available  to  design  a reliable  pres- 
sure vessel  having  maximum  efficiency. 

Extensive  material  testing  and  characterization  of  2219  alloj's  for  Saturn  boost- 
er tanks  and  the  Apollo  vehicle  tanks  makes  this  alloy  the  leading  contender  for 
space  shuttle  tanks.  High  fract\ire  toughness,  good  producibility,  and  excellent 
structural  characteristics  make  this  the  most  cost-effective  choice.  A leading 
alternate  alloy  is  2021  which  has  enjoyed  Air  Force  accepteuice  in  some  recent 
Lockheed  contracts.  The  alloy  20l4  deserves  consideration  in  detail  analyses. 

2. 8. 5. 5. 2 Fracture  Mechanics  Technology  for  Ootimim  Pressure  Vessel  Design.  A 
technique  has  been  developed  to  design  a maximum  efficiency  reliable  pressure 
vessel  of  given  geometry  and  service  life.  The  technique  for  ensuring  minimum 
weight  vessel  reliability  relies  on  the  application  of  linear  elastic  fracture 
mechsmics. 

Analyses  of  many  press\ire-vessel  service  failures  have  shown  that  a critical 
size  flaw  (sTorface  or  imbedded)  is  the  origin  of  fractvire.  For  reliability, 
a pressTire  vessel  design  should  incorporate  consideration  of  these  pre-existing 
defects.  The  design  must  account  for  the  possibilities  of  fracture  upon  the 
first  pressurization,  growth  to  critical  size  from  repetitive  pressure  cycles, 
and  growth  to  critical  size  from  environmentally  induced  crack  growth. 

J 
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Linear  elastic -fracture  mechanics  provides  a single  valued  parameter,  which 
relates  flaw  size  and  applied  stress.  The  parameter,  K^,  is  called  the  stress- 
intensity  factor.  Practxire  results  when  reaches  a critical  value, 
which  relates  the  combination  of  stress  and  flaw  size  necessary  to  cause  frac- 
ture. is  a material  property.  For  svirface  flaw 

Kj  = 1.1  o (tt  a/Q)^ 

where  o = applied  stress  level 

a = semi -elliptical  crack  depth 
Q = sxirface  flaw -shape  factor 

Thus,  for  a given  stress  level  in  a pressure  vessel,  the  majcimum  permissible 
size  defect  is  known.  Any  defects,  then,  must  be  smaller  than  the  known 
critical  size. 

Defects  which  are  not  of  a critical  size  may  grow  d\iring  the  lifetime  of  the 
vessel.  This  growth  may  be  due  to  either,  or  both,  of  two  causes:  (l)  fatigue- 

crack  extension,  and  (2)  environmental  crack  extension.  Experimentation  has 
shown  that  crack  extension,  due  to  a combination  of  stress  and  chemical  environ- 
ment, is  governed  by  the  stress -intensity  factor.  Apparently,  there  is  a thresh- 
old V£j.ue,  below  which  no  crack  growth  will  take  place  in  a given  environ- 

ment. Thus,  if  a pressure  vessel  operates  below  K^jj,  no  environmental  crack 
extension  can  occur;  therefore,  no  failure  can  occur. 

Also,  subcritical  defects  may  grow  from  fatigue.  Experimentation  has  conclus- 
ively shown  that  fatigue-crack  growth  is  primarily  depending  on  the  change  in 
stress-intensity,  The  rate  dependence  is  usually  of  the  form 

da/dN  = C 

where 

da/dN  = crack  extension  per  cycle 
C & n = constants 
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Thus,  knowing  the  operating  conditions  in  a given  pressure  vessel  and  the  life- 
time (pressvire  cycles),  potential  fatigue-crack  growth  can  be  accurately  pre- 
dicted. 


Fracture  mechanics  have  provided  proven  concepts  that  may  be  applied  to  the  de- 
sign of  pressvure  vessels.  In  aerospace  applications,  especially,  weight  is  a 
prime  consideration.  Therefore,  a procedure  has  been  develoi)ed  by  which  a re- 
liable vessel  of  minimum  weight  for  a given  configuration  can  be  designed.  The 
procedure  assumes  a linear  relationship  between  pressure  and  stress. 


The  proced\ire  for  applying  fractvire  mechanics  to  pressure  vessel  design  con- 
sists of  three  steps,  as  follows,  for  the  general  case  where  vessel  pressure 
and  temperature  vary  with  time: 


a.  Determine  the  necesseuy  data 


1.  Pressure -temperature -time  requirements  for  the  given  configuration 

2.  Mechanical  properties  of  the  ceindidate  materials 

* ^H, 

materials 

b.  Determine  the  maximum  permissible  for  each  vessel  region  (i.e., 
welds,  base  metal,  etc.) 

1.  Operating  temperattjre  at  which  is  a minimum,  where 

is  the  operating  pressTire  (determines  the  pacing  conditions  for 
environmental  cracking) . 

2.  Maximum  permissible  (calculated  using  the  pressure-temperature- 

time profile,  done  by  determining  the  lifetime  fatigue-crack  growth, 
such  that  "the  temperature  found  in  step  b.l,  is  Just  reached 

on  the  last  pressure  cycle  of  the  vessel's  service  life;  if  the  ac- 
tual is  equal  to,  or  less  than,  this  calculated  value,  then 
the  planned  vessel  lifetime  is  assured) . 

' ) 
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c.  Maximize  the  operating  stress  levels  in  the  vessel,  such  that  the  cal- 
culated maximum  permissible  is  met  in  each  region.  This  minimizes 
vail  thickness  and,  therefore,  weight  for  a given  vessel  configuration. 
The  maximum  operating  stress  is  dependent  on  the  maximum  possible  flaw 
size  jji  a region.  Usually,  this  worst  case  of  flaw  size  is  determined 
by  a proof  test.  As  a result,  the  minimum  wall  thickness  at  proof 
press\ire  is  specified,  since 

*mln  ~ ' V°  pr’ 

t . * minimum  permissible  wall  thickness 

min 

a mate.'*ial  yield  strength  at  proof  test 
temperature  (in  most  cases) 

Pp^  'i  required  proof  test  pressure 

of  the  required  proof  test  pressure  is  determined  by 

V ■V^l/”opUn. 

(Kjj^/P^p)  is  obtained  from  Step  b. 

Ai>plications  of  this  procedxire  will  result  in  a reliable  minimum-weight  pressxire 
vessel  for  a given  configuration. 

2. 8. 5. 5. 3 Fracture  Mechanics  Stxidy  of  Tank  Factory-of -Safety  for  Plreliminary 
Desiais . Fracture  mechanics  procedures  were  developed  for  tsuik  design,  because 
tank  safety  and  reliability  are  not  guaranteed  by  specifying  a factor-of-safety, 
no  matter  how  large.  This  procedure  results  in  the  specification  of  a proof 
pressxrre  test  to  guarantee  safe  operation  during  the  tank  lifetime.  This  spe- 
cification considers:  (l)  the  "worst  case"  initial  flaw  size,  (2)  cyclic  flaw 
growth,  and  (3)  emrironmental  extension  of  flaw  at  constant  pressure. 
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Figure  2.8-27  presents  a svunmary  plot  of  a preliminary  study  showing  the  pro- 
cedoire  followed  to  establish  design  proof  and  ultimate  factors.  This  figure 
shows  the  basis  for  a proof  factor,  a,  of  I.U3  in  main  tankage.  *0.70 

will  result  in  operation  below  during  the  200-cycle  lifetime:  a * 

= 1/0.70  a 1.43.  Since  tankage  will  have  very  thin  walls  of  0.020-in.  to 
0.150-in.  thick  2219'T87,  the  crack-growth-rate  data,  d (a/Q)/dK,  for  0. 063-in. 
thick  2219-T87  (NAS  Cr  726o6)  were  used  to  construct  the  figure.  = 0.86 
(NAS  Cr  54837)  was  determined  for  1.0-in.  thick  2219-T87  and  is  the  only  esti- 
mate available  for  0.020-in.  to  0.150-in.  thick  2219-T87.  Leakage  in  the  metal 
that  is  thinner  than  O.O8O  in.  is  possible  In  less  than  the  plaimed  200-cycle 
lifetime,  if  the  "worst  case"  initial  defect  from  proof  test  infonnation  is  pre- 
sent. However,  if  nondestructive  inspection  or  other  means  can  guarantee  a 
smaller  "worst  case"  initial  defect,  leakage  may  not  be  a problem. 


1.0 


i 


Cyctci  to  Foiture 

2219-T37  Bose  Mcfol  O.OoS-ln.  Tl-tck  -320  or  -423®K 


Fig.  2.8-27  Orbiter-Pressvire-Vessel  Factors -of -Safety 
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A proof  factor  of  I.U3  is  assxsned  to  be  adequate  for  welds  as  well  as  base  metal. 
The  ultimate  factor -of- safety  derivation  is  shown  below: 


Cryogen 

Temperature 

(°F) 

F F 

proof  = ty 

(ksi) 

tu 

(ksi) 

f 

Operating  = 

f V1.43 

P**°°^(ksi) 

Ultimate  Factor - 
of  Safety 

(■'tu/U 

LH 

-U23 

67.6 

9*^.5 

47.3 

2.0 

10, 

-298 

60.5 

75.0 

42.3 

1.78 

2. 8. 5. 5*^  Tank  Preliminary  Design  Analysis.  The  orbiter  internal  propellant 
tanks  are  nonprimary  load-carrying  tanks,  fabricated  of  2219-T87  aluminum  with 
monocoque  construction.  The  ascent  tanks  and  the  on-orbit  LHg  tank  are 
supported  from  the  rocket -engine  thrust  structxire.  The  ascent  LH^  tanks  are 
supported  longitudinally  by  the  ascent  IX>g  teinks,  while  the  on-orbit  LOg  tank 
is  supported  from  the  airbreathing  engine  support  structure.  The  on-orbit  LHg 
tank,  dependent  on  the  load  path  selected  in  fuselage  studies,  can  support  the 
longitudinal  reactions  from  the  payload  bay,  without  added  shell  stiffening  to 
the  tank. 

Except  for  the  1^2  ascent  tanks,  the  internal  orbiter  teinks  are  separately  pres- 
stired  for  optimum  engine/pl\ambing  pressures.  The  LOg  ascent  tank  design  pressure 
occurs  from  the  combination  of  droptank  ullage  pressiire  and  hydrostatic  head  from 
the  fluid  level  in  the  droptank.  Meoclmum  total  pressure  occvirs  when  the  vehicle 
first  reaches  3g  acceleration,  which  occurs  at  I60  sec  of  booster  bum.  At  this 
time,  the  LOg  head  in  the  droptank  is  ~ 200-in.  hi^.  The  pressure-acceleration 
condition  designs  these  tanks.  A propulsion  trade  study  (Ref:  Second  Letter 

Progress  Report,  LMSC-A976286,  Study  of  Altemati  Space  Shuttle  Concepts)  re- 
vealed thi?  approach  to  be  a mlnimum-wei^t  solution  when  coiisidering  residuals 
arid  manifold  requirements. 

The  critical  design  condition  for  the  LOg  on-orbit  tank  is  a combination  of  two 
conditions:  the  forward  75  percent  is  eaused  by  maximum  ullage  pressure  ■*n  tlis 

warmed-up  empty  condition,  and  the  aft  25  percent  is  caused  by  the  maximum  3g 
acceleration-full  condition . 
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For  the  LHg  ascent  tank,  the  critical  design  condition  occtirs  when  the  propel- 
lant is  just  expired  and  maximum  ullage  pressure  is  reached.  This  combination, 
combined  with  rising  wall  temperature,  establishes  the  tank  membrane  gages  ex- 
cept for  the  upper  dome,  which  is  established  on  the  basis  of  minimum  gage. 

The  critical  design  condition  for  the  LHg  on-orbit  tank  is  the  same  as  for  the 
LHg  ascent  tank. 

Design  criteria  used  for  sizing  the  tankage  are  presented  in  Tables  2.8-8 
throu^  2.8-11,  inclusive.  Based  on  the  preliminary  fracture -mechanics  study, 
discussed  above,  the  ultimate  factors -of -safety  for  LOg  and  LH^  tanks  are  I.78 
and  2.0,  respectively.  Local  thickening  will  be  required  because  of  the  loss 
in  parent-metal  strength  in  the  welded  and  heat-srffected  zones  (40-percent  mem- 
brane thickness).  Also,  at  the  dome  junctures,  lug,  suid/or  stub  skirt,  pro- 
visions are  added  for  tank  support. 

The  most  recent  detailed  analysis  for  LS  200-5  stage -and -one -half  internal  tank- 
age is  presented  in  EM  L2-01-0U-M5-2  in  the  Fifth  Letter  Progress  Report.  Table 
2.8-12  presents  a summary  of  the  tank  design  parameters  that  lead  to  the  system 
weights. 


Table  2.8-8 

ULLAGE  PRESSURE  (EXCLUDING  Hn)ROSEATIC  PRESSURE) 

Ascent  Tanks  On-Orbit  Tanks 


Flight  Event 

LOg  (psia) 

LHg  (psia) 

LOg  (psia) 

LHg  (psia) 

Boost 

f(drop  tank) 

21 

19 

21 

Steiging  to  Injection 

28 

26 

19 

21 

Orbit  Maneuvers 

18 

18 

50 

27 

LOg  ascent  tank  is  cascaded  from  LOg  droptank,  receiving  ullage  pressure 
or  21.2  psia,  plus  a static  head  from  the  droptank. 
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Table  2.8-9 

ACCELERATION  (INCLUDING  ELASTIC  RESPONSE) 


Flltdit  Event 
Liftoff 

Maximum  aq  ( ~ 80  sec) 

Booster  Maximum  Acceleration  ( ~ l60  sec) 
Orbiter  Burn 
Orb  iter  Burnout 
Reentry 


Acceleration  (g) 

1.50 

1.70 

3.0 

3.0 

3.0 

2.5  transverse 


Table  2.8-10 
TANK-WALL  TEMPERATURES 


Flitdit  Interval 


Ascent  Temks 


On-Orbit  Tanka 


LOg  (OR) 


LHg  (°R)  LOg  (°R)  LHg  (°R) 


Booster  Bum 
Orbiter  Burn 


Reentry 


162 


Uo  162  Uo 


500  top  360  top  600  top  360  top 

162  Uo  162  Uo 

(wetted  tank)  (wetted  tank)  (wetted  (wetted 

tank)  tank) 

500  Uoo  500  Uoo 


Table  2.8-11 

MATERIAL  PROPERTIES  - 2219-T8?  ALUMINUM** 


^’4. 

tu 

ty 

E X 10 

Temperatxire 

(psl) 

(psi) 

(Pai) 

Room 

'>3,000 

52,000 

10.5 

162°R  (LOg) 

75,000 

60,000 

11.8 

UO°F  (LHg) 

9U,500 

67,500 

12.5 

Assume  linear  temperature  profile  as  a function  of  station  from  forwsurd  ulleige 
to  edt  end  of  tank. 

**  Ref:  MIL-HDBK-5A 
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Table  2.8-12 

ORBITER  TANK  DESICai  DETAILS 


Design  Parameter 

Ascent 

LO 

— — 

Tanks 

LH^ 

On-Orbit  Tanks 
2 2 

Factor-of -Safety 

1.78 

2.0 

1.78 

2.0 

Tank  Minimum  Gage  Thickness 
(in.) 

0.025 

0.025 

0.025 

0.025 

Material  Density, 
2219 -T87 

0.102 

0.102 

0.102 

0.102 

Dome  Shape 

Spherical 

Sj^erical/ 
/z*  Ellipse 

Spherical 

/r  Ellipse 

Ullage  Pressure  (psia) 

207* 

21 

19 

21 

Burnout  Pressure  (psia) 

28 

26 

50 

27 

Ullage  Volume  (^) 

C 

3 

3 

3 

Propellant  Density  (pcf) 

70.2 

k.27h 

70.2 

U.27^* 

Cryogenic  Material 
Strength  (psi) 

75,000 

94,500 

75,000 

94,500 

Average  Burnout 
Material  Strength  (psi) 

67,300 

75,000 

67,300 

75,000 

Forward  Radius  (in) 

74.5 

Z7 

27 

96 

Aft  Radius  (in) 

74.5 

67 

31 

96 

Total  Length  (in) 

149 

795 

396 

231 

Volume  (cu  ft) 

1,002 

3,346 

576 

3,109 

Surface  Area  (ft^) 

484.4 

1,681.1 

501.5 

1,051.7 

Propellant  Weight  (lb) 

70,340 

13,884 

39,258 

12,900 

Tank  Weight  (lb) 

1,359 

872 

270 

830 

Tank  NOF  (lb) 

341** 

308 

95 

290 

Number  of  Tanks 

2 

2 

1 

1 

Total  Weight  (lb) 

3,400 

2,360 

365 

1,120 

^Ullage  pressure  results  from  the  combination  of  ullage  in  droptank  plus 
hydrostatic  head  when  3g  is  reached  (head  to  inlet  = 1,536  in.) 


**NOF  for  spherical  tanks  statistically  show  less  weight  {penalty.  For  this 
reason,  a value  of  0.25  is  used?  whereas,  for  other  type,  the  NOF  is  assumed 
to  be  0.35 
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2. 8. ^.6  Payload  Compartment  and  Door.  The  payload  compeurtment  extends  from 
the  nose-section  rear  bulkhead  (Sta.  530)  to  a bulkhead  located  at  Sta.  1270. 
The  payload  compartment  trough  (See  Fig.  2.8-lU,  Section  2.8. 5.2)  is  an  open- 
faced,  corrugated,  stiffened -shell  structure,  supported  by  fuselage  frames. 
This  U-shaped  shell  provides  continuity  of  the  airframe  shell  st.ucture  aro\md 
the  opening  for  the  payload  compartment  door.  Hard  points  for  supporting  var- 
ious payloads  are  located  on  several  intermediate  fuselage  frames . The  forward 
(nose  section)  and  aft  bulkheads  provide  primary  transverse  support  for  the 
ascent  propellant  tanks. 


The  payload -compartment  door  is  designed  not  to  react  vehicle  primary  loads 
but  is  sized  for  its  own  inertial  loading  conditions  and  induced  aerodynamic 
pressure  loads  during  ascent-  and  entry -fli^t  phases.  The  present  d.s^ign  is 
a clamshell  barrel  (three-hinged  arch)  door  of  6Al-2Sn-UZr-SMo  Titanium  alloy. 
This  door  is  uninsulated  and  designed  to  sustain  a load  at  800°F.  The  design- 
limit  pressxires  for  the  door  are  tentatively: 


Booster  ascent 
P (burst) 

P (collapse) 

Reentry  subsonic 
P (burst) 

P (collapse) 


= 0.25  psi 
* 2.0  psi 

= 1.60  psi 
= 0.65  psi 


2 •8.5.7  Pressurized  Structtire.  The  crew  cabin,  tunnel,  and  airlock  const i- 
txites  the  major  pressurized  structTire,  other  than  the  propellant  tanks.  Pre- 
liminary sizing  has  been  performed  in  terms  of  volvunetric  requirements,  pilot 
visibility  and  location,  etc.,  but  airframe-type  and  sizing  remr.in  to  be  de- 
termined. The  press\irized  structures  are  designed  as  typical  airframe  pres- 
sure vessels,  preliminarily  sized  for  a safety  factor  of  2.0.  Detailed  study 
will  consider  fracture  mechanics  to  assess  fatigue  and  fail-safe  criteria. 
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The  forward  payload -compartment  (nose  section)  bulkhead  supports  the  loculs 
fran  the  crew  cabin,  forward  equiixnent,  ajid  RCS  components  in  addition  to 
the  nose-gear  transverse  and  drag  loads. 

2. 8. ^.8  Landing  Gear  and  Airbreathing  Engine  Support  Structure.  Intercostal 
beajns  running  from  the  aft  paylocui-ccmpartment  bulkhead  to  thrust  structure 
(bulkhead)  react  the  main-landing-gear  treinsverse  loads.  Axial  loads  asso- 
ciated with  the  drag  loads  from  the  main  Icuiding  gear  and  thrust  from  the  air- 
breathing  engines  are  transferred  to  the  intercostals , hence  to  the  thrust 
structure.  Figure  2.8-28  Illustrates  this  design  concept. 

Also,  the  intercostal  beams  provide  the  sidewalls  for  the  flap-track  stowage 
assembly.  This  recessed  area  is  required  to  stow  the  lower  flap  during  as- 
cent. The  upi>er-shelf  of  the  flap-track  stowage  assembly  provides  the  addi- 
tional intermediate  support  of  the  airbreathing  engine  support  stnictxire  as 
well  as  the  continuity  of  the  lower-fuselage  svirface  forward  of  the  thrust 
structure.  Figure  2.8-29  illustrates  this  design  concept. 

The  airbreathing  engines,  located  in  a recessed  area  forward  of  the  flap- 
track  stowage  assembly,  are  stowed  within  the  fuselage  except  when  in  use. 
When  lowered  for  use,  the  upper-shelf  of  the  engine  support  structure  closes 
the  opening  created  by  the  engines  being  distended. 
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Fig.  2.8-29 


Fig.  2.8-29  Delta-Body  Orblter  Stage-and -One-Half  Structure 
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2.9  PROPULSION  SYSTEMS 

Proptilslon  requirements  for  launch  and  ascent,  orbit  transfer,  orbital  maneuvers, 
reentry  retro,  vehicle  attitude  control,  and  subsonic  landing  assistance  are 
satisfied  by  the  operational  capabilities  of  fom:  propulsion  systems.  'Riese 
four  systems  and  their  major  functions  are  listed  as  follows: 

a.  Main  propulsion  system  for  vehicle  laiuich  and  ascent  Into  Injection 
orbit . 

b.  Orbit  maneuver  propulsion  system  for  orbit- to- orbit  transfer,  on- 
orblt  maneuvers,  and  reentry  retro. 

c.  Attitude  control  propulsion  system  for  vehicle  orientation  and  minor 
translations  on-orblt  and  vehicle  orientation  during  the  Initial 
portion  of  reentry  after  retro. 

d.  Airbreathing  propulsion  system  for  landing  field  approach  and  landing 
go-arovmd.  Supplemental  propulsion  subsystems  may  be  required  for 
subsonic  ferry  flights  between  the  landing  field  and  the  launch  site. 
These  supplemental  subsystems  sure  separate  from  the  basic  airbreathing 
propulsion  system  and  are  provided  In  kit  form. 

The  propulsion  systems  for  the  stage-and-one-half  vehicle  have  been  designed 
to  overcome  the  vehicle-pecviliar  problems  and  to  produce  maximum  performance 
with  logical  conservatism.  A list  of  symbols  used  in  propulsion  system 
schematics  is  presented  as  Fig.  2.9-1. 

2.9.1  Main  Propulsion  System 

The  main  propulsion  system  provides  thrust  to  inject  the  space  shuttle  vehicle 
into  a 50-ttT  by  100-nm  elliptical  orbit.  A summary  of  system  characteristics 
is  presented  in  Table  2.9-1. 
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Fig.  2.9-1 
LIST  OF  SIMBOLS 


O 


Isolation  Valve 

S-Way  Valve 
-*-0-  Check  Valve 

Pressure  Regulator 
-Q^  High  Pressure  Pump 
^ \ CornpreKRor 
^J*7*  Turbine 
— ! — Control  Orifice 


^ ^ Heat  Exchanger 


0 Thruster  (Without  Valves) 


^ Circulation  Fan  With  Motor 

0 Pressure  Switch 
=5:  Boost  Pump 

j'^'^Electrleal  Heater 
[gg|  Gas  Gene  rator 


CU  Control  Unit 


Proportional  Valve 


Hurst  Disc 

1 

Relief  Valve 

M51 

Disconnect 

T 

Capped  Port 

A 

1 

Uncapped  Port 

LO2 

Liquid  (Isygcn 

GOg 

Gasetms  Oxygen 

r 

Line  Connected  to 

LH2 

I.lould  Hvvlrt'gen 

Common  Manifold 

GVi; 

i-aseous  Hydrogen 

Flow  Meter 

He 

Fig.  2.9-1 
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Table  2.9-1 

Main  Propulsion  System  Characteristics  Summary 


A.  Engine  System 
Engine  Type 


Propellant  Type 

Nozzle  Expamion  Ratio 

Thirottle  Range,  Percent  NPL 

Number  of  Engines: 

Total 

Operating  at  Liftoff 
Prior  Separation 
At  Separation 
After  Separation 

Thrust  Vector  Control: 

Engine  Gimbal  Capability,  deg 
Overshoot,  deg 
Number  of  Glmballed  Engines 
Arrangement  of  Gimballed  Engines 

Performance,  NPL: 

Thrust  (9  engines),  nominal,  lb 
Sea  Level 
Vacuinn 

Specific  Impulse, 

Sea  Level 
Vacuiun 

Specific  Impulse,  Min-guaranteed, 
Single  Engine 
Sea  Level 
Vacuum 

Clustered  Engines 


Mixture  Ratio  O/F 
Nominal 

Operating  Time 

Liftoff  to  Droptank  Staging,  sec 
Droptank  Staging  to  Orbit  Injec- 
tion, sec 


As  defined  by  Space  Siuttle  Vehicle/ 
Engine  550K(SL)  Interface  Control 
Document  13M15000B,  and  modified  to 
53:1  Ebq^ansion  Ratio 

LO2  and  LH2 

53:1 

50  to  109 

9 

9 


+7,  Square  Pattern 

0.5 

5 

Two  center  engines  in  upper  row  and 
Three  center  engines  in  lower  row 


4.770.000 

5.506.00 


386  +3 

U5  ±3 

sec 

383 

442 

Single  engine  deviations  are 
divided  by  V of  number  of  engines 
in  cluster 

6.0 


295 

90 
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Table  2.9-1  (Cont'd) 

B.  Propellant  System 

Tank/Feed  Configiaration: 

Two  LO2  droptanks  cascade-coupled 
to  LO2  orbiter  ascent  tanks 

Two  LH2  droptanks  parallel-coupled 
to  LH2  ascent  tanks 

Orbiter  ascent-tank/feed  system 
independent  from  orbiter  crbital- 
tank/feed  systems 

Individual  feedlines  from  LO- 
tanks  to  engines 

* LH2  fed  to  engines  by  manifold 


Propelled  Weight,  lb: 

Droptanks 

Orbiter  Tanks 

Loaded 

3,105,000 

255,200 

Reserve  (FFR) 

0 

8,079 

Grovind  Hold 

31,122 

N/A 

Impulse 

3,063,000 

239,200 

Tank  Ullage  Pressures,  psia: 

O2  Droptank 

28 

O2  Ascent  Tank 

28 

H2  Droptank 

27 

H2  Ascent  Tank 

27 

(1)  Includes  29^400  Ibm  LOX  propellant  In  feedlines  from  droptanks 

Table  2.9-1 
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The  main  propulsion  system  consists  of  9 high-pressure  oxygen- hydrogen  rocket 
engines  supported  by  a propelleuit  storage  emd  feed  system  incorporating  flow 
controls  including  propellant-utilization  control,  pressurization,  venting, 
and  thermal  protection  subsystems.  The  9 candidate  rocket  engines  installed 
in  the  base  of  the  vehicle  are  Identical  with  the  engine  used  for  the  Phase  B 
studies  (defined  in  NASA  Interface  Control  Document  I3MI5OOOB,  dated  1 Meurch 
1971) > with  the  exception  that  the  nozzle  expansion  ratio  is  increased  to  a 
value  of  53:1»  Selection  of  the  53 si  nozzle  expansion  ratio  is  the  resxxlt  of 
an  analysis  of  vehicle  performance  (see  Ref.  2.9-1)*  Further  consideration 
leading  to  a final  selection  should  Include  rocket  engine  thrust  level,  engine 
develoiment  program  costs  and  vehicle  slze/i>ayload  constraints.  Five  of  the 
9 rocket  engines  are  gimballed  + 7 deg  (square  pattern)  to  provide  thrust 
vector  control  (TVC)  in  roll,  pitch,  and  yaw  modes  during  the  ascent- to- orbit 
injection.  The  remaining  U nonglmballed  engines  are  spaced  on  either  side  of 
the  gimballed  engines  with  IO9  in.  (minimum)  between  engine  centerlines. 

The  selection  of  the  5 center  engines  for  glmballing  to  meet  flight  control 
criteria  has  been  based  on  an  analysis  (see  Section  2.13)  which  allowed  for 
encountering  worst  winds  at  maximum  q conditions  when  encumbered  with  an  any 
one- engine- out  ( f ixed/gimballed)  operational  condition.  While  the  analysis 
was  i>erformed  using  5 gimballed  engines  out  of  11  Installed  (U(XK  thrust  level) , 
the  present  baseline  configuration  of  5 gimballed  engines  out  of  9 Installed 
(53OK  thrust  level)  meets/exceeds  all  criteria  for  flight  control  established 
in  the  prior  analysis.  All  engines  are  ignited  at  liftoff.  During  the  pre- 
staging  ascent  phase,  the  acceleration  is  maintained  at  a 3g  level  by  throttling 
and  shutting  down  the  engines  in  a sequence  minimizing  specific  Impulse  losses. 

Just  prior  to  separation,  the  number  of  oi>erative  engines  is  reduced  to  3 with  2 
of  these  used  for  normal  operation  while  the  remaining  engine  is  on  standby  status. 
During  separation,  the  2 operating  engines  are  throttled  close  to  the  minimum 
power  level  to  reduce  the  vehicle  acceleration  during  the  separation  maneuver 
to  approximately  a Ig  level. 

Propellant  tankage  for  the  main  propxxlslon  system  includes  both  the  droptanks 
and  the  ascent  tanks  in  the  spacecraft.  During  liftoff  and  ascent,  the  rocket 
engines  are  fed  propellants  from  the  droptanks  with  the  oxygen  cascaded  through 
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the  spacecraft  ascent  tanks  and  the  hydrogen  direct-coupled  to  the  engines 
via  a manifold.  After  droptank  separation,  the  two  operating  engines  draw 
propellants  from  the  spacecraft  ascent  propellant  tanks.  Cascading  the  ojQrgen 
from  the  droptanks  through  the  spacecraft  ascent  oxygen  tanks  provides  for 
minimal  residual  propellant  weight  in  the  droptanks  at  separation,  since  the 
oxygen  droptanks  drain  essentially  dry  into  the  spacecraft  tanks  without 
interrupting  flow  to  the  operating  rocket  engines.  These  LOX  propellant 
transfer  lines  contain  approximately  30>CXX)  Ibm  within  the  orbiter  vehicle  and 
th\is  eure  treated  as  an  extended  part  of  the  spacecraft  spherical  storeige  tanks. 
Location  of  the  LOX  propellant  transfer  line  within  the  orbiter  provides  a 
paylottd  advantage  of  T&0  Ibm/mlssion  (see  Ref.  2.9-2)  when  effects  on  droptank/ 
orbiter  plumbing  and  insulation  weights  are  considered. 

A smooth  transition  of  terminating  propellant  flow  from  the  droptanks  while 
Initiating  flow  from  the  orbiter  ascent  tanks  during  separation  is  provided  by 
reducing  the  flow  rates  to  approximately  lU  percent  of  the  full- flow  rates ^ 

T^iis  is  accomplished  by  reducing  the  number  of  ox>eratlng  engines  to  those  main- 
tained operational  after  staiging  and  by  throttling  these  engines  to  the  50-percent 
power  level.  During  this  period,  flow  from  the  ascent  tanks  is  initiated  and 
the  droptank  isolation  valves  are  slowly  closed. 

A vuiique  capability  of  the  stage-and-one-half  concept  is  the  opportunity  to 
accomplish  recovery  of  propellants  trapped  in  feedlines  of  shutdown  engines 
and  subsequently  convert  this  propellant  to  useful  impulse.  The  propellant 
recovery  system  described  In  the  following  section  has  been  estimated  to  provide 
U2OO  lb  of  prope3dant  for  subsequent  conversion  to  delivered  Impulse. 

2.9 'I*!  Propellant  Fill  and  Feed  System.  A schematic  diagram  of  the  proi>ellant 
fill  and  feed  system  is  presented  in  Fig.  2.9-2. 

Propellant  tank  size  for  ascent  and  droptanks  is  determined  from  a performance 
analysis  of  steiging  and  an  operational  analysis  which  takes  into  account  the 
average  density  of  propellemt  in  the  tanks  at  liftoff  with  volume  allowances 
for  impulse  propellant  (based  on  minimum  performance  of  the  rocket  ejigines) , 
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resldmls,  in-flight  liquid/vapor  losses,  ullage  sp&oe,  flight  performance 
reserve,  loading  tolerances/errors  and  tank  volvimetric  chsuiges  induced  by 
internal  pressure/cryogenic  liquid  temperature. 


The  system  operatio’'«\l  requirement  for  propellant  loading  to  be  accomplished 
within  2 hr  from  a sieuidby  status,  results  in  a procedure  for  chilling  and 
filling  oxygen  and  hydrogen  propellant  tanks  simultaneously.  Inert,  dry 
nitrogen  gas,  contained  in  the  tanks  vinder  a slight  positive  pressure  to 
preclude  induction  of  moisture,  particulate  contaminants,  and  ambient  oxygen 
in  the  hydrogen  tcuiks,  is  purged  from  the  tanks  with  gaseous  oxygen  and  gaseous 
hydrogen  prior  to  the  initiation  of  the  liquid  propellant  fill  operation. 
Liquid  hydrogen  is  pumped  first  into  the  droptanks  via  the  vehicle  crossfeed 
manifold  to  chill  droptank  structure  as  a prior  condition  to  filling  the  IDX 
droptanks.  Liquid  hydrogen  ascent  tanks  are  filled  subsequent  to  the  drop- 
tanks  by  opening  the  propellemt  tank  prevalves.  Liquid  oxygen  ic  pumpea  into 
the  droptanks  by  continuing  to  flow  propellant  through  the  orblter  ascent 
tanks  which  were  filled  first.  Control  of  prope3J.ant  fill  operations  is 
provided  thro\igh  the  use  of  in- tank  point- level  sensors  with  fill  completion 
and  topping  controlled  throvigh  the  use  of  redundant  linear  capacitance  probes 
arrayed  about  the  full- level  point. 


Formation  of  ice/liquld  air  on  the  droptanks  is  prevented  by  a layer  of  foam 
insulation.  Within  the  orblter  a dry  nitrogen  purge  prevents  the  formation 
of  ice  on  the  oxygen  tanks  and  feedlines  while  a layer  of  foam  Insvilatlon  on 
the  hydrogen  ascent  tanks  prevents  the  formation  of  liquid  nitrogen. 

The  oxygen  feed  system  is  cascade- coupled  from  the  droptank  to  the  Og  ascent 
tank.  Except  for  the  center  engine,  individual  engine  feedlines  are  used  to 
couple  the  engines  in  two  groups  of  four  to  the  two  Og  ascent  tanks.  The 
center  engine  is  crocs-coupled  between  the  two  ascent  tanks,  as  shown  in  the 
schematic.  The  hydrogen  droptank  and  ascent  tanks  are  parallel- coupled  to 
the  engines  via  a manifold.  Separation  of  the  droptank  lines  during  staging 
takes  place  at  the  droptank  disconnects.  'Ihis  arrangement  of  plumbing  resulted 
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from  an  analysis  (reported  in  Ref.  2.9-3)  of  U feedline  configurations  in 
which  the  relative  merits  of  cascade  flow  and  manifolded  flow  schemes  were 
determined  by  their  impact  upon  payload  weight  capability.  Factors  con- 
sidered in  the  analysis  Included  dry  weight  of  teuiks,  valves,  lines,  trapped 
or  xmusable  liquid  propellants  and  residuals. 

Prior  to  droptank  staging,  all  engines  except  the  center  three  are  shutdown. 
Series  dual-redundant  O2  valves  just  downstream  of  the  droptank  disconnects 
are  closed  immediately  after  oxygen  droptank  depletion.  These  valves  are 
powered  by  helium  actuators.  Shutoff  sequencing  of  these  valves  is  not 
critical  with  respect  to  maintaining  suitable  pump  inlet  conditions  during 
the  process  of  isolating  the  droptanks,  especially  since  the  O2  droptanks 
normally  are  depleted  of  liquid  before  the  valves  are  closed.  With  the  ascent 
O2  tanks  already  feeding  the  engines,  the  transfer  process  becomes  a matter 
of  deactivation  of  the  droptank  pressurization  circuit  and  ^imultaneoxis  acti- 
vation of  the  ascent  tank  pressurization  circuit.  Shutdown  of  the  dual  valves 
downstream  of  the  O2  droptank  disconnect  immediately  follows  pressurization 
switchover. 

Dvial  valves  also  are  used  between  the  H2  droptank  disconnects  and  hydrogen 
manifold.  It  is  considered  desirable  to  have  a slow-acting  check  valve  down- 
stream of  these  shutoff  valves  (possibly  replacing  one  valve)  to  prevent 
reverse  flow  of  hydrogen  into  the  droptanks  when  the  ascent  tank  valves  are 
opened  prior  to  staging. 

Pressiire  rise  in  the  manifold,  due  to  the  deceleration  of  hydrogen  in  the 
droptank  lines,  is  less  than  0.5  psi  based  upon  reaching  zero  di*optank  line 
flow  in  0.5  sec  from  the  initiation  of  the  flow  shutoff  sequence. 

The  Initiation  of  Hg  tank  switching  is  based  on  llqvild  level- sensing  in  the 
LCX  propellant  transfer  line  and  is  timed  to  allow  sufficient  liquid  hydrogen 
reserve  to  cover  system  variability  and  instrumentation  error.  This  minimizes 
the  risk  of  pressurant  flow  into  the  manifold. 

2.9-9 


LOCKHEED  MISSILES  & SPACE  COMPANY 


LMSC-A989142 
Vol  II 


Feedlines  and  engine  pumps  are  kept  chilled  i>rior  to  launch  within  the  operating 
temperatxire  range  hy  means  of  a pumped- propellant  circulation  system.  Electri- 
cally powered  centrifugal  pumps  submerged  in  the  ascent  oxidizer  and  fuel  tanks 
circulate  propellant  to  the  resi>ective  oxidizer  and  fuel  circulation  manifolds. 
Propellant  from  each  manifold  flows  into  the  engines  downstreeua  of  the  piunps 
via  series-redundant  check  valves.  From  the  engine,  the  propellants  flow 
coiinter- current  into  the  respective  feedlines  and  lack  to  the  respective  ascent 
tanks.  Initial  chilldown  of  engines  and  lines  takes  place  during  the  propellant- 
tank  filling  oj)eration.  Part  of  the  fill  propellant  is  bypassed  into  the 
respective  circiilatlon  manifolds,  resulting  in  some  proi>ellant  flowing  int'^  the 
tanks  directly  through  the  check  valves  and  then  to  the  tanks  via  the  feedlines. 
This  approach  eliminates  the  type  of  geysering  that  would  take  place  if  an 
attempt  were  made  to  fill  a tank  without  prior  chilling  of  lines. 

The  residuals  in  Space  Shuttle  vehicles  represent  slgnlflceuit  penalties,  and 
means  are  provided  in  this  design  for  recovery  and  use  of  a major  portion  of 
the  residuals.  The  greatest  propellant  salvage  interest  is  in  the  oxygen 
system,  because  the  penalties  with  the  dense  oxygen  axi  very  significant, 
while  those  in  the  hydrogen  system  may  not  warrant  the  design  and  operational 
effort  to  salvage  hydrogen.  The  oxygen  pro|>ellant  salvage  system  design  makes 
ancillary  use  of  the  main  pressurization  system  and  the  ascent  tank  prelaunch 
propelleuit  circulation  system  to  save  weight  and  to  reduce  complexity.  As 
thrust  is  progressively  reduced  to  stay  within  3s  acceleration,  engines  are 
shutdown  in  pairs,  one  on  each  side.  With  shutdown  of  the  engines  and  closure 
of  xhe  prevalves  in  the  respective  engine  feedlines,  propellant  salvage  can  be 
immediately  initiated. 

For  each  pair  of  lines,  this  is  accomplished  by  opening  a valve  coupling  the 
pressurization  system  to  this  pair  of  feedlines.  Pressurant  flow,  controlled 
by  an  orifice  and  introduced  at  the  tank  end  of  the  feedline,  displaces  the 
liquid  which  flows  into  the  oxygen  propellant  circulation  manifold  via  the 
series- redundant  check  ulves  at  the  engine  end  of  the  feedline.  Oxygen  entering 
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the  manifold  flows  Into  th(  .scent  tank  counter- cvirrent  through  the  centrifugal 
circulation  pump  Inside  the  tank.  The  valve  Is  timed  to  close  when  the 
propellant  Is  expelled  from  each  pair  of  feedllnes.  !Rils  timing  Is  not 
critical  because  any  pressurant  entering  the  propellant  tank  via  the  salvage 
system  due  to  late  closing  of  the  valve  will  have  little  effect  on  the 
pressurization  of  the  tank,  wince  the  flow  volvune  Is  very  small  compared  with 
the  pressurization  gas  flow  volume  required  to  satisfy  the  requirements  of 
the  engines  still  In  operation.  Gas  flow  entering  the  tank  via  the  salvage 
system  Is  prevented  from  entrainment  with  propellant  flowing  downward  Into  the 
feedllnes  of  the  stlll-operatlng  engines  by  a screen  baffle  adjacent  to  the 
circulation  pump.  The  system  also  Is  not  sensitive  to  failure  of  the  quad 
valve  closure  since  pressurant  flow,  derived  from  the  engines,  wl3J.  stop  as 
soon  as  all  engines  are  shutdown. 

2. 9*1*2  Pressurization  and  Venting  System.  Hie  baseline- vehicle  main  propulsion 
pressurization  system  design  utilizes  propellant  gases  supplied  by  the  engine 
and  regulated  by  orifices  and  on-off  operation  of  flow- control  valves. 

Separate  valve  clusters  and  orifices  are  used  on  droptank  and  ascent  teuiks, 
each  optimized  to  Its  respective  flow  demands.  The  pressurlzatlon/vent 
system  Is  shown  schematically  In  Fig.  2.9-3*  In  the  event  that  Integration 
of  the  rocket  engine  pressvirant  supply  with  the  orblter  stage  requires  use  of 
a nonlnterrupted,  constant  mass-rate  bleed  from  the  rocket  engine,  reanalysls 
and  some  minor  modifications  of  the  system  described  In  the  following 
paragraphs  wl3J.  be  necessary  to  accommodate  these  criteria. 

The  valve  cluster  system  Is  designed  to  regulate  pressxureuit  flow  through  the 
use  of  fixed  orifices  In  parallel  with  flow  through  each  orifice  controlled  by 
redundant  shutoff  valves.  The  orifices  are  sized  so  that  continuous  flow- 
through the  principal  orifice  will  not  be  sufficient  to  maintain  a constant 
tank  pressure  while  continuous  flow  throxigh  both  orifices  will  exceed  pressureuit 
mass  flow  requirements  and  cause  the  tank  pressure  to  rise.  Pressure  sensors 
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in  the  respective  tank  systems  coupled  to  the  control  system  initiate  valve 
action  to  maintain  ullage  pressure  within  specified  limits.  Response  lags, 
due  to  pressure  drops  from  the  valve  cluster  to  the  tanks,  are  biased  out 
by  the  control  system. 

Vent  6uid  pressvurizatlon  lines  are  Independent  of  each  other.  nie  vent 
system,  however,  is  used  for  tank  prepreesurization  through  the  grovuid 
couplings  before  liftoff.  Again,  sepeurate  valve  clusters  are  used  for  the 
respective  droptank  and  ascent  tank  systems.  ^e  individual  valves  are 
combined  vent /relief  valves. 

Sensors  for  the  ascent  tank  relief  valves  are  attached  directly  to  the  tanks, 
eliminating  the  possibility  of  chatter  caused  by  feedback  of  the  pressure  drop 
upstream  in  the  primary  flow  lines.  In  the  case  of  the  droptanks,  a combina- 
tion of  (1)  direct-sensing,  to  initiate  the  vent  cycle,  and  (2)  an  electrical 
loop,  to  shutoff  venting  when  sensors  located  on  the  tank  indicate  that  safe 
pressure  is  restored,  appears  to  be  a reasonable  solution.  In  this  manner, 
direct-sensing  initiates  the  action  to  prevent  catastrojdiic  failure  by  over- 
pressurization  of  tanks. 

Series-redundant  check  valves  are  particularly  well  suited  to  the  Job  of  control- 
ling pressurant  at  high  pressure  between  the  engine  and  manifold.  The  function 
of  these  valves  is  to  prevent  backflow  of  pressurant  into  engines  as  they  are 
shutdown  during  ascent.  Check  valves  operate  particiilarly  well  in  this  appli- 
cation where  self-actuation  and  hig^  cheOk  pressure  ere  available  to  hold  the 
poppet  tightly  against  its  seat. 

I 2. 9.1. 2.1  Mould  Oxygen  Pressure  Profiles.  Pig.  2.9-4a  shows  that  the  pressure 
at  the  engine  oxldlzer-pump  inlet  is  dominated  by  the  high  hydrostatic  pressure 
(labeled  static  pressxire  on  the  figure)  up  to  the  time  of  droptank  staging  at 
300  sec.  In  the  design  of  feedline  plumbing,  the  lines  are  sized  to  tcdce  advantage 
of  this  pressure  to  overcome  friction  and  inertial  pressure  to  overcome  friction 
and  inertial  pressure  dip  at  starting.  The  curves  shown  in  this  figure  are  based 
on  the  thrust-acceleratlon-time  profile  of  the  baseline  ascent  trajectory. 
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The  vapor  pressure  at  the  droptank  liquid-vapor  interface  was  based  on  the 
assumption  of  a 3-deg  temperature  rise  (equivalent  to  approximately  3 psi) 
due  to  stratification.  Because  of  the  cascade  tank  arrangement  with  the 
oxidizer  droptanks  draining  into  the  top  of  the  oxidizer  ascent  tanks,  this 
stratified  layer  would  be  transferred  into  the  top  of  the  ascent  tanks  as 
the  droptanks  deplete,  especially  if  efficient  baffling  were  to  be  used  at 
the  ascent  tank  inlets.  The  approach  used  is  to  design  the  ascent  tank  inlet 
to  cause  deliberate  mixing  in  order  to  reduce  the  liquid  temperature  at  the 
liquid-vapor  Interface  of  the  oxidizer  ascent  tank.  Stratified  propellant 
in  the  ascent  tanks  was  considered  in  determining  the  effect  on  ascent  tank 
ullage-pressure  requirements.  In  the  press\ire  relationships  shown  in 
Fig.  2.9-Ua,  there  is  sufficient  static  pressure  remaining  at  the  end  of 
burning  to  satisfy  NPSP  and  line  pressure  drop  requirements  with  a 3°R 
temperature  rise  at  the  llqviid-vapor  interface  at  shutdown.  The  foregoing 
assumption  of  a 3 R rise  in  propellant  temperature  has  been  confirmed  in  a 
computer  analysis  assuming  propellsmt  stratification  as  described  in 
Ref.  2.9“^.  This  analysis  further  established  that  increasing  insulation 
thickness  Induced  a minor  increase  in  ullsige  vapor  mass  due  to  the  lower 
average  ullage  gas  temperature  in  the  tanks  at  propellant  depletion  (see 
Fig.  2.9-4b).  However,  the  effect  of  rocket  engine  bleed  gas  temperature 
(used  for  pressurant)  is  more  significant  and  indicates  that  a bleed 

gas  temperature  will  result  in  a lower  residual  gas  weight  penalty  than  any 
lower  pressurant  temperature.  In  the  final  vehicle  design  analysis,  a 
balance  between  tillage  gas  residual  weights  and  tank  structural  weights,  which 
are  affected  by  ullage  gas  temperatures  and  pressures,  will  be  sought  to  reduce 
vehicle  system  weights  to  a minimum. 

2.9 •1*2.2  Liquid  I^drogen  Pressure  Profiles.  In  contrast  with  the  oxj'gen 
pressure  profiles,  the  hydrostatic  pressure  in  the  hydrogen  system  (Fig.  2.9-5a) 
falls  short  of  meeting  NPSP  line  loss  and  component  tolerance  requirements. 

This  shortage  is  made  up  by  pressurizing  the  ullage  to  11  psi  above  bulk 
vapor  pressure  (16.7  psia).  Unlike  the  oxidizer  system,  the  droptanks  are 
not  cascaded  into  the  ascent  tanks.  Therefore,  the  warm  layer  at  the  tank 
top  reaches  the  pump  inlet  Just  before  staging  rather  than  near  the  end  of 
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ascent  burn.  This  vrarm  layer,  having  a vapor  press\u*e  of  23  psl  In  the 
simplified  stratification  model  vused  (based  on  a 3°R  rise),  is  the  key 
determinant  of  droptank  ullage  pressure.  During  ascent  bum,  the  line  loss 
tends  to  be  small  relative  to  the  static  pressure,  which  places  a lesser  demand 
on  ullage  pressure  than  during  the  droptank  operating  cycle.  Hie  majcimum 
inertial  pressure  dip  computed  for  the  hydrogen  feed  system  during  stsortup 
is  0.8  psi,  which  is  not  high  enough  to  affect  the  ullage  pressure  requirement. 

In  the  droptank  insulation  analysis  (see  Ref.  2.9-4),  which  established  the  3^R 
vapor  pressure  rise  noted  above,  it  was  further  determined  that  ullage  gas 
residual  weight  was  affected  significantly  more  by  rocket  engine  bleed  gas 
temperature  than  by  tank  insulation  thickness  (see  Fig.  2.9-5b).  Thus,  in 
the  same  manner  as  described  in  the  preceding  section,  a 500°R  hydrogen  bleed 
gas  temperature  results  in  the  lowest  residual  ullage  gas  weight.  Again,  tank 
structural  weights  are  affected  by  ullage  gas  temperature  and  pressure  and 
must  be  considered  together  with  ullage  gas  weights  in  order  to  arrive  at  a 
minimum  vehicle  system  weight. 

2.9.2  Orbit  Maneuvering  Propulsion  System 

The  orbit-maneuvering  propulsion  system  (OMPS)  provides  the  impulses  for  orbit 
maneuvers  after  injection  into  the  reference  injection  orbit.  In  conjunction 
with  impulses  for  small  impulse  increment  maneuvers  delivered  by  the  ACPS 
thrusters,  it  is  required  to  provide  a total  orbital  velocity  Increment  of 
1,500  ft/sec,  for  the  55  <ieg  inclination,  27O  nm  circular  orbit  reference 
mission.  The  tank  volume  is  sized  for  an  additional  capacity  of  5OO  ft /sec. 

This  system  consists  of  two  RL-10  engines  and  a separate  proi>ellant  and 
feed  system  designed  for  the  long  storage-time  requirement.  Only  one  RL-10 
engine  is  used  for  normal  operation,  the  second  being  a standby  providing 
engine- out  capability.  Hie  two  RL-10  engines  are  glmballed  and  appropriately 

canted  for  alignment  with  the  vehicle  eg,  permitting  single-engine  operation 
as  the  normal  mode.  The  system  as  designed  provides  a fail-operational 
capability  in  the  event  of  an  RL-10  engine  failure.  If  the  second  RL-10 
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fails,  the  retro  maneuver  would  have  to  be  accomplished  with  the  ACPS,  at  an 
additional  weight  penalty  in  propellants  because  of  the  lower  system  specific 
impulse  of  the  ACPS.  This  penalty  is  not  reflected  in  the  propellant  data 
given..  Before  incorporating  it,  an  analysis  should  be  performed  to  determine 
whether  it  is  more  effective  to  add  the  additional  propellant  capability  or  to 
provide  a third  OMPS  engine.  This  latter  cause  apjjears  to  be  lighter  but  may 
impose  additional  installation  problems. 

The  basic  system  design  is  capable  of  efficient  storage  of  propellants  over  a 
30-day  i>erlod  in  orbit.  For  the  baseline  configuration,  the  Insulation  is 
sized  for  a mission.  A system  schematic  is  presented  in  Fig.  2.9-6. 

A summary  of  system  characteristics  is  presented  in  Table  2.9-2. 

2. 9. 2.1  OMPS  Rocket  Engine.  The  rocket  engine  selected  for  OMPS  is  the  PWA 
Model  RL10A-3-3A.  This  rocket  engine  is  identical  to  the  RLlOA-3-3  presently 
being  used  on  the  Centaur  stage,  except  that  provisions  have  been  incorporated 
for  oi>erating  the  engine  at  reduced  propellant  feed  NPSP.  The  RL-10  rocket 
engine  uses  a regeneratlvely  cooled  thrust  chambei  and  a turbopump- fed 
propellant  system  operating  on  a closed  exi>ander  cycle.  Multiple- start 
capability  is  provided.  Normal  operation  requires  the  vehicle  to  supply 
helium  gas  at  5OO  psi  for  valve  actuation  and  electrical  power  for  ignition 
and  valve  control  at  24  to  32  vdc  (9  amp  maximum) . 

2.9*2 .2  OMPS  Propellant  System.  Helium  is  used  for  prepressurization  and 
pressurization  of  both  propellant  tanks.  Hellvmi  x’l'epressurlzatlon  is  used 
to  eliminate  the  problems  associated  with  condensation  of  gaseous 
propellant  vapors  used  in  an  autogenous  system.  For  the  multiple  bum  operation 
of  the  OMPS,  the  last  prepressurization  operation  requires  almost  as  much 
hellvun  as  is  required  for  the  burn  Itself.  Thus,  the  simplest  system  is 
helium  pressurization.  The  helium  is  stored  in  two  tanks,  one  for  each 
propellemt.  These  tanks  are  located  outside  the  propellant  tank  but  under 
its  insulation  so  that  the  helium  is  at  the  same  temperature  as  the  propell.ant 
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Table  2.9-2 

OMPS  CHARACTERISTICS  SUMMARY 


P.  Engine  System 

Engine  lype 

Propellant  I^pe 

Nozzle  Expansion  Ratio 

Number  of  Engines: 

Total 

Operating 

Standby 

Thrust  Vector  Control 

Performance ; 

Thrust  (nom 
vacuim  per  engine), 
lb 

Vacuum  I , sec 
sp' 

Nominal 

Minimum 

Mlxtiire  Ratio,  O/P 

B.  Propellant  System 

Propellant  Feed  System: 


PWA  RL-10A-3-3A 
LO2  and 
57 

2 

1 

1 

Electric-motor  glmbal  actuation 


15,000 

UUU 

439 

5 


Tankage  separated  from  ascent  tankage 

Designed  for  30-day  propellant  storage 
capability 

Sized  to  200^  it /sec  performance 
cajabllltyvl) 

Hg  tank  shared  with  ACPS,  APS 
Og  tank  shared  with  ACPS,  APS 


(1)  For  55  deg  Inclination,  27O  nm  clrcvilar  orbit  reference  mission. 
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Table  2.9-2  (Cont'd) 


Propellant  Weight, 

Loaded 

Impulse 

Flight  Performance 
Reserve 

In-Fllght  Losses 
Residuals 

Tank  Ullage  Pressure,  psl: 
^2  Tank 
Og  Tank 

Other  Requirements: 
Insulation 


Line  and  Tank  Temp 
Control 

Propellant  Gauging  and 
Instirumentatlon 

System  Electric  Power 
(Maxlmian) , KWDC 

System  Helium,  Total,  lb 


41,869^^^ 

34,207^^^ 


(4) 


C 
463 
183 

27 

50 


Purged  Multilayer  — Tanks 
Vacum  Jacketed  - Lines 


By  TCU  System 
TBD 

0.25 

178 


(1)  For  270  nm,  55  deg  Inclination  Reference  Mission. 

(2)  Includes  ACPS  and  APU  propellant. 

(3)  The  2,000  ft/sec  Orbital- Vehicle  AV  capability  (reduced  by  142  ft/sec 
provided  by  ACPS). 

(4)  Flight  reserve  allowance  Included  In  AV  capability  requirement. 
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"to  te  presBxirlzed.  This  eliminates  collapse  problems  during  operation,  emd 
does  not  increase  the  tank  temperature  since  a hot  gas  is  not  introduced*  Thus 
the  tank  design  can  fully  utilize  the  higher  material  properties  at  cryogenic 
temperatures . 

The  propellant  transfer  system  is  designed  to  feed  either  of  the  two  RL-10 
engines.  A different  technique  is  used  for  each  propellant.  For  the  hydrogen, 
selector  valves  located  near  the  tank  are  used  to  Isolate  the  lines  to  each 
engine,  so  that  only  one  need  be  chilled  for  each  operation.  The  line  is 
dumped  at  engine  shutdown.  Line  chilling  up  to  the  engine  Is  accomplished 
by  a secondary  flow  line  which  takes  propellant  from  the  propellant  acquisition 
device  in  the  tank.  The  propellant  acquisition  and  retention  system  is 
conflgxired  to  satisfy  ACPS  operational  requirements  for  on-orbit,  low-g 
conditions.  The  oxygen  feed  system  uses  selector  valves  located  near  the  engine 
emd  between  engine  firings,  the  feedline  is  chilled  up  to  that  point,  using 
hydrogen  vapor  from  the  thermal  control  unit  (TCU)  in  the  hydrogen  tank. 

The  TCU  operates  in  an  open  expansion  refrigeration  cycle  to  maintain  a constant 
IS^  temi>erature  ( 37°R)  in  orbit.  I^drogen  is  expanded  through  a Joule- 
Thcmpson  valve  and  is  passed  through  an  in-teuik  heat  excheuiger  to  remove  excess 
heat  from  the  tank  contents.  Small  circulation  fans  stir  the  hydrogen  tank 
contents  to  ensure  uniform  conditions.  The  hydrogen  vent  gas  is  then  used 
to  chill  the  LOg  tank  and  its  acquisition  and  retention  device  and  the  LOg 
feedline.  Circulation  fans  in  the  LOg  teuik  axe  driven  by  a motor  located 
outside  the  tank  and  magnetically  coupled  to  the  fans*  Tank  temperature 
sensors  are  used  to  open  the  hydrogen  vent  system  and  select  whether  the  tank 
is  chilled  or  not.  A separate  vent  line,  separately  controlled,  is  used 

to  provide  hydrogen  for  cooling  the  ACPS  p\mps. 

The  integrated  storage  tanks  hold  the  hydrogen  and  oxygen  required  for  the  OMPS, 
the  ACPS,  and  the  APU.  The  tanks  and  the  OMPS  hydrogen  feedlines  are  insvilated 
with  high-performance  multilayer  insulation,  which  is  optimized  for  a 7-day 
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period  in  orbit,  and  purged  during  atmospheric  operations.  'Hie  OMPS  LOg 
feedlines  eure  filled  during  ground  operations,  and  are  insvilated  with  vacuum- 
jacketed  multilayer  Insulation.  It  is  noted  that  this  insulation  system  may 
prove  vmsatlsfactory  dxirlng  the  entry  emd  landing  phases  when  some  APU 
reactants  are  required.  If  so,  a small  vacuum- Jacketed  tank,  filled  from 
the  main  tank,  may  be  required. 

2.9 • 3 Attitude  Control  Propulsion  System 

The  attitude  control  propulsion  system  provides  ro3J.  control  during  operation 
of  the  OMPS.  During  orbit  and  reentry  operations,  it  provides  attitude 
control  and  three-axis  rotational  and  three-axis  translational  maneuver 
capability. 

The  thrusters  use  high-pressure  OOg  — propellant  stored  in  liquid  form  in 
the  orbital  propellant  temks.  The  liquids,  pumped  through  heat  exchangers, 
are  converted  to  propellant  vapors  and  stored  in  accumulators  from  which  they 
flow  at  regulated  pressure  to  the  thrusters. 

Forty  identical  1,500- lb  thrust  thrusters  are  used,  with  l6  located  in  the 
forward  section  and  2k  in  the  aft  section.  The  number  of  thrusters  results 
from  the  selection  of  single  thrust- level  thrusters  and  from  the  necessity  to 
meet  fail-operational/fail-safe  capability  under  all  conditions  including  re- 
entry when  the  down-firing  thrusters  must  be  retracted.  Pure  rotational 
couples  about  all  three  axes  is  achieved  during  orbital  flight.  During  the 
reentry  flight  phase,  however,  pure  couples  are  not  possible  about  all  axes, 
because  all  down- firing  thrusters  are  retracted  into  the  vehicle.  Forweurd 
and  aft  and  up  and  down  treuislatlon  in  orbit  is  accomplished  without  cross- 
coupling.  Lateral  translations  in  orbit,  however,  produce  cross- coupling. 

A summary  of  system  characteristics  is  presented  in  Tabic  2.9-3.  The  design 
data  assumptions,  which  have  been  the  basis  for  sizing  analyses,  are  listed 
in  Table  2.9-4. 
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Tabl««  2v9-4 

ACPS  Design  Data  AasiODptlona 


Vehicle  Weight  On-Orbit , lb 

373,000  to  335,000 

Moments  Inertia > alug/ft  t 

Reentry 

Pitch 

10.4X10^ 

Yaw 

13.6X10^ 

Roll 

2.7X10'’ 

2 

Orbital  Rotational  Acceleration,  deg/aec 

1.  (all  axes) 

2 

Orbital  Translational  Acceleration,  ft/sec 

0.5  (all  axes) 

2 

Reentry  Rotational  Acceleration,  deg/sec 

Pitch 

0.8 

Yaw 

1.0 

Roll 

0.67 

Table  2.9-4 
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2.9* 3*1  Thrttster  Chayact eristics*  The  minimum  Impulse  value  per  thruster 
In  its  regular  operation  mode  is  30  lb-sec.  In  order  to  minimize  propellant 
consumption  for  attitude  hold,  when  the  use  rate  is  determined  chiefly  by 
the  minimum  impulse  of  the  thrusters  in  a limit  cycle  mode  of  operation,  the 
desired  low  thrust  can  be  achieved  by  pulsing  the  igniters  only.  The 
mlnlntum  impulse  value  per  thruster  obtained  by  this  mode  of  operation  is 
assumed  to  be  3 lb- sec. 

Other  performance  characteristics  are  listed  in  Table  2.9-*^. 

Table  2.9-5 

ACPS  THRUSTER  CHARACTERISTICS 


Thrust,  lb 

1,500 

Min  Impulse  Bit,  lb-sec: 

Thruster 

50 

Pulsing  Igniter 

5 

Chamber  Pressure,  psia 

250 

0/F  Ratio: 

Thruster 

4.0 

Pvilsing  Igniter 

1 .0 

Specific  Impulse,  sec 

Pull  Thrust 

425 

Minimum  Impulse  Bit  (Thruster) 

TBD 

Minimum  Impulse  Bit  (Igniter  Pulsing) 

TBD 

2. 9. 3.2  Thruster  Installation  Arrangement.  Forty  1,300- lb  thrust  thrusters 
on  the  orbiter,  with  l6  located  in  the  forward  section  and  24  in  the  aft  section 
as  indicated  in  Fig.  2.9-7»  With  this  thruster  configuration  Md  thrust  level 
limited  to  1,300  lb  per  thruster,  it  is  possible  to  achieve  rotation  emd 
translation  in  all  axee  (except  lateral  translation)  without  cross-coupling 
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during  orbital  flight.  During  reentry,  however,  pxire  couples  are  not 
possible  in  all  axes,  because  all  down- firing  thrusters  are  retracted  into  the 
vehicle.  Ifader  this  condition,  pure  couples  are  not  possible  in  pitch  and 
roll,  because  only  the  up- firing  thrusters  are  available  for  operation. 

Cross-coupling  also  occurs  in  yaw  during  reentry,  because  only  the  forward 
side- firing  thrusters  are  available  at  this  time.  Foivard  and  aft  translation 
in  orbit  Is  accomplished  without  cross- coupling.  Lateral  tianslatlon,  however, 
produces  cross-coupling  due  to  the  use  of  single  level  thruster  and  available 
thjruster  locations,  resulting  in  unequal  l3ver  arms  about  the  eg. 

2*9*3*3  Propellant  System.  Liquid  propellants  for  the  ACPS  are  Integrated 
with  the  APU  reactants  in  the  OMPS  storage  tanks  as  noted  in  Fig.  2.9-6  and 
Table  2.9-2.  A capillary  feeding  system  in  the  OMPS  tanks  provides  positive 
propellant  feeding  under  zero  and  adverse  low  acceleration  conditions.  The 
required  thermal  gradient  for  capillary  operation  is  maintained  by  a thermal 
conditioning  unit  (TCU)  in  the  OMPS  hydrogen  tank  which  removes  heat  by  the  ) 

refrigeration  action  of  hydrogen  expansion  and  vaporization.  This  TCU  also 
provides  hydrogen  for  cooling  the  ACPS  pumps  and  feedlines  used  in  the  three 
separate  propellant  conditioning  units  provided  for  each  propellsmt.  Each 
unit  consists  of  a turbine  driven  pump  and  a heat  exchanger  with  two  gas 
generators,  one  to  drive  the  turbine  and  one  to  supply  hot  gas  to  the  heat 
exchanger,  as  shown  in  Fig.  2.9-8.  A temperature  sensor  at  the  pump  Inlet 
controls  the  cooling  flow  by  opening  and  closing  the  valve  in  the  cooling  line 
downstream  of  the  pump.  Redundant  valves  upstream  of  the  pump  provide  a 
shutoff  of  these  individual  vent  lines  in  the  event  of  a failure  of  the 
downstream  valve.  Cooling  gas  from  the  hydrogen  pump  can  be  used  to  cool  the 
oxygen  pmp  or  be  vented  overboard. 

Each  propellant  conditioning  unit  is  sized  to  provide  50  percent  of  the  full- 
flow  requirement.  Therefore,  full  capability  is  available  with  the  failure 
of  one  oxygen  and/or  one  hydrogen  conditioning  unit.  Two  conditioning  unit 
failures  in  either  propellsuit  system  still  provide  50  percent  capability  which 
will  provide  safe  operating  characteristics. 
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The  p\anps  transfer  the  high  pressure  propellants  to  heat  exchangers  which  raise 
its  temperature  to  380°R  for  storage  in  the  accumulators  at  a maximum  pressure 
of  2000  psla.  Sepeurate  gas  generators  sure  used  to  provide  gas  to  the  heat 
exchangers,  and  to  power  the  turbines  which  drive  the  pumps,  since  the  turbine 
exhaust  gases  do  not  provide  sufficient  heat  to  condition  the  propellants. 

Each  pair  of  generators  are  supplied  from  the  accumulators  through  lines  with 
separate  shut-off  valves  at  the  generators,  suid  common  redundant  normally- 
open  valves  to  ensiure  that  two  failures  in  one  line  does  not  resvilt  in  a open 
drain  on  the  accumvilators . Doubly  redundant  pressure  switches  in  the 
accumvilators  shut-off  the  conditioning  unite  at  2000  psla,  and  start  them  at 
900  psia,  a broad  range  selected  to  minimize  the  number  of  pump  cycles. 

Flow  from  the  accumulators  passes  through  a triple  redundant  regulator  set. 

Each  leg  is  provided  with  a solenoid  valve  and  a squib  valve  to  ensure  that  it 
can  be  closed  in  the  event  of  a double  failure.  Flow  from  the  regvilators 
feeds  the  two  ACPS  manifolds,  each  serving  20  thnisters,  as  well  as  the  APU 
system.  Two  normally- open  valves  are  provided  so  that  each  propellant  leg  of 
each  manifold  can  be  Isolated  if  excessive  line  leaV-ages  occurs  which  cannot 
be  Isolated  elsewhere.  The  thruster  units  themselves  are  each  equipped  with 
series  redimdant  valves.  Analysis  showed  that  the  fail-operational,  fall-safe 
criteria  could  be  met  with  a lighter  system  by  adding  nine  additional  thrusters 
with  series  redundant  valves  rather  than  using  quad  redundant  valves  on  the 
31  thrusters  which  are  minimally  required. 

2.9.4  Airbreathing  Propulsion  System 

The  airbreathing  propulsion  system  (ABPS)  provides  thrust  for  powered  approach 
to  the  lauidlng  field  and  for  landing  go-arovind  in  the  event  that  the  initial 
approach  is  aborted.  Performance  requirements  and  the  sizing  analysis  presented 
in  Section  2.4,4  constitute  the  basis  for  the  system  description  presented  here. 
Although  the  schemat^.c  shown  as  Fig.  2.9-9  Includes  tankage,  etc.,  for  ferry 
operations,  the  system  weights  presented  in  Table  2.9-6  eire  limited  to  fuel 
and  components  required  for  return  from  an  orbital  mission. 
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Table  2.9-6 

ABPS  Characteristics  Sumnary 


I 


Requirements : 


Gross  Net  Thrust,  lb  90,500 

Altitude,  ft  2,000 

Flight  Mach  Number  0.3 

Engine  Start  Altitude,  ft  35,000 

Engine  Start  Mach  Number  0.55 

Maximum  Operating  Time,  min  17.5 


Design  Characteristics: 

Number  of  Airbreathing  Engines 

Engine  Thrust  Ra+ing  (Sea  Level),  lb 

Engine  SPC  Rating  (Sea  Level),  IbAb-hr 

Engine  Type 

Ducting  Thrust  Losses 

Fuel  lype 

Fuel  Weight  - Loaded 
Fuel  Weight  - Impulse 
Fuel  Weight  - Resez^e  (1 5%) 

Engine  Installation 

Engine  Weight,  each,  lb 

Installation  Weight,  lb 


6 

(Classified  Data  ) 
(See  PWA  PDS-4251) 
JTF  22  A-4 

3% 

JP-4 

9,635  lb 
8,430  lb 
1,205  lb 

Stowed-Deployable 

2,a5 

20,603 


Table  2.9-6 
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^is  system  is  composed  of  6 low  bypass-ratio  tvirbofian  engines  supported  by 
a fuel  storage  and  feed  system*  Sizing  analyses  that  have  been  conducted 
have  established  the  landing  go-euround  conditions  as  the  limiting  condition. 

The  design  condition  assumed  for  the  baseline  configuration  Includes  a space- 
craft weight  of  333,000  lb  and  L/D  » 5.5  at  a flight  Mach  number  of  0*32 

in  the  go-around  configuration.  Jet  engine  selection  to  meet  the  thrust 
requirements  involved  considerations  of  engine  thnist /weight  ratio,  installation 
volume,  engine  specific  fuel  consumption,  emd  system  weight.  The  selection  of 
the  PWA  Model  JTF  22A-U  turbofan  engine  is  based  on  operational  requirements, 
system  design  considerations,  and  the  engine  performance  as  presented  in  PWA 
PDS-4251  (Confidential  Document)  "Performance  Estimates  for  JTF  22A-4  Turbofan 
Engine  (Nonaugmented  Derivative  of  f401-PW-400) , (Title  Ifticlasslfled) , dated 
15  March  I97I. 

The  engines  are  Installed  on  a deployable  tray  which  is  extended  through  the 
lower  siu'face  of  the  vehicle  by  a set  of  hydraulic  actuators  after  the  vehicle 
flight  speed  has  become  subsonic  (see  Fig.  2.?-27).  In  the  stowed  position, 
the  engines  occupy  space  aft  of  the  payload  bay,  under  the  OMPS  propellatit 
tsuiks  and  between  the  main  landing  gear.  Ttils  position  close  to  the  vehicle 
eg  was  selected  to  provide  maximum  performance  and  ease  of  maintenance  and 
to  facilitate  compliance  with  the  requirement  for  Jet  engine  removal  with 
minimum  scar  weight.  Hie  JP  fuel  storage  tank  is  installed  under  the  payload 
bay  between  the  conical  hydrogen  tanks.  A thermal  protection  system  consisting 
of  insulation  and  electric  heating  units  is  employed  to  prevent  fuel  freezing 
while  in  orbit. 

Dual  boost  pumps  mounted  in  the  fuel  tank  (see  Fig.  2.9-9)  > feed  the  manifold 
which  is  connected  to  each  engine.  Flexible  hose  is  provided  in  the  feedline 
to  accommodate  deployment  of  the  engine  through  the  lower  surface  of  the 
spacecraft.  To  satisfy  fail  operational/fail-safe  criteria,  the  inert  gas 
pressurant  supply  is  designed  to  satisfy  pressure  and  flow  requirements  for 
JP  fuel  fed  to  the  Jet  engines  in  the  event  that  both  boost  pumps  fall.  Engine 
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starting  is  accomplished  hy  vlndmllUng  the  engine  rotor  In  the  alrstream 
with  supplemental  starting  torque  supplied  by  a hydraulic  motor  driving 
through  the  engine  gear  box.  hydraulic  power  for  this  motor  Is  furnished 
by  the  vehicle  APU  system. 

While  the  use  of  JP  fuel  for  turbojet  engine  operation  has  been  established  by 
a NASA  Level  I decision,  it  was  considered  Important  to  assess  the  Impact  of 
this  decision  on  cost,  weight,  and  abort  capability.  To  maintain  the  payload 
capability  of  a stage-and- one-half  vehicle  when  JP  fuel  Is  used  In  lieu  of 

an  Increase  In  GLOW  of  157>000  Ibm  Is  estimated.  This  wovild  result  In 
a $11M  Increase  In  program  costs.  Mission  abort  analyses  have  been  prepeured 
which  utilize  the  ABPS  for  subsonic  crulseback  from  an  overwater  launch 
trajectory.  Hie  use  of  JP  fuel  limits  the  crulseback  range  to  50  nni,  while 
the  use  of  extends  this  range  to  350  nm  due  to  the  availability  of  unused 

proi>ellant  In  the  OMPS  tanks  at  the  time  of  abort.  Hie  program  cost  advantage 
attributable  to  this  mode  of  abort  recovery  Is  dei>endent  on  estimates  of  abort 
probability  but  have  been  estimated  to  be  $171M  (Ref.  2.9-5). 
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2.10  POWER  SYSTEMS 

2.10.1  Electrical  Power  System 

Hie  baaic  electrical  power  system  (EPS)  design  concepts  established  during 
the  Initial  Phase  A stage-and- one-half  study  segment  are  unchanged  from  the 
baseline  reported  In  the  A revision  of  EM  I2-01-06-M1-1A,  dated  2 November  1970 
for  Model  LS  200-5  included  in  the  fifth  monthly  ACS  progress  report. 
Detailed  design  data  estimates  for  the  Model  LS  200-7  stage-emd- one-half  employ- 
ing nine  (9)  main  rocket  engines  (to  Interface  Control  Document  13MI5OOCB 
dated  1 March  1971)  are  provided  in  EM  L2-01-06-M1-1B  dated  23  March  1971 
(see  Appendix  B of  this  repoi^). 

The  EPS  employs  three  types  of  electrical  energy  sources  (see  Fig.  2.10.1-1). 

Emergency  silver- zinc  batteries  are  provided  to  supply  12,000  watt-hoxirs  of 
energy  on  demand. 

Prlmaiy  mission  electrical  demands  are  supplied  by  three  five  (5)  kilowatt 
capillary  matrix  fuel^cell  modules.  A single  module  supplies  all  power  required 
except  for  short  periods  during  ascent,  rendezvous /docking,  and  separation 
(see  Fig.  2.10.1-2). 

Electrical  energy  for  the  peak  demands  of  pre launch,  ascent  and  atmospheric 
flight  (reference  Figs.  2.10.1-2  and  -3)  are  supplied  by  three  (4o)  KVA  AC 
generators  (triply  redundant)  driven  Independently  by  the  chemically  fueled 
t\jrbines  used  to  sui>ply  hydraulic  power.  The  distribution  system  Is  based  on 
use  of  remotely  located  circuit  breaker /control  units  under  the  control  of 
a multiplexed  data  management  subsystem,  except  for  survival- critical  circviJ.te 
whose  breakers  axe  accessible  to  the  crew. 
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A quad- redundant  power  bus  la  provided  for  critical  loads,  with  dual- redundant 
for  the  remainder. 

Electrical  power  system  weight,  (exclusive  of  tankage,  reactants,  thermal 
control  .adlator  system)  Including  signal  cables  and  Installation  requirements 
Is  4569  lb.  Itemized  weights  are  provided  In  EM  I2-01-06-M1- IB  Md  the  weight 
for  tankage,  reactants,  and  thermal  control  are  Included  In  this  report  In 
Section  2.IU)  Mass  Properties. 


LMSC-A969142 
Vol  II 


2 *10 *2  Hydraulic  Power  System 

The  hydiraulic  power  system  pirovides  power  and  adequate  response  characteristics 
for  main  propulsion  and  orbit  maneuvering  rocket  engine  thrust  vector  actuation, 
for  aerocontrol  surface  actuation,  for  airbreathing  engine  platform  and  landing 
gear  extension,  for  ACPS  thruster  deployment  and  retraction,  for  cargo  door 
operation,  and  for  other  functions. 


The  principal  hydraulic  power  requirements  are  generated  by  rocket  engine  TVC 
diiring  ascent  (5  gimballed  engines)  and  by  aerocontrol  surface  operation  dxiring 
reentry.  The  peak  hydraulic  power  load  during  ascent  is  estimated  to  be  370  HP 
with  the  average  power  level  amounting  to  195  HP.  These  conditions  include  the 
use  of  hydraulic-actuated  engine  controls  and  are  in  compliance  with  criteria 
specific  in  the  NASA  document  13M.5000B,  which  establishes  the  vehicle/rocket 
engine  interface.  The  hydrualic  -ower  requirements  during  reentry  have  been 
estimated  on  the  basis  of  the  results  of  a computer>-aided  reentry  simulation 
study  conducted  under  NASA  Contract  NAS  9-1U59.  These  study  results  expressed 
as  control  surface  deflections  are  presented  in  Fig.  2.10.2-1.  Duty  cycle  and 
response  rate  effects  are  summarized  in  Fig.  2.10.2-2  in  that  maximum  hinge 
moments  have  been  identified  for  each  control  surface  to  enable  actuator  size/ 
power  levels  to  be  established.  The  maximum  power  required  during  reentry  has 
thus  been  identified  as  occurring  during  subsonic  flight  and  is  estimated  to  be 
455  HP.  Using  electric  power  and  hydraulic  power  data  generated  in  these  analyses, 
a duty  cycle  for  APU  operation  has  been  assembled,  see  Fig.  2.10.2-3,  to  assist 
in  the  establishment  of  the  overall  APU  power  level.  The  maximum  power  level  is 
estimated  to  be  485  HP. 

The  system  (see  Fig.  2.10.2-4)  consists  of  multiple  hydraulic  pumps  driven  by 
AFUs  and  arranged  with  interconnecting  plumbing  in  parallel  systems  to  satisfy 
redundancy  criteria  which  sp>ecify  a fail  operational,  fail  operational,  fall 
safe  functional  mode.  The  3 parallel  hydraulic  supply  systems  are  pressurized 
by  12  hydraulic  pumps  driven  by  4 APUs  (3  hydraulic  pumps  per  APU).  With  this 
arrangement,  vehicle  power  requirements  can  be  satisfied  by  the  complete  output 
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from  any  2 AHJs  or  any  6 hydraiillc  pumpa.  Propellants  for  APU  operation 
(gaseous  hydrogen  and  gaseous  oxygen)  are  drawn  from  the  ACPS  propellant 
gas  generation  supply  system.  Hydraulic  actuators  for  rocket  engine  TVC, 
aerocontrol  sxirfaces,  etc.,  are  connected  to  these  parallel  hydraulic  power 
supply  systems.  Actuator  rediuidancy  Is  achieved  throu^  the  use  of  a 
quadraplex  design  \dilch  utilizes  the  3 hydraulic  supply  services  and  4 
electrical  signal  Inputs.  This  electrical  Input  design  arrangement,  vrtilch 
consists  of  3 real  channels  and  one  electronic  model,  eliminates  the  need 
for  a forirth  hydraulic  system 

Estimates  of  component  weights  for  the  hydratillc  system  and  APU  have  been 
made  and  ere  presented  In  Fig.  2.10.2-5. 
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Fig.  2.10.2-2 


CONTROL  SURFACE 

MAX.  HINGE  MOMENTS 
(FT-LBS) 

FLIGHT  CONDITIONS 

TRIM  FLAP  (LOWER) 

966,000 

SUBSONIC 

ELEVONS 

201,000 

SUBSONIC 

RUDDERS 

364,000 

SUBSONIC 

UPPER  FLAPS 

788,000 

TRANSONIC 

AUX.  SURFACES 

367,000 

SUBSONIC 

MAX.  POWER  REQUIRED  (SUBSONIC  - W/0  TRIM  TABS)  455  HP 


Fig.  2.10.2-2  Reentry  Control  Hydraulic  Pouer  Requirements 
(stage  and  One-Half) 
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Fig.  2.10.2-3 
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> 


> 


MISSION 

PHASE 

DURATION 

(MINI 

ELEC. 

PEAK 

KW 

PWR. 

AVE. 

KW 

HYD. 

PEAK 

HP 

PWR. 

AVE. 

HP 

TOTAL 

PEAK 

HP 

POWER 

AVE.' 

HP 

PRELAUNCH  TO  LIFTOFF 

30 

22 

6 

150 

50 

190 

61 

LIFTOFF  TO  20,000  FT 

1 

25 

25 

370 

195 

415 

240 

20,000  FT  TO  STAGING 

4 

25 

20 

370 

180 

415 

216 

STAGING  TO  ENGINE  C.O. 

2 

17 

15 

260 

65 

290 

92 

ENGINE  C.O.  TO  APU 
SHUTDOWN 

10 

13 

7 

30 

30 

53 

42 

ORBIT  CHECKOUT 

2 

18 

18 

150 

150 

182 

182 

IDLE  MODE  RETRO  TO  270K' 

42 

4 

4 

30 

30 

37 

37 

270,000  FT  TO  20,000  R 

48 

18 

5 

455 

85 

485 

94 

20,000.  R TO  GO-AROUND 

8 

18 

18 

455 

455 

485 

485 

GO-AROUND  TO  TOUCHDOWN 

6 

18 

18 

455 

455 

485 

485 

TOUCHDOWN  TO  ROLLOUT 

2 

18 

18 

150 

50 

190 

61 

Fig.  2.10.2-3  APU  Duty  Cycle  - Stage-and-One-Half  Orbiter 
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APU  - 4 UNITS  © 245  HP  EA. 

320  LB 

HYDRAULIC  PUMPS  - 12  @ 76  HP  EA.  • 

195 

ALTERNATORS  - 4 @ 20  KVA  EA. 

120 

GRD  START  GEARBOX  - 4 

100 

INSTALLATION 

80 

HYDRAULIC  COOLERS  - 4 

16 

HYDRAULIC  ACCUMULATORS  - 3 

255 

HYDRAULIC  FLUID  (260  GALS) 

1800 

LINES,  VALVES,  SUPPORTS 

1470 

ACTUATORS  - - LOWER  FLAP 

1230 

LOWER  & UPPER  ELEVON 

780 

RUDDERS 

720 

AUX.  CONTROL 

150 

JET  ENGINE  EXTENSION 

200 

TOTAL  SYSTEM  WEIGHT 7436  LB 


Fig.  2.10.2-5  Hydravilic  ^stem  APU  Vfei^its 
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2.11  ENVIRONMENTAL  CONTROL/LIFE  SUPPORT  SYSTEM 

The  environmontal  ccmtrol  and  life  support  system  (EC/LSS)  provides  the  crew 
with  an  environment  that  ensures  their  safety  and  functional  capr.bility 
throughout  the  mission.  The  system  also  provides  total  Inteznal  thermal 
control  (passive  and  active)  for  vehicle  systemc,  compax^ments,  and 
components.  Ths  concepts  presented  herein  are  compatible  with  the  14.7 
psla  Space  Station  atmosphere.  The  system  is  designed  to  sustain  two 
crew  members  for  7 days.  Sufficient  space  (645  ft^)  has  been  provided  in 
the  crew  compax*tment  to  Incltide  two  cargo  handlers.  Tbeir  life  support 
provisions,  however,  wjll  be  cheurged  to  the  payload. 

Figs.  2.11-1  through  2.11-5  are  simplified  schematics  for  EC/LSS  subsystem^ 
and  provide  the  following  functions: 
e Atmosphere  Supply 

e Atmosphere  Control 

• Humidity  Control 

e Carbon  Dioxide  Removal 

e Trace  Contaminant  Control 

e Cabin  and  Equipment  Thermal  Control 

e Food  and  Water  Supply 

e Waste  Management,  Personal  Hygiene,  and  First  Aid 
Tables  2.11-1  through  2.11-4  show  vehicle  design  parameters,  metabolic  and 
cabin  data,  estimated  power  requirements,  and  thermal  loads.  System  weights 
are  tabulated  in  Section  2.14* 
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Fig.  2.11-2  Thermal  and  Humidity  Control 
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Fig.  2,11-5  Waste  Management  and  Personal  Hygiene 
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Table  2.11-1 


ORBITER  DESIGN  PARAMETERS 


Mission  Duration 
Crew  Size 
Cabin  Volume 
E/A  Req\iired 

Number  of  Repressurizations 
Operational  Modes 


7 days 
2 

645  ft^ 

None 

1 

Suited  and  Shirtsleeve 
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Table  2.11-2 

ORBTTER  METABOLIC  AND  CABIN  DATA 


Cabin  Atmosphere  Constituents 

CM 

O 

Cabin  Total  Pressure 

14.7  psia 

Og  Rirtial  Pressure 

3*1  psia 

N_  Partial  Pressure 
2 

11.6  psia 

Carbon  Dioxide  Rxrtial  Pressure  Limit 
Normal 
Normal  Peak 
Ehicr0ency 

5 MM  Hg 
8 MM  Eg 

15  MM  hg  for  30  Min 

Cabin  Temperature 

65-75°F. 

Cabin  Relative  Humidity 

35-6556 

Cabin  Leakage  Rate 

6 Ib/day 

Oxygen  Consxraption  (Metabolic) 

1.8U  Ib/man-day 

Carbon  Dioxide  Generation 

2.12  Ib/man-day 

Latent  Heat  (Metabolic) 

4300  BTU/man-day 

Sensible  Heat  (Metabolic) 

6900  BlU/man-day 

Food  (including  Packaging) 
Frozen 

Freeze  Dried 

3.30  Ib/nan-day 
1.78  Ib/man-day 

Water  of  Oxidation 

0.78  Ib/man-day 

Water  Consumption  Rates 

Drinking  and  Food  Preparation 
Washing  and  Personal  Hygiene 
Urine  Receiver  Rinse 

6.99  Ibs/taan-day 
3.90  Ibs/main-day 
2.00  Ibs/man-day 

Water  Production  Bates 
Urine 

Including  Solids 

3.08  Ib/man-day 
3.24  Ib/man-day 

Fecal  Water 

Including  Solids 

.25  Ib/man-day 
.34  Ib/man-day 

Water  in  Food  Waste 

.14  Ib/man-day 

Evaporative  Water 

4.30  Ib/man-day 
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Table  2.11-3 
THERMAL  LOADS  (BTU/HR) 


♦Transient  Analysis 


♦♦Fuel  cell  loads  are  based  on  a vapor  condenser  load  of  4200  btu/hr  and 
stack  coolinc  loop  load  of  6l00  btu/hr  * 10,300  btu/hr  during  prelaunch. 
Ascent,  orbit  max,  entri'  and  landing  loads  are  ratloed  to  the  total  elec.- 


tronic  heat  loads 


r.  Fuel  Cell  Heat  Load 

l^i.e.,  entry,  iT,9loTtvi/&~ 


10 J 300  btu/hr 
12,520  btu/hr 


orbit  minlmlnum  is  35^  maxlmvin 


■iHHs-The  entry  and  landing  baseline  profile  considered  for  transient  entry  analysis 
is  as  follows; 

• Time  zero  at  400,000  ft 

• Ram  air-cooling  at  45,000  ft  (1880  sec) 

• Start  landing  phase  at  40,000  ft  (2000  sec) 

• Touchdovm  (2300  sec) 

• Ground  cart  hookup  (3000  sec)  2.11-9 
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External*  Cabin 
Beat  Load 

Metabolic  Heat  Load 
(2-Man  Totals) 

• Sensible 

e Latent 


Cabin  Electronic 
Heat  Loads 

e Air  Cooled 

• Cold  Plate 


Fuel  Cell  Heat 
Loads 


/ 

/ 

- liooo 

+ 700 

500 

600 

500 

6oo 

4,020 

9,400 

3,320 

9,200 

2,020  3,570 


£ 

/ 

/ 

- 1,300 

♦ 2,400 

- 1,000 

440 

* 

♦ 

220 

«• 

«• 

1,250 

3,120 

»^,150 

3,640 

8,790 

8,750 

2.11-10 


) 


) 


) 


Table  2.11-4 

ORBITER  ECS/LSS  PO’rfER  REQ'JIREMENTS  (WATTS) 


PREIAUNCH 

LAUNCH 

ASCENT 

ORBIT 

RENDEZVOUS 
& DOCKING 

DBORBIT 

REEUTRY 

LANDIW) 

! Suit  compressors 

100/200 

100/200 

100/200 

100/200 

100/200 

100/200 

Cabin  blower 

8o 

80 

80 

80 

80 

£0 

80 

Cabin  vent  fans 

8o 

80 

80 

80 

80 

80 

Coolant  pumps 

125/250 

125/250 

125/250 

125/250 

125/250 

123(250 

125/250 

Watei*  and  waste 
manaaenent 

© 

- 

© 

© 

- 

© 

POg  monitor  and 
contiol 

50 

50 

50 

50 

50 

50 

i Heaters 

- 

- 

© 

© 

® 

- 

- 

TOTAI.  AVG/PEAK 

435/860 

435/660 

435/1360 

435/1160 

255/380 

385/810 

Intermittent  operation  (50?®  duty  cycle  at  200  watts) 
(^  Intermittent  operation  (50?^  duty  cycle  at  500  watts) 
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2.11.1  Atmosphere  Supply  and  Control 

The  system  for  the  orblter  supplies  a 14.7  psla  nitrogen-oxygen  atmosphere 
with  an  oxygen  partial  pressure  of  3.1  psla.  Each  gas  Is  stored  In  super- 
critical cryogenic  tanks » and  oxygen  Is  shared  with  the  electrical  power 
subsystem.  The  gases  are  heated  by  the  cryogenic  heat  exchangers  prior  to 
admittance  to  the  cabin.  The  gaseous  supply,  stored  In  acciimulators  from  tank 
venting,  Is  maintained  for  emergency  or  high  usage  rates.  Tank  pressures 
are  reduced  by  regulators. 

Two  modes  of  operation  are  provided.  The  primary  mode  occurs  with  the  crew 
in  shirtsleeves  with  the  gas  circulating  loop  open  to  the  cabin.  An  cdtemate, 
closed-loop  svilted  mode  Is  available  for  emergency  operation.  Oxygen  partial 
pressure  control  Is  identlced  for  either  suited  or  shirtsleeve  opei^lion. 

Oxygen  partial  pressure  Is  sensed  by  a polargraphlc  sensor.  The  sensor 
signal  Is  Interpreted  by  an  amplifier,  which  actuates  a solenoid  valve  to 
admit  oxygen  as  needed.  Total  pressure  is  maintained  with  nitrogen  by  an 
absolute  pressure  regulator.  For  the  suited  mode,  the  total  pressure  is 
maintained  slightly  positive  with  respect  to  cabin  pressure. 

The  oxygen  accumulator  Is  sized  to  provide  a quantity  sufficient  for  one  cabin 
reprassvirizatlon  to  3.1  psla.  The  nitrogen  accumulator  is  sized  for  1 day's 
leakage.  Repressurlzatlon  Is  performed  with  oxygen  over  a short  time  period, 
and  nitrogen  Is  added  at  a slow  rate  to  build  the  total  pressure  to  14.7  psla. 

Gas  quantities  Indicated  in  Section  2.14  are  basic  requirements  and  do  not 
reflect  additional  needs  for  falx -ope rational,  fail-safe  reliability.  They 
do,  however,  reflect  one  additional  day's  quantity  for  contingency.  To 
provide  the  additional  reliability,  it  is  likely  that  the  cryogenic  tanks 
will  be  doubled,  thereby  doubling  the  listed  weight  and  volumes  for  tankage 
and  gases. 
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2.11.2  Thermal  and  Humidity  Control 

Heat  generated  by  onboard  systems,  power  sources,  and  crew  members  is  rejected 
to  space  ly  a space  radiator.  The  radiator  is  estimated  to  be  420  ft2  for 
an  ass\imed  upper  surface  location  and  an  a /«  = 0.05/0.8  and  an  average 
load  of  23,000  Btu/hr.  However,  maximum  orbital  loads  are  27,120  Btu/hr  and 
growth  to  35,000  Btu/hr  should  be  anticipated.  In  this  event,  the  radiator 
area  could  exceed  640  ft2  for  the  same  location  and  siarface  characteristics. 

The  system  consists  of  two  coolant  loops;  an  internal  loop  within  the  crew 
compartment  and  an  external  loop  throughout  the  remaining  unpressurized  areas 
of  the  vehicle.  The  internal  loop  uses  water  as  the  coolant  medium  and  the 
external  loop  uses  Freon  FC-21. 

In  the  crew  compartment,  heat  is  transferred  to  the  water  loop  either  passively 
to  the  atmosphere  and  then  through  the  gas/liquid  cabin  or  suit  loop  heat 
exchanger  or  actively  through  cold  plates.  The  heat  added  to  the  water  loop 
is  transferred  to  the  external  freon  loop  through  a liquid/liquid  Interchange 
heat  exchanger.  Part  of  the  heat  is  used  for  fuel  cell  cryogenic  heating, 
and  the  excess  is  radiated  to  space  by  the  radiator. 

Supplementary  cooling  is  achieved  by  utilizing  water  boilers  which  boll 
excess  fuel  cell  water.  Use  of  venting  cryogenics  as  heat  sinks  during 
post-launch  and  reentry  is  achieved  through  additional  heat  exchangers. 

The  LOX  sump  line  heat  exchanger  as  shown  in  Fig.  2.11-2  is  typical  of 
this  application. 
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To  maintain  a 50-percent  relative  humidity  within  the  crew  compartment,  the 
coolant  inlet  temperature  at  the  suit  heat  exchanger  is  45-50®F.  This 
temperature  condenses  the  latent  load  generated  by  the  crew  and  the  lithium 
hydroxide  reaction.  The  condensed  water  is  separated  from  the  heat  exchanger 
and  stored  either  in  the  potable  water  tank  or  in  the  waste  water  tank.  It 
is  then  either  consumed  by  the  crew  or  evaporated  in  the  water  boiler  for 
auxiliary  cooling. 

2.11.3  Carbon  Dioxide  and  Trace  Contaminant  Removal 

Because  of  the  short  mission  duration  of  the  vehicle,  lithium  hydroxide  and 
charcoal  were  selected  for  removing  carbon  dioxide  and  odors.  Since  cabin 
leakage  is  assumed  at  6 Ib/day,  this  rate  will  limit  concentration  of 
contaminants  not  removed  by  the  lithium  hydroxide/charcoal  cartridges.  If 
leakage  rates  are  small,  a catalytic  oxidizer  could  be  added  to  eliminate  the 
major  contaminants,  such  as  methane,  carbon  monoxide,  hydrogen,  and  other 
minor  contaminants. 

The  atmosphere  is  circulated  by  compressors  through  the  debris  trap,  lithium 
hydroxide  and  charcoal  beds,  and  suit  heat  exchanger.  The  same  beds  are  used 
regardless  of  whether  the  operational  mode  is  suited  or  shirtsleeve. 

2.11.4  Food  and  Water 

A combination  of  freeze-dried  and  frozen  food  will  be  carried  in  individual 
servings.  Reconstitution  of  the  dried  food  will  be  performed  at  the 
preparation  station.  A freezer  is  provided  for  the  frozen  food  and  an  oven 
for  cooking. 
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Water  la  supplied  from  the  fuel  cell  output  which  produces  a quantity  in 
excess  of  metabolic  reqvilrements.  The  potable  water  tank  Is  sized  to  carry 
1 day's  requirement  (26  lb).  Bladder  tanks,  pressurized  from  the  nitrogen 
system,  are  used  for  both  the  potable  and  waste  tanks.  The  waste  tank, 
which  stores  water  for  boiling.  Is  sized  to  carry  75  lb  of  water. 

Heating  of  the  potable  water  for  food  reconstitution  or  chilling  for 

direct  consumption  Is  accomplished  by  the  coolant  fluid.  An  electrical  heater 

supplements  the  hot  coolant  for  water  heating. 

Additional  supplies,  such  as  trays,  utensils,  towels,  etc.,  are  stored  at  the 
preparation  station. 

2.11.5  Waste  Mangement,  Personal  Hygiene,  First  Aid 

Urine  and  fecal  material  are  collected  at  a waste  management  station  In  the 
crew  compajrtment.  The  waste  materials  are  collected  by  an  air  transport 
system  contained  within  the  collection  unit.  Urine  is  phase-separated  from 
the  transport  air  and  either  heated  and  vented  to  space  as  a gas  or  dumped 
directly  through  a heated  dump  valve.  While  docked  to  the  Space  Station  or 
when  in  the  vicinity  of  experiments,  the  urine  is  temporarily  stored. 

Feces  Is  vacuum-dried  and  stored  In  a waste  container  along  with  debris  and 
other  miscellaneous  trash.  The  container  Is  later  emptied  as  a ground 
servicing  operation. 

Personal  hygiene  items  for  bathing  and  grooming  are  stored  at  the  management 
station,  eilong  with  medical  supplies. 
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2.12  AVIONICS  SYSTEMS 

The  avionics  systems  of  the  stage-and-one-half  space  shuttle  vehicle  (SSV) 
have  been  detailed  in  engineering  memorandums  (EMs)  and  as  follows:  (1)  Data 

Management,  EM  L2-01-03-M1-16,  Appendix  B of  this  report;  (2)  Guidance  Navi- 
gation, EM  L2-01 -03-MI -2A,  ACS  Fifth  Monthly  Report;  (3)  Communications, 

EM  L2-01-03-M1-3A,  ACS  Fifth  Monthly  Report;  and  (4)  Control  Display,  EM  L2- 
01 -03-MI -4,  ACS  Fifth  Monthly  Report. 

Review  of  the  basic  avionics  systems  concepts  established  for  the  Model  LS 
200-5  against  the  requirements  of  Model  LS  200-7  resulted  in  changes  to  the 
data  management  system  only.  These  changes  were  required  to  accommodate 
the  changes  in  number  of  engines  from  11  to  9 for  main  rocket  engines  and 
from  4 to  6 for  turbojet  landing  engines.  The  changes  in  avionics  since 
the  ACS  Fifth  Monthly  Report  are  seen  to  be  limited  to  revisions  to  details 
which  primarily  impact  weight  and  power  rather  than  concept. 

The  baseline  avionics  system  is  predicated  on  significant  levels  of  develoi>- 
ment  and  innovation  in  the  integrated  data  management  concepts  employed;  how- 
ever, the  system  can  be  implemented  with  currently  available  general-purpose 
computers. 

A brute  force  concept  for  satisfying  redundancy  is  employed,  utilizing  triple 
and  quadniple  redundancy  at  equipment  levels.  It  is  anticipated  that  design 
refinements  can  reduce  the  weight  fractions  estimated;  however,  the  selected 
approach  provides  a conservative  design  estimate. 

An  executive  level  review  of  each  avionics  system  is  provided  in  the  following 
sections;  details  are  included  in  the  EMs  listed  earlier 
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2.12.1  Data  Management  System 

The  data  management  system  (DMS)  Includes  the  mechanization  of  data  collection, 
translation,  analysis,  and  distribution  functions.  Ihis  is  accomplished  by 
means  of  a data  distribution  system,  a computer  system,  and  their  interfaces. 
These  are  shown  in  block  diagram  form  in  Fig.  2.12-1. 

The  computer  system  is  distributed  into  three  functional  areas t the  executive 
command  and  control,  guidance  and  navigation,  and  vehicle  control,  each  having 
its  own  computer,  as  shown.  The  individual  computers  perform  those  tasks 
associated  with  their  functional  areas  in  addition  to  controlling  the  local 
flow  of  data.  The  command  and  control  computer  serves  in  an  executive  role, 
assigning  and  directing  the  tasks  to  be  performed  in  the  other  computer  areas. 
The  transfer  of  data  in  each  of  the  functional  areas  is  broken  into  several 
logical  subgroupings,  each  connected  to  its  associated  computer. 

A dedicated  substation  controller  (SSC)  is  assigned  to  each  geogra^dilcally 
contiguous  subgroup  to  manage  the  data  transfer  within  the  elements  served 
by  the  SSC.  The  SSC  allows  local  data  transfer  and  buffer  updates  to  occur 
at  their  natural  frequency  without  disturbing  other  vehicle  substations. 
Individual  substation  areas  may  have  changes  Incorporated  with  no  Impact  on 
adjacent  aroas.  This  applies  to  the  dedicated  functional  computers  as  well. 

The  mutual  exchange  of  data  between  the  functional  compaters,  as  well  as  SSC 
is  accomplished  by  means  of  a data  bus.  The  basic  means  of  combining  various 
data  in  an  orderly  manner  is  via  a multiplex  data  distribution  system  which 
consists  of  a data  bus  network  and  the  necessary  electronics  for  getting  data 
on  or  off  the  data  biis. 

The  functional  computers  perform  all  computational  algorithms  incliziing 
checkout  of  those  elements  they  serve  and  interface  the  individual  subsystems 
with  the  command  and  control  computer  for  status  and  abort  decisions.  This 
permits  an  orderly  allocation  of  responsibility.  Self -test  and  warning  is 
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a hybrid  function  with  each  redundant  hardware  element  havlnc'  either  Its  own 
built-in  test  equijinent  (BITE)  reporting  its  internal  condition  to  the  SSC, 
and  then  to  its  associated  computer,  or  supplying  data  for  health  evalviation 
by  the  SSC  and/or  local  computer.  Subsystem  tests  are  initiated  by  the  func- 
tional computer  via  the  SSC.  Total  system  evaluation,  and  a logicial  deduc- 
tion of  the  impact  of  a particular  status  reported,  is  made  within  the  command 
and  control  computer  which  has  the  responsibility  for  total  configuration  con- 
trol in  conjimctlon  with  a man-machine  override. 

2.12.2  Guidance  Navigation 

The  fundamental  requirements  of  the  navigation  system  are:  (1)  to  provide 

sufficiently  accurate  position  and  velocity  information  for  the  guidance 
system  to  accomplish  all  mission  ji^ses,  and  (2)  to  provide  sufficiently 
accurate  attitude  information  for  the  attitvde  control  system  to  safely  con- 
trol and  stabilize  the  vehicle  attitude  dxirlng  all  mission  phases. 

The  major  vehicle  flight  phases  are:  (1)  ascent  including  (la)  guided  bvirn, 

and  (lb)  tank  separation,  (2)  orbit  inclviding  (2a)  parking  and  transfer, 
and  (2b)  rendezvous  and  docking,  (3)  reentry,  (4)  glide,  (5)  landing  maneuvers, 
and  (6)  self-ferry.  During  each  of  these  phases,  the  navigation,  guidance  and 
flight  control  system  provides  position  determination,  trajectory  control, 
attitude  control  and  stability  augmentation. 

Various  approaches  for  system  implementation  have  been  examined.  The  baseline 
navigation  and  guidance  system  is  shown  in  Fig.  2.12-2.  The  baseline  naviga- 
tion, guidance,  and  control  system  is  compatible  with  the  mission,  vehicle, 
and  technology  requirements  and  constraints.  The  system  interfaces  with  the 
data  management  system,  pilot  displays  and  controls,  flight  control  actuation, 
propulsion  system  actuation  and  the  electrical  pou  >r  system. 
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A requirement  for  minimum  dependence  on  ground  equipment  imposes  further  con- 
straints on  a mnnber  of  navigation  areas.  Prelaunch  alignment  is  accomplished 
by  means  of  earthrate  gyro compassing.  The  inertial  navigation  sensors  are  of 
stifficient  quality  to  permit  the  gyrocompassing  to  be  performed  inside  the 
computer.  Ground-based  tracking  updates  are  quite  desirable  for  rendezvous 
and  just  prior  to  reentry;  however , the  ground  Independence  requirement 
demands  a long-range  rendezvous,  target- tracking  capability  and  short-range 
rendezvous  and  docking  capability  which  is  Independent  of  position  update  in 
addition  to  the  vehicle  position  ir  an  inertial  coordinate  system.  A precise 
position  update  is  required  just  prior  to  reentry,  thus  a star  sensor  and 
horizon  scanner  is  selected.  A landmark  tracker  (this  requires  a man  to 
select,  verify,  aim,  and  "shoot"  the  landmark)  is  included  as  a backup. 

At  the  end  of  the  reentry  phase  (about  30.5  kilometers  or  100,000  ft),  another 
position  update  is  required  to  verify  the  vehicle  location  with  respect  to 
the  landing  field.  For  post-reentry  and  landing  phases,  use  is  made  of  exist-  ^ 
ing  civilian  and  military  radio  navigation  and  landing  aids. 

The  most  stringent  navigation  requirements  are  that  the  vehicle  have  the 
capability  of  periodicially  realigning  the  navigation  coordinate  frame  which 
will  drift  significantly  during  the  long  mission  time.  A star  tracker  is 
Included  for  satisfying  this  requirement. 

A computer  performs  the  following  primary  functions: 

(1 ) Computes  vehicle  state  vector,  targeting,  and  steering  commands 

(2)  Sums  command  with  feedback  parameters  and  insiires  outer  loop 
stability 

(3)  Issues  control  signals  to  the  Vehicle  Control  Computer  where  the 
attitude  control  and  autopilot  functions  are  performed. 


O 
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2.12.3  Communications 

The  communication  subsystem  is  the  link  between  the  spacecraft  and  the  ground; 
spacecraft  and  the  Space  Station;  and  spacecraft  and  other  external  space 
vehicle  or  personnel.  As  a voice  link,  it  gives  the  crew,  the  ground,  the 
Space  Station  and  the  EVA  and  other  spacecraft  the  capability  of  direct 
communication.  As  a data  link,  it  provides  critical  data  through  the  Data 
Management  ^stem  to  the  ground  and  Space  Station  as  a backup  to  the  inform- 
ation furnished  to  the  crew  onboard  the  spacecraft.  As  a command  link  from 
the  ground  or  Space  Station,  it  transfers  command  inform tlon  into  the  space- 
craft automatically  as  a backup  to  the  crew.  The  Conmtunication  Subsystem 
also  provides  for  communication  between  the  crew  members  onboard  the  space- 
craft, between  crew  members  onboard  the  spacecraft  and  EVA  and  other  space- 
craft . 

Alternatives  considered  in  defining  the  communication  subsystem  for  the  stage- 
and-one-half  include  the  link  method  of  communicating  between  the  ground  and 
the  spacecraft  (direct  or  via  satellite),  selection  of  frequency  bands;  multiple 
or  single  frequency  within  the  band,  critical  data  and  its  rate;  omnidirec- 
tional or  directive  antennas,  modulation  techniques,  signal  error  correcting 
techniques , and  spacecraft  communication  capability  during  reentry. 

The  communication  link  for  long  range  will  use  a low-power  transmitter  (may 
be  solid-state)  directly  to  the  ground  when  feasible,  with  additional  power 
amplifier  stages  to  go  to  the  communication  satellite  when  necessary.  The 
receiving  function  will  have  regular  front  ends  for  the  groxind  communication 
with  the  addition  of  a cryogenic  front  end  for  satellite  links.  Also,  the  antennas 
will  be  flush-mounted  on  both  top  and  bottom  of  the  vehicle  with  omndirec- 
tional  capability  to  the  ground,  and  electronically  controlled  directivity 
for  communication  with  the  satellite.  This  will  allow  the  use  of  minimum 
power  when  possible. 
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For  short-range  communication  during  ascent,  orbit  (to  EVA  and  other  spacecraft), 
rendezvous  and  docking,  and  landing,  a UHF  frequency  link  will  be  \ased.  This 
will  minimize  the  number  of  configurations  and  still  meet  the  FAA  control 
requirements  diiring  the  landing  phase.  The  UHF  antenna  configuration  must  be 
worked  into  the  vehicle  configuration  but  should  not  present  a major  techno- 
logical problem. 

The  UHF  link  is  used  primarily  for  short-range  communication  with  the  ground 
during  launch  and  landing;  with  the  Space  Station  during  rendezvous  and  docking; 
and  with  EVA  and  other  spacecraft  in  orbit.  This  link  can  also  be  used  as  an 
emergency  backup  in  the  case  of  troubles  in  the  other  links,  but  with  loss  in 
quality  of  informs  cion. 

The  S-band  link's  primary  use  is  for  long-range  communication  with  the  ground 
during  orbit,  when  contact  with  the  ground  is  available.  This  communication 
link  is  not  to  irequire  a large  groiind  network  system  implementation.  It  will 
be  used  only  when  a ground  station  is  available. 

The  satellite  commtmicatlon  link  requires  the  addition  of  power  for  trans- 
mission and  the  addition  of  low-noise  "front  end"  preamplifiers  for  receving 
signals  from  the  satellite.  The  exact  frequency  to  be  used,  the  exact  power, 
and  the  exact  noise  temperature  of  the  preamp  will  be  determined  when  a de- 
finite satellite  is  selected.  These  vinlts  may  have  separate  modvilator  driver/ 
receiver  demodulator  units  or  may  use  the  standard  ground  transmitter/i j- 
ceiver  with  proper  interfacing.  The  block  diagram  (Fig.  2.12-3)  shows  a 
separate  system  configuration. 

The  antennas  may  be  grouped  into  three  separate  antenna  systems  because  of 
the  three  separate  communication  links.  The  UHF  antenna  will  present  problems 
of  size  and  placement.  The  frequency  of  the  UHF  band  requires  large  openings 
(slots)  in  order  to  be  effective.  This  causes  problems  in  the  skin/structure 
configuration  of  the  vehicle.  Also,  the  need  for  UHF  during  docking  ani  landing 
means  that  a forward  and  down  beam  is  needed.  With  laianch  and  ascent,  a back- 
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ward  (tail)  beam  is  needed.  Therefore , the  slot  needs  to  be  near  or  on  the 
bottom  of  the  vehicle.  Further  detail  st\idles  are  needed  to  determine  the 
exact  size  and  position  of  this  antenna. 

The  requirements  of  omnidirectional  communication  patterns  during  orbit 
dictates  that  the  ground  S-band  link  must  have  an  antenna  on  top  and  bottom, 
at  least.  It  may  be  necessary  to  have  openings  in  the  side  of  the  vehicle 
also  to  cover  blind  spots.  These  slots,  being  smaller,  sho\ild  be  a lesser 
problem  than  for  the  UHF  case.  These  antennas  may  be  combined  with  the 
array  of  the  satellite  link  if  the  frequencies  are  common. 

The  satellite  link  antennas  become  a complex  phased  array  system  that  must  be 
coordinated  with  the  attitude  of  the  vehicle  to  keep  the  naz*row  beam  on  the 
satellite.  The  total  number  of  slots  needed  has  yet  to  be  determined.  The 
arrangement  becomes  quite  complex;  but  phased  array  antenna  system  technology 
is  developing  very  fast  and,  by  the  time  this  vehicle  is  operational,  will 
have  advanced  to  the  point  where  it  is  competitive  with  mechanical  systems. 

After  some  study  of  the  reliability  and  redundancy  requirements,  the  configur- 
ation shown  in  Fig.  2.12-3  was  derived.  The  headset,  mici*o;dione , amplifier, 
and  umbilical  cords  will  be  capable  of  being  plugged  into  the  other  side  of 
the  Intercom  station  (1  to  2,  2 to  1 ) in  an  emergency.  Using  S-band  as  an 
emergency  backup  for  UHF  (and  vice-versa)  will  keep  the  total  aqiiipment  require- 
ment reasonable,  but  still  give  full  emergency  capability.  The  satellite  com- 
munication can  be  used  in  all  phases  if  necessary,  thereby  giving  the  full 
fail -op-fail-op-fail -safe  capability. 

2.12.4  Control  Display 

The  control  and  display  (C&D)  subsystem  for  the  shuttle  must  have  the  capabil- 
ity to  support  onboard  checkout  and  autonomoiis  operation  without  ground  support. 
In  addition,  it  must  provide  controls  and  displays  req\iired  for  the  vehicle  to 
operate  as  a manned  spacecraft  and  as  an  aircraft.  The  combination  of  these 
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reqiiireinents  into  one  system  represents  a significant  developnent  task. 

The  basic  flight  program  for  the  spacecraft  is  planned  for  automatic  control, 
with  the  crew  providing  dynamic  monitoring  of  the  flight  display  management 
system  with  takeover  capability  provided  at  any  point  in  the  mission  profile. 
This  concept  strongly  suggests  an  Integrated  display  management  and  control 
system  in  addition  to  minimal  basic  flight  instruments. 

The  data  management  system  computer  system  in  cooperation  with  the  programmable 
control  display  system  would  automatically  configure  each  display  element  for 
the  next  sequence,  th\is  reducing  crew  task  time  considerably.  Inherent  in  this 
management  display  system  is  a built-in  computer  program,  which  commands  the 
display  system  to  return  to  the  automatically  programmed  configuration  as  the 
flight  progresses.  This  is  necessary  since  the  pilot  can  call  up  desired  in- 
formation, thereby  changing  his  displays  to  a highly  nonroutine  configuration. 
Thus,  the  pilot  cannot  become  "lost"  in  the  display  network  and  configuration. 
A simplified  control  command  is  provided  to  permit  him  to  reset  the  display 
system  to  the  automatic  mode,  thus  reestablishing  the  display  configuration 
to  that  particular  mission  mode  and  phase. 

Basic  control  and  display  requirements  or  goals  for  the  shuttle  are: 

(1)  Operation  by  a two-man  crew;  operable  by  one  from  either  seat. 

(2)  Minimization  of  number  of  displays  and  controls. 

(3)  Elimination  of  circuit  breakers. 

(4)  All-electronic  display. 

(5)  Optimization  of  display  area;  clarity  and  comprehension  of 
displayed  data. 

(6)  Interface  with  a data  bus  and  maximum  utilization  of  digital 
information. 

(7)  Complete  display  flexibility  and  adaptation  to  vehicular  system 
changes . 

(8)  Integration  of  the  display  tasks. 
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The  proposed  functional  control  ^nd  display  system  chosen  for  this  conceptual 
design  is  depicted  in  Pig.  2.12-4.  It  consists  of  two  electronic  attitTjde 
directors  (EADIs),  two  horizontal  sitviation  displays  (HSDs);  a multifunction 
display  (MPT),  two  groups  of  vertical  scale  indicators,  and  a group  of  dedi- 
cated instruments.  One  heads-up  display  (HUD)  is  used  to  improve  efficiency 
in  rendezvo^ls  both  for  space  station  and  uncooperative  satellites.  This 
selection  is  based  on  the  display  requiirements  known  at  this  time.  The 
two  crew  stations  are  identical  to  satisfy  the  requirements  for  op  ration  by 
one  man  plus  making  it  possible  to  display  to  the  second  crewman  the  same  in- 
formation as  the  pilot  sees  during  periods  of  critical  activity.  During  other 
mission  phases,  the  second  crew  station  displays  are  utilized  to  perform  sub- 
system checkout,  malfunction  isolation,  configuration  monitoring,  and  other 
housekeeping  activities.  A single  MPD  is  available  for  observation  by  both 
crew  members  with  mission  status,  configuration  and  action  required  cues  dis- 
played . 

The  entire  repetoire  of  displays  can  be  programmed  to  display  different  in- 
formation dtiring  variovis  modes  of  shuttle  flight.  Critical  events  or  status 
can  be  programmed  to  take  precedence  over  a noncritical  display.  Other  modes 
may  be  controlled  manually  by  the  crew,  or  the  formats  can  be  changed  auto- 
matically by  the  computer. 

Programmable  redundancy  is  incorporated  to  improve  reliability  and  conform  to 
the  reliability  requirements  of  the  shuttle. 

The  block  diagram  of  the  control /display  system  shown  in  Fig.  2.12-4  is  pre- 
sented to  show  the  flow  of  data  between  data  bus  and  display.  The  computer- 
managed  system  eliminates  the  requirement  for  separate  electronics  memory, 
formatter,  and  controls  for  each  display  system  by  combining  all  these 
functions  in  a computer-managed  \init  with  internal  redundancy. 
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2.12.5  Software 


Review  of  the  etatus  of  definition  in  the  areas  of  software  costs  has  led  to 
an  attempt  to  qvjantify  the  reqxiirements  in  some  detail  as  follows  (inclvded 
in  EM  L2-01 -03-MI -5 , Incremental  Two-Stage  Avionics  Development  Analysis , 
see  Appendix  6). 

The  software  requireii.ents  for  the  stage-and-one-half  avionics  was  examined 
in  some  detail  in  the  ILRV  Special  Elmphasis  Study  for  single— thread  design 
similar  to  the  present  concepts.  Pricing  has  been  developed  on  a gross 
basis  using  the  ILRV  summary  data. 

The  following  discussion  provides  an  extension  of  the  rationale  and  an  im- 
proved basis  for  cost  figures. 

Six  basic  software  packages  are  required  (assuming  the  independent  availability  * 
of  an  assembler  and  debugged  assembly  language).  They  are: 

• Substation  Controller 

• Vehicle  Control  Computer 

• Guidance  and  Navigation  Computer 

• Control  Display 

• Command  Control  Computer 

• Data  Management  Integration 

Estimating  software  is  a far  from  exact  science  and>  in  general ^ rests  on 
Imaginative  extrapolation  from  known  similar  tasks.  Some  work  has  been  done 
to  document  a methodology  and  to  provide  background  data  (Refs.  2.12-1  through 
2.12-4)  for  program  preparation  from  engineering  requirements.  Each  require- 
ment is  discussed  under  appropriate  headings  using  the  referenced  data  as 
indicated  (See  Appendix  2.12  for  estimating  curves). 
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Substation  Controller  - A program  averaging  20  words  per  signal  is  assumed 
within  the  SSCs  which  in  aggregate  totals  120K  words*  The  program  is  rela- 
tively simple  in  that  each  SSC  performs  as  an  independent  speeial-purpose 
computer  with  an  average  4K  word  memoiry*  It  is  assumed  that  the  basic  task 
for  each  SSC  is  functionally  identical;  therefore,  a single  development  pro- 
gram should  suffice  with  thirty  application  adaptations  involving  an  estimated 
60%  uniqueness  factor.  At  this  level,  a 1*5:1  ratio  is  assumed  between  in- 
structions and  memory  words. 

Development  based  on  operational  program  costs  (Refs*  2*12—1  and  —2)  is  27*8 
manmonths  which  at  an  assumed  cost  of  $2,5CX)*00  par  mm  amounts  to  |69*3K* 
Adaptations  based  on  utility  program  costs  is  $27K  each  for  thirty  SSCs 
or  tSlOK  for  design,  p>roductlon  and  tost  less  docrimentatlon* 

Documentation  costs  (Refs*  2.12-1  and  -2)  are  based  on  an  assumed  1000  pages 
for  the  development  0 $40*00  per  page  and  6000  pages  (20C  per  SSC)  for  the 
adaptation  at  $40*00  per  page  or  $280K* 

Total  cost  is  estimated  to  be  $l*l6M» 

Vehicle  Control  Computer  - A total  of  42K  words  (l8K  off  line)  of  memory  are 
involved*  Assuming  two  instructions  pei'  word  equates  to  84K  instructions* 

Based  on  operational  program  factors,  389  manmonths  of  effort  are  required 
at  a cost  of  $972. 5K*  Documentation  is  1800  pages  for  a cost  (©  $40*00  per 
page)  of  $72K* 

Total  cost  is  estimated  to  be  $1 .045M» 


Guidance  and  Navigation  Computer  - An  estimated  46K  words  (30K  off  line) 
applying  the  rationale  of  VCC  pricing,  equates  to  tl.OTM  for  design,  produc- 
tion, and  test  (DP  & T)  and  $76K  for  documentation. 

Total  cost  is  $1*146M* 
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Control  Display  - The  progrannnable  formate  of  the  multifunction  displays  aw 
assumed  to  be  supplied  from  the  command  control  computer  (COC)  and  are  covered 
under  that  heading.  Software  for  the  film  pack  and  tape-stored  technical- 
order  data  for  crew  support,  arrived  by  applying  a 1.3  factor  to  C-5  MADAR 
on-board  support  data  costs,  estimated  to  reqvilre  22^, 

Command  Control  Computer  - A total  memory  of  193K  words  (l65K  off  line),  are 
involved.  The  28K  computer  memoiT^  requires  $650K  for  DP  & T and  $60K  for 
documentation. 

Since  curves  do  not  exist  in  the  examined  literature  for  the  massive  l65K 
word  off  line  program,  the  value  of  3»500  manmonths  per  300K  instructions  is 
used,  employing  a very  modest  extrapolation  of  .the  data  (Refs.  2.12-1  and  -2). 
This  gives  an  estimated  $48.125M  for  DP  & T and  $858K  for  documentation  or 
I49.69M  total. 

Assiiming  one  half  of  the  software  development  is  accom;d.lshed  on  ground-based 
computers  at  a ratio  of  5.5  computer  ho\n*s  per  manmonths  (Ref.  2.12-2)  equates 
to  IIK  hours  of  computer  support  required  and  at  $400.00  an  hoxir  equates  to 

$4.4M. 

Data  Management  Integration  - No  explicit  rationale  has  been  identified  suit- 
able for  defining  this  task.  The  tasks  to  be  addressed  is  designing  the  pre- 
vously  identified  programming  elements  into  a imlfled  system.  Additionally, 
the  unified  system  must  be  implemented  in  triplicate  (quad  redxindant  CCC). 

One  may  also  speculate  that  the  integration  group  sho\ild  be  responsible  for 
coordinating  the  efforts  of  the  progranming  centers  developing  the  programs 
discussed  earlier.  Logically  the  basic  controlling  specification  shovild 
originate  and  be  maintained  in  this  effort. 

Ass\miing  this  effort  is  one  half  the  magnlt\jde  of  the  svmi  of  the  other  tasks 
(which  take  21,780  manmonths)  suggests  this  effort  may  cost  $54.45M  plus  docu- 
mentation costs  of  $500K  (assuming  roughly  half  the  cost  of  the  CCC  documenta- 
tion) for  a total  of  I54.95M. 
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The  above  coats  are  for  the  oonveralon  of  basic  engineering  requirementa  into 
machine  language  including  validity  testing  and  documentation.  The  engineering 
effort  reqxiired  to  define  the  programmer's  task  is  a significant  effort. 

Pending  a more  definite  measure  of  the  engineering  effort  required  to  define 
the  detailed  system  reqviirements  to  be  Implemented  in  the  software  package 
(e.g.)  signal  source ^ characteristics ^ destination^  enroute  operations ^ 
priorities^  etc.))  a ratio  of  1:4  is  assumed,  ^lat  iS|  it  is  assumed  one 
engineering  manhour  is  required  to  generate  the  requirement  and  four  pro- 
grammer hours  are  reqtiired  for  DP  & T in  implementing  the  engineers  request. 
This  rationale  establishes  5»445  manmonths  of  engineering  tl3.6lM  for 
the  engineering  definition  on  which  the  software  is  based.  A flat  $500K 
docmnentatlon  cost  is  ass\mied. 

The  total  cost  of  software  is  thus  $1 28 .451M. 

The  development  span  of  software  is  seen  to  be  critical  from  sheer  magnit\ide 
and  merits  particular  attention  as  a possible  driving  influence  in  the  develop- 
ment cycle  (Ref.  2.12—4).  Funds  and  time  do  not  penult  exploring  this  factor 
at  the  present)  however)  five  to  seven  years  are  required  with  a high  poten- 
tial for  delays  in  attaining  full  operational  capability. 
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Prorrnn  Doslf^n  and  Production 


Procran  Dpsign  arid  Production  includes  cost  factors  associated 
with  support  pi'ograns,  and  the  operational  programs  os  deter- 
mined by  the  constraints  of  personnel,  hardware,  and  opera- 
tional requirements. 

In  the  program  design  activity,  the  operating  system  description 
and  the  operational  specifications  are  used  to  create  the  detailed 
prograa-aing  specificutions.  Design  of  the  program  system  involves 
the  determination  of  its  broad  logical  subdivisions,  the  design  of 
an  executive  prograa  that  controls  the  sequencing  of  subprograms, 
the  design  of  the  data  base  stmeture,  the  allocation  of  computer 
storage,  and  the  specifications  for  any  utility  and  support 
programs  required. 

The  utility  programs  are  the  tools  with  which  other  programs  ore 
built.  Some  of  them  may  he  already  designed  and  available,  but 
usually  some  si>ceial  tools  will  have  to  be  designed  and  produced. 
Since  preparation  of  utility  programs  may  take  many  months,  both 
this  tine  and  the  associated  cost  must  be  considered  in  the  costing 
of  the  operational  program. 

Tlvc  factors  in  this  category,  as  in  Operational  Design,  center 
around  the  f'jcstion,  "How  clearly  understood  are  the  (program) 
requirements?"  Again,  completeness,  clarity,  and  detail  combine 
to  act  as  a damping  factor  on  cost.  Additionally,  the  program 
design  factors  include  size  and  complexity. 

(l)  Wimbcr  of  computer  progroa  instructions  and  the  types 
of  nrogrems  that  must  be  produced. 

Sheer  magnitude  is  a critical  factor  in  allocating  both  resources: 
non  and  computer  time.  As  a numerical  entity,  it  is  the  basis  for 
many  of  the  rules  of  thumb  currently  in  use  by  managers.  Despite 
its  importance^  little  research  has  been  done  to  develop  reliable 
methods  for  estimating  the  number  of  instructions.  Very  often, 

these  estimates  turn  out  to  be  grossly  Inaccurate.  One  humorous 
observation  on  this  situation  was  made  by  J.  W.  Garwick:  "Pro£?rams 

do  always,  get  K times  larger  than  a first  thorough  calculation 
Indicates.  I use  K « tt."* 


In  the  design  of  huslncss  dnta-processlng  systens,  the  nuriber  of 
' instx^ictlons  has  been  poorly  estimated.  The  Controller's  Lnstitute 
soys:  "From  the  detailed  flow  chart,  the  number  of  instructions 

required  to  carry  out  the  operation  must  then  he  determined.  This 
is  possibly  one  of  the  phases  which  has  caused  the  ©neatest  trouble 
to  most  companies,  since  most  EDP  cproups  have  at  one  tire  or 
another  seriously  \mderectinated  the  number  of  instructions  re- 
quired. Most  companies  report  that  their  estimates  become  more 
accurate  as  they  gain  more  experience  in  procramlng  work,  but 
they  still  are  forced  to  do  a great  deal  of  educated  guessing, 
based  on  a subjective  evaluation  of  the  conplexitj’  of  the  current 
operation  as  compared  to  one  previously  programmed. ..  .E\'cry 
coai>any  we  visited  added  a substantial  safety  factor  varying  fron 
20  per  cent  for  a company  which  claimed,  due  to  experience,  a 
reasonable  accxiracy  in  its  estimating  procedures,  to.  ^0  per  cent 
for  a company  which  had  found  itself  that  far  oit  on  a previous 
estimate."** 

An  experienced  estimator  examining  a proposed  system  that  will 
have  many  similarities  to  previous  systems  may  predict  the  number 
of  instructions  with  some  accuracy.  This  is  the  cacc  with  some 
command  and  control  system  progrann  that  are  designed  in  an 
evolutionary  manner— that  is,  hy  a scries  of  models  or  phases. 

For  example,  some  cost  guides  for  the  4251*  progre.”!  for  the  KCPAD 
Combat  Oi-crations  Center  have  heen  developed  based  upon  earlier 
versions  of  the  program  system.  The  instruction  estLcates  are 
based  vipon  number  of  registers  for  status  and  summary  t;,'po 
messages,  for  display  manipulation  functions,  for  Input/cutput 
tables,  and  so  forth.  Unfortunately,  program  histories  and  costs 
are  not  often  documented  in  sufficient  detail  (such  os  this)  to 
be  useful  in  preparing  such  guidelines. 

When  no  experience  with  a similar  system  is  available,  the  number 
of  instructions  is  much  more  difficult  to  predict,  since  it  can 
be  done,  under  the  current  state-of-the-art,  only  hy  weighing 


*Leth-Espensen,  J.,  On  the  General  Problem  of  Compatibility  of  Cemruter 
Pro.*orar.s  and  the  Particular  Diffioultlcs  Dabodied  in  Prora’arrdn'^  for 
Larpo-Scale  Dof enr.e  Systems^  IJATO,  unclassified,  ASTIA  Document  273  710, 
p.51. 

*» Business  Experience  with  Electronic  Comnutere,  New  York,  Controller's 
Institute  Research  Foundation,  1959>  p»lll» 
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rubjcctively  nany  of  the  factorc  listed  in  this  paper  sueh  os  the 
3 crfoi*manee  of  the  eompilcr,  the  natvurc  of  the  hardvarc,  etc. 

One  pronto inc  quantitative  approach  has  heen  sucecsted  hy  one  of 
our  associates.'*'  For  a United  sample  of  progran  systens^  he  has 
denonotrated  certain  consistencies  in  the  relationship  hetween 
the  frequency  of  occurrence  of  the  decision  class  of  ins'tructlons 
and  the  total  number  of  instructions  in  the  program.  This  may  be 
an  important  step  toward  estimating  Instructions  directly  from 
operational  requirements . 

With  an  estimate  of  the  number  of  instructions,  nenagers  ha've 
estimated  cost  in  terms  of  the  nvunber  of  man  months  and  computer 
hours.  (Kunber  of  instructions  refers  to  machine  language 
instructions.)  In  some  prior  work  at  SDC,  it  appeared  from  a 
small  sample  that  the  to'tal  number  of  man  months  is  an  exponential 
function  of  program  size.  Figure  2 is  based  upon  the  results  of 
implementing  eleven  program  systems.  The  dashed  line  is  200 
instructions  per  man  month,  a frequently  used  rule  of  thumb  for 
large  programs.  Attempts  to  explain  this  nonlinearity  (the  devia- 
tion from  the  rule  of  thumb)  include  recognition  of  such  factors 
as  Increases  in  communication  and  coordination  and  increased 
complexi'ty  in  the  larger  programs  that  may  require  an  Increased 
amount  of  labor. 

In  work  on  smaller  programs  or  program  systems  (of,  for  example, 
less  than  10,000  instructions),  data  showed  rates  ranging  froo 
UOO  to  1000  Instructions  per  man  month  for  Ir.di'vldual  programs. 

A further  analysis  of  the  data  shown  in  Figure  2 revealed  that 
an  average  of  225  insti*uc  tlons  per  man  month  are  produced  for 
opcratioral  programs,  and  311  per  nan  month  for  utility  programs 
(see  figures  2a  and  2b).  One  possible  explanation  for  the  lower 
cost  of  utility  programs  is  that  the  prog-a.-a  developer  is  the 
user  and  therefore  can  write  his  own  requirements  with  little 
external  coordination. 

A similar  investigation  of  the  relationship  hetween  nu.mber  of 
instructions  and  number  of  computer  hours  has  resulted  in  the 
hypothesis  that  the  number  of  compu'ter  hours  used  to  develop  a 
large-scale  program  is  directly  proportional  to  the  program  size. 
Figure  3 is  based  on  experience  with  seven  large  program  develop- 
ment efforts.'*'*  A s'tatlstical  analysis  of  these  data  Is  given  la 

'*  Bleier,  R.  E.,  Frcmiency  Analysis  of  Machine  Ins'tructions  In  CotnrTuter 

Pro'rram  Systems.  IM-1603.  19  November  106^.  ’ 

'**ynnnr;cncnt  of  Computer  Prorgramminf;  for  Command  and  Control  Systems. 

Kcirjie,  K.,  N.  Claussen,  and  V.  LaBolle.  System  Development  Corp., 

21-903,  8 May  1963. 
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Figure  2.  ton  Months  for  Prograjn  Design,  Production  and  Test  Versus  Prograa  Size 

This  figure  shows  the  costs  of  prograziniing  in  inon  months  as  a function  of  the  total  number  of 
instructions  written  (for  both  operational  and  utility  programs).  Because  the  data  arc  so  gross, 
no  attempt  was  cade  to  calculate  an  estimating  function.  The  curve  is  an  **cye-fit."  For  compar- 
ison,* a dashed  line  representing  a rate  of  200  instructions  per  man  month,  a popular  rule  of  thumb, 
has  been  inserted.  In  this  range  of  program  size,  it  appears  that  the  cost  of  programming  is  an 
exponentiol  function  of  program  size.  This  nay  be  due  to  such  factors  as  increases  in  communica- 
tion and  coordination  and  increased  complexity  in  the  larger.  Interrelated  programs. 
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Figure  3.  Computer  Hours  Used  as  a Function  of  Program  Size 


Appendix  II  shove  the  calculations  to  arrive  at  a least-squares  fit  to  these  data 
points.  Ihe  resulting  equation  is  y ■ -17^.3  21.7x  where  y ■ computer  hours  and 

X ■ machine  instructions  in  thousands. 


Appendix  II  to  llluctratc  whnt  could  be  done  vlth  a greater 
quantity  of  core  reliable  data.  In  this  cane,  the  rccviltlng 
equation  euffero  from  insufficient  and  unreliable  data,  and  vould 
be  useful  for  estimating  computer  time  only  if  an  occuratc  means 
were  available  of  estimating  number  of  instructions. 

In  the  case  of  the  relationship  of  number  of  Instructions  to  min 
months,  the  curves  in  Figures  2a  and  2h  are  eye-fits  and  should 
be  interpreted  only  as  a first  approximation,  particularly  since 
the  data  depicted  were  not  entirely  consistent.  To  be  valid, 
these  plots  comparing  data  require  clear  definitions  of  program 
^ products,  performance  characteristics  and  quality  measures.  For 
; example,  in  measures  of  number  of  machine  language  Instructions, 
program  systems  should  be  classified  as  to  the  percentage  of 
instructions  derived  from  subroutines  and  from  previous  versions 
of  the  same  program  system. 

(2)  Ihimber,  types,  and  frequency  of  inputs  and  outputs  to 
the  ftonm>itftr(s ) . 

In  addition  to  influencing  the  cost  of  the  program,  the  number 
and  variety  of  inputs  and  outputs  to  and  from  the  computer  may 
be  a clue  to  the  size  of  the  program  needed.  In  any  event,  the 
greater  the  number  of  inputs  and  outputs,  the  greater  the  expense 
of  both  the  operational  and  the  program  design.  Increased  input- 
output  capability  implies  increased  capability  of  both  equiismcnt 
and  programs,  and  correspondingly,  the  increased  analysis  to  Insur- 
compatibility  with  the  input-output  terminals. 

Other  input-output  factors  that  Influence  cost  are  the  rate  of 
arrival  (or  departure)  for  messages  and  the  amount'  of  format 
conversion,  l.e.,  pre-  or  postprocessing,  needed.  Higher  rate  of 
input-output  is  more  costly,  and  obviously  the  more  processing 
required  for  input  or  output  data,  the  greater  the  cost. 

(3)  Extent  of  Innovation  rooulred  in  the  prorron  system; 
that  is,  the  dercree  to  which  T)rcgrai.is  are  similar  in 
nature  to  those  nrcvlously  written. 

If  programs  to  bo  developed  will  be  similar  to  proYlousJy 
develi^ped  programs,  such  as  in  the  mathematical,  clerlcel,  or 
logical  areas,  and,  ‘his  similarity  is  recognized,  the  cost  of 
progremming  the  new  system  will  clearly  be  less.  For  example, 
the  availability  of  i-eliablc,  well  docmentod  utility  and  support 
programs  will  help  reduce  costs.  The  prieiary  point  is  that  the 
development  of  new  program  applications  wi?.l  result  in  increased 
costs. 
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One  approach  to  the  development  of  new  ond  unique  proc'ams  lo  to 
test  fcaslhility  with  experincntal  or  prototype  progrono.  Although 
it  is  ccctly  to  design  and  test  a prototype  or  experimental  program, 
this  reduces  the  impact  of  innovation  and  so  provides  savlngo  In 
over-all  program  design.  It  also  clarifies  requirements  and 
operating  procedures,  and  program  development  techniques,  enabling 
the  operational  program  to  bo  developed  with  more  confidence  and 
fever  errors.  The  quantitative  trade-off  relationship  between 
the  coot  of  a prototype  and  the  savings  that  result  from  It  is 
not  known. 

(h)  :r-a-.bcr,  typos,  and  quolity  of  publications 

ana  documentation  for  both  customer  and  Internal  use. 

Docunentatioa  is  an  inherent  part  of  programming,  though  its 
cost  and  e.'Ctent  are  often  underestimated.  The  experience  data 
shown  in  Figure  U suggest  that  the  number  of  pages  of  formal 
doc\i:r.entatlon  is  linearly  proportional  to  the  total  number  of 
instructions  in  the  program. 

Some  rules  of  thumb  used  to  estimate  the  amount  and  cost  of 
documentation  are  as  follows: 

(a)  Appreximately  10. 5 pages  of  documentation  are  needed  per 
thousand  lines  of  program  code. 

(b)  A drafting  rate  is  3 bo  5 pages  (750  to  1250  words)  per 
man  day. 

(c)  Technical  review  rates  of  20  pages  per  man  day  eu:e  average 
and  m£i'  range  to  50  or  100  pages  per  day. 

(d)  lypir^S  rates  average  15  to  20  pages  per  man  day. 

(e)  Illustrations  in  line  drawing  (e.g.,  flow  charts)  average 
appraxlrately  40  pages  per  man  doj',  and  revision  of  these, 
up  to  So  pages  per  man  day. 

(f)  Duplication  of  a large  document  is  at  a rate  of  about 
25,000  pages  per  nan  day;  this  rate  varies  considerably 
with  the  process. 

From  these  rules  of  thumb,  a reliable  prediction  of  documcntatloa 
costs  is  feasible’,  given  reliable  knowledge  of  the  over-all  size 
and  scope  of  the  x>?oJect  in  terms  of  documentation  reqvilrements* 
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Pogcj  of  Documcntotlon 


Number  Machine  Instructions  (Thousonas) 

Figure  U.  Number  of  Pages  of  Contract  Re<iulred  Docucentation 

Versus  Program  Size 


Data  here  are  for.  five  program  systems.  Pages  of  documentation  refer 
to  the  number  of  contract  images  of  d«.  eumeatation  actually  produced. 
TL.C  graph  suggests  that  program  size  xn  this  range  and  number  of  pages 
of  contract-rcq,ulred  documentation  arc  linearly  proportional;  it  also 
illustrates  the  recognition  of  documentation  as  « major  integral  x\rt 
of  prognusalng  for  coiouand  and  control  systems*  .> 

* . • * 
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2.13  FLIGHT  CONTROL  SYSTEM 

Flight  control  system  activity  was  primarily  directed  at  establishing  require- 
ments that  the  flight  control  system  Imposes  on  the  other  subsystem  such  as 
propulsion,  electric  power,  loads  and  dynamics,  euid  vehicle  design.  To 
achieve  these  objectives,  prellmiMury  control  concepts  for  the  ascent  and 
approach- landing  phases  were  developed  and  demonstrated  in  computer  simulation. 
However,  the  scope  of  the  study  did  not  permit  any  appreciable  level  of  control 
system  optimization. 

2.13.1  Vehicle  Control  During  Ascent 

During  ascent,  the  critical  control  phase  occurs  after  liftoff  and  throxigh  the 
region  of  high  dynamic  pressure  (q)  . In  this  flight  phase,  control  require- 
ments were  evaluated  using  the  stage-and- one-half  configuration.  All  computer 

T evalxxation  of  vehicle  control  concepts  were  based  on  the  wind  profile  shown 

) 

in  Fig.  2.13-I.  A 6-D  computer  simulation  was  used  with  the  disturbance  applied 
as  a head,  tall,  and  side  wind. 

This  study  has  shown  that  the  3»clng  control  problem  for  vehicles  of  the 

shuttle  class  occurs  in  the  roll  axis.  The  reason  is  that  a relatively  high 

rolling-moment  proportional  to  C«  is  induced  on  the  vehicle  in  a sidewind 

B . . 

condition.  Since  the  rolling  moment  is  proportional  to  the  sideslip  eui^e  ( 0 ) , 
limiting  the  angle  (0)  to  small  values  at  any  flight  condition  is  an  important 
design  consideration. 

The  sideslip  angle  (g)  can  be  controlled  using  lateral  acceleration  or  (0)  feed- 
back to  the  yaw  axis.  This  alone  does  not  maintain  B at  the  low  values 
required  for  limiting  the  Induced  aerodynamic  rolling  moments  to  the  levels 
desired.  With  all  engines  deflected  for  roll  control,  the  available  control 
torques  are  generally  not  sufficient  to  maintain  a fixed  roll  attitude  with 
the  design  dlstrubances  considered. 

f 
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Fig.  2.13-1  Ascent  Phase  Wind  Profile 


The  question  that  arise  is  "What  exactly  are  the  roll-attitude  constraints 
for  shuttle  vehicles  during  the  ascent  phase?"  An  evaluation  of  the  required 
roll-attitude  constraints  has  shown  that  a fixed  attitude  has  to  he  maintained 
during  liftoff  to  clear  all  structural  support  fixtures.  Also,  fixed  roll 
attitude  is  desired  at  sepeuratlon/staglng  to  steurt  the  return  maneuver  for  the 
booster  or  to  Jettison  the  tanks  of  the  steige-and- one-half  configuration  in  a 
preferred  vehicle  attitude.  Between  the  initial  and  final  points  of  the  first- 
stage  ascent  trajectory  no  fixed  roll-attitude  constraints  are  generally 
indicated.  The  following  additional  observations  on  the  roll-attitude  con- 
straints can  be  made ; 

a.  For  vehicles  flown  without  any  Intentional  lift  bias,  guidance 
accuracy  and  path  control  are  essentially  independent  of  the  roll 
orientation. 

b.  Limited  roll  excursions  should  not  induce  any  pilot  disorientation. 
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c.  From  the  standpoint  of  vehicle  design,  the  primary  criteria  for 

the  roll  axis  should  be  limiting  of  roll  rate  and  roll  acceleration. 

With  the  roll-attltwide  constraint  relaxed,  6-D  comimter  simulations  have  shown 
that,  by  allowing  the  vehicle  to  seek  Its  preferred  roll  attitude  when  It 
encounters  severe  winds,  loads  and  the  req\ilred  glmbal  deflections  cem  be 
reduced  considerably.  Various  arrangements  of  glmballed  engines  were  evalxiated; 
three  systems  examined  In  detail  are  shown  In  Fig.  2.13-2  (also.  Ref.  2.13-1). 

Control  during  ascent  was  simulated  for  all  systems  using  the  wind  conditions 
discussed.  Normal  and  single  englne-out  operations  were  considered.  Con- 
flgtiratlon  1 has  the  lowest  torque  capability  In  roll.  Figure  2.13-3  shows 
the  roll-channel  time  histories  for  this  system  with  all  engines  operating  and 
with  engine  1 shut  down.  ^e  maxlmvmi  allowable  glmbal  deflection  used  In  all 
runs  was  set  at  + 7 deg  In  either  pitch  or  yaw.  Table  2.13-1  summarizes 
pertinent  data  for  all  three  configurations  shown  In  Fig.  2.13-2  and  with  all 
engines  glmballed.  The  flight  condition  selected  Is  at  the  time  of  maxlmvim 
dynamic  pressiure  (t  = 75  sec).  Note  the  small  difference  In  the  raaxlmvua 

roll  rate  with  all  engines  glmballed  (I.70  deg/sec)  and  configuration  1 
(1.76  deg/sec).  With  engine  1 o\it,  configuration  1 reached  a maxlmiam  roll 
excursion  of  31  • 5 deg.  All  simulation  r\ms  were  performed  using  the  ascent 
trajectory  defined  In  Ref.  2.13-2. 

Flgxires  2.13-^  and  2.13-5  show  the  control  system  configuration  used  for  roll 
and  yaw.  For  the  runs  summarized  In  Table  2.13-1,  the  roll-attitude  gain  (w), 
the  yaw-attitude  gain  (H),  and  the  lateral  acceleration  gain  (G)  were 
time- scheduled  as  shown  In  Table  2.13-2. 

The  simulated  stage- and- one- half  configuration  Is  sufficiently  stable  (statically) 
In  pitch  so  that  satisfactory  control  can  be  provided  using  Just  attltxide  and 
attitude-rate  feedback.  Load  relief  with  acceleration  feedback  was  not  deemed 
required.  The  constant  control  system  gains  used  for  the  stage-and- one- half 
simulation  are  summarized  In  Table  2.I3-3. 
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Pig.  2.13-2  Three  Systems  Evaluated  By  6-D  Computer  Simulations 
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ALL  ENGINES  OPERATING 


ENGINE  NO.  i SHUTDOWN 


Fig.  2.13-3  ACS  Stage-and-One-Half  Five-Gimballed- Engine  Configuration  No.  1: 
Roll  Attitude  and  Rates  With  Sidewind 
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Fig.  2,13-5  Boost  Phase  Yaw  Control  TVC  Logic 
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Table  2.13-1 

SUMMARY  OF  DATA  FOR  THREE  CONFIGURATIONS 


Config’ifation 

Engine 

Out 

Maximum 
Roll  Rate 
(t  = 75) 
(deg/sec) 

MBTlntum  Gimbal 
Deflection 
(t  - 75) 
Ueg) 

Aven  ge  Gimbal 
Deflection 
(t  = 75) 
(deg) 

1 

None 

1.76 

7.00 

3.7'+ 

1 

1 

2.84 

7.00 

4.77 

2 

None 

1.70 

6.49 

1.91 

2 

1 

2.47 

7.00 

2.09 

3 

None 

1.70 

5.78 

2.05 

3 

6 

2.38 

6.55 

2.20 

All 

None 

1.70 

3.25 

0.95 
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Table  2.13-2 

SWITCHED  GAIN  SCHEDULES 


Gain 

W 

G 

H 


Time  From  Liftoff  (sec) 

0-36  30-100  <36 

0 0 1 

0 10 

1 0.2  1 


Table  2.13-3 

CONSTANT  CONTROL  SYSTIM  GAINS 


I /k 
x'  p 

= 0.67  secj 

K A 

P'  X 

= 0.67 

sec 

I A 
v'  q 

= l.Ul  sec 

K A 
q y 

= l.ifl 

sec 

hK 

= 1.4l  sec 

K /K 
r'  z 

= 1.4l 

sec 

To  realize  the  required  control  torques  with  the  minimum  gimbal  deflections, 
the  simulations  incorporated  a gimbal- selection  logic  that  minimizes  the  sum 
of  the  squares  of  gimbal  deflections.  Reference  2.13-1  presents  the  underlying 
mathematical  development  of  this  gimbal  selectlcai  logic.  Is  is  feasible  to 
assign  such  an  additional  constraint  on  the  control  logic,  because  a freedom 
exists  in  selecting  gimbals  for  differential  deflection  for  roll  control.  This 
approach  not  only  minimizes  the  maximum  gimbal  deflection  reqvilrements  but,  in 
effect,  will  reduce  the  bending  moments  on  the  vehicle  — l.e., 
minimized  as  the  sum  of  the  squares. 

Based  upon  simulation  studies  of  alternate  gimballing  arrangements  for  the 
stage-and- one-half  configuration  described  above,  it  was  established  that  the 
vehicle  can  be  controlled  adeqviately  using  five  gimballed  engines  only.  The 
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maximum  loads  with  am  engine  out,  at  the  time  of  maximum  dynamic  pressure, 
were  limited  to  the  values  given  helow 


qe 

qa 


*’■  Vx 

rt 

at  < 1,200 


•nie  final  configuration  is  shown  in  Fig.  2.13-6.  This  configuration  was  pre- 
ferred over  configuration  1 shown  in  Fig.  2.13-2,  primarily  because  it  provides 
increased  roll- torque  capability. 

No  control  studies  were  performed  for  the  9 engine  configuration.  This 
configuration  has  5 out  of  the  total  of  9 engines  gimballed.  Since  each  engine 
produces  a higher  thrust,  the  nine  engine  configuration  with  the  Inverted 
W gimballlng  arrangement  provides  even  higher  roll  torque  capability  than 
the  configuration  shown  in  Pig,  2.13-6 


Fig.  2.13-6  Preferred  Five-Gimballed  Engine  Arrangement 
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2,13.2  Vehicle  Control  During  Approach  and  Landing 

Analysis  and  simulation  studies  performed  for  the  approach  and  landing  phases 
have  emphasized  manual  flying  capabilities.  ^fanual  flying  quality  require- 
ments place  the  more  severe  response  requirements  on  the  flight  control  system 
when  compared  to  automatic  systems. 

Computer  simulation  studies  and  manual  flight  simulations  have  shown  that  good 
flying  qualities  can  be  achieved  during  the  approach  and  landing  phase  of  the 
delta-body  through  the  use  of  proper  stability  augmentation. 

Flight  control  system  design  for  the  aerodynamic  flight  phase  requires  that  the 
sideslip  angle  (g)  Is  held  to  very  low  values  during  rolling  maneuvers. 

This  Is  primarily  dictated  by  the  large  negative  values  of  Cj^  , a 
characteristic  of  all  shuttle  vehicles.  This  requirement  becomes  even  more 
significant  with  increasing  values  of  or  , since  C|^  Increases  with  angle- 
of-attack,  particulary  at  subsonic  Mach  numbers.  Also,  with  manual  control 
capabilities,  it  is  desirable  that  the  induced  yaw  is  all  adverse.  Proverse 

yaw  (l.e.,  negative  0 during  a positive  rolling  maneuver- roll  to  the  right) 
is  generally  not  acceptable. 

Acceptable  steady- state  angular  rate  vehicle  capabilities  are  not  only  a require- 
ment for  manual  control  but  are  dictated  by  proper  design  for  gust  conditions. 
Experi  .ce  has  shown  that  the  maximum  roll-rate  requirements  must  be  evaluated 
in  conjunction  with  the  effective  roll-time  constants.  Pilot  evaluation  of  delta- 
body  orbiter  manual  flight  at  the  Lockheed  Rye  Canyon  facility  has  shown  that 
maximum  roll  rates  of  the  order  of  10  deg/sec  are  sufficient,  provided  a 
sufficient  roll  acceleration,  as  measured  by  the  roll-time  constant  (r^) , exists. 
The  latter  requirement  is  dictated  by  roll  recovery  during  gust  upset  near 
landing. 
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The  pacing  consideration  for  the  design  of  the  pitch  axis  control  system  with 
manual  capahllltles  Is  sufficient  pitch  rate  of  the  vehicle.  Limiting  the 
maximum  pitch  rate,  as  throvigh  excessive  rate  feedback,  will  cause  saturation 
of  the  control  system  In  severe  gust  and  will  make  the  vehicle  sluggish  for 
manual  control. 

A candidate  system  for  manual  control  is  shown  In  Fig.  2.13-7*  This  system 
has  evolved  from  delta-body  simulation  studies  performed  at  Lockheed/Sunnyvale 
€md  has  performed  well  In  the  simulator  evaluation.  Key  system  elements  include 
a roll-yaw  crossfeed,  lateral  acceleration  feedback  through  a low-pass  filter 
to  the  yaw  channel,  and  rate  feedbacks  in  yaw  and  roll.  Also,  roll  coordination 
assist  is  provided  by  (gA)  sin  0 feedback.  Tlie  roll-yaw  crossfeed  is 
necessitated  by  the  high  values  of  C|  to  counteract  the  vehicle's  tendency 
to  roll  out.  Lateral  acceleration  feedback  helps  to  limit  steady- state  sideslip. 

With  moderate  gain  scheduling,  this  system  provides  acceptable  response  In  all 
axes.  The  key  element  for  the  roll  axis  is  the  proper  adjustment  of  the  cross- 
feed gain  (see  Fig.  2.13-8).  Experience  has  shown  that  in  addition  to  , 

a limiting  factor  in  achieving  good  roll- rate  capabilities  is 
reason  is  because  as  the  rudder  is  deflected  during  a rolling  maneuver  to 

coordinate  the  turn,  a large  jxjsitive  value  of  C*  will  further  Inhibit  the 

0 R 

roll  for  a vehicle  with  adverse  yaw;  this  is  a characteristic  of  all  delta  con- 
figurations. To  extend  the  roll- rate  capabilities  generally  reqxalres  seme  form 
of  destabilization,  such  as  using  a roll- rate  signal  input  to  the  rudder  for  the 
system  shown  in  Fig.  2.13-7* 

Pitch-axis  control  concepts  evaluated  for  the  aerodynamic  return  phase  of  the 
delta-body  emphasized  various  forms  of  pitch- rate  command  systems.  Generally, 
these  systems  have  been  especially  successful  in  modem  aircraft  in  which 
manual- control  capability  is  emphasized.  In  such  systems,  a pitch-attitude  loop 
in  the  form  of  an  attitude-hold  avttopilot  mode  is  provided.  Forms  of  rate 
command  systems  evaluated  Include : 

a.  Pure  pitch  rate  command 

b.  Blended  feedback  control  (C*) 

c . Pitch  damping 
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Fig.  2.13-8  Lockheed  Two-Stage  Delta-Body  Orbiter:  Rate  Connnand  System  Linear  Step  Response 
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A pitch-axis  rate  command  system  represents  the  simplest  form  of  augmentation 
for  statically  stable  and  unstable  vehicle  configurations.  Using  a fairly 
hlgh-galn  rate  feedback  loop,  the  system  commands  a vehicle  pitch  rate  propor- 
tional to  the  Input  signals  By  limiting  the  maximum  command  Input  signal, 
the  system  suppresses  any  vehicle  pltchup  tendencies,  generally  occurring  at 
transonic  high  cr  flight  conditions. 

By  Incorporating  a high- pass  filter  In  the  rate  feedback  loop,  as  shown  in 
Fig.  2.13-7,  a pure  rate  command  system  can  be  converted  to  a rate  damping 
system.  Hils  requires  a filter  time-constant  setting  below  the  control 
frequency.  Rate  damping  systems  are  used  generally  with  aerodynamically 
stable  configurations. 

2.13.3  Actuation  Requirements 

A preliminary  analysis  of  actuation  requirements  for  the  aerodynamic  surfaces 
Is  presented  in  Ref.  2.13-3.  These  requirements  are  primarily  based  on  control 
concepts  using  an  automatic  control  system.  Manual  flight- control  simulation 
indicates  that  during  the  aerodynamic  approach  and  landing  phases  the  control- 
surface-deflection  rate  capabilities  for  the  horizontal  control  surfaces  and 
the  rudders  should  be  increased  to  above  I5  deg/sec. 

Control  concepts  presently  used,  in  i>articvilar  during  manual  control  below 
M * 2.0,  utilize  the  upper  flaps  (negatlve-up  deflection  only)  in  conjunction 
with  the  horizontal  control  surfaces  for  roll.  This  dictates  deflection-rate 
capabilities  for  the  upper  flaps  comparable  to  the  other  control  surfaces. 

The  lower  part  of  the  movable  vertical  surfaces  is  primarily  utilized  for  drag 
modulation  during  approach.  Th\is,  the  deflection  for  these  surfaces  Is  In 
one  direction  only  with  deflection- rate  capabilities  below  5.O  deg/sec. 
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